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NOTICE 


When  Government  drawings,  specifications,  or  other  data  are 
used  for  any  purpose  other  than  in  connection  with  a definitely 
related  Government  procurement  operation,  the  United  States  Govern- 
ment thereby  incurs  no  responsiblity  nor  any  obligation  whatso- 
ever; and  the  fact  that  the  government  may  have  formulated,  fur- 
nished, or  in  any  way  supplied  the  srid  drawings,  specifications, 
or  other  data,  is  not  to  be  regarded  by  implication  or  otherwise 
as  in  any  manner  licensing  the  holder  or  any  other  person  or  cor- 
poration, or  conveying  any  rights  or  permission  to  manufacture, 
use,  or  sell  any  patented  invention  that  may  in  any  way  be  related 
thereto . 

This  report  contains  the  proceedings  of  the  5th  U.S.  Air 
Force/Federal  Republic  of  Germany  Data  Exchange  Agreement  Meeting 
covering  many  investigations  conducted  in  both  the  United  States 
and  the  Federal  Republic  of  Germany  as  part  of  the  Data  Exchange 
Agreement  number  AF-68-G-7416  entitled  "Boundary  Layer  Effects." 

The  meeting  was  sponsored  by  the  Air  Force  Flight  Dynamics  Labor- 
atory and  was  held  on  28/29  April  1976  in  the  Air  Force  Wright 
Aeronautical  Laboratories'  auditorium  at  Wright-Patterson  Air 
Force  Base,  Ohio. 

The  contribution  from  the  United  States  was  research  per- 
formed within  the  Air  Force  Flight  Dynamics  Laboratory  and  other 
agencies  such  as  the  U.S.  Army,  U.S.  Navy,  N.A.S.A.,  and  various 
American  Universities. 

The  contributions  from  the  Federal  Republic  of  Germany  were 
research  programs  performed  at  various  DFVLR  laboratories  such  as 
those  of  Gottingen  and  Porz  Wahn.  In  addition,  data  was  pre- 
sented on  research  carried  out  at  Universities  at  Karlsruhe, 

Berlin,  and  Hamberg  as  well  as  various  Aircraft  Oompanies  with 
the  Federal  Republic  of  Germany  were  also  presented.  ^ 

The  research  reported  was  conducted  from  June  1975  to  April 

1976. 

This  report  has  been  reviewed  by  the  Information  Office 
(ASD/OIP ) and  is  releasable  to  the  National  Technical  Information 
Service  (NTIS).  At  NTIS  it  will  be  available  to  the  general  pub- 
lic, including  fore  n nationals. 

Requests  for  this  report  should  be  directed  to:  U.S.  De- 

partment of  Commerce,  National  Technical  Information  Services, 
Washington,  D.C.  20230 

This  technical  report  has  been  reviewed  and  is  approved  for 
publication . 
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The  5th  U.S.  Air  Force/Federal  Republic  of  Germany  Data  Ex- 
change Agreement  Meeting  entitled  "Boundary  Layer  Effects"  numbered 

M. W.D.D.E.A.  AF-68-G-7416  was  sponsored  by  the  Air  Force  Flight 
Dynamics  Laboratory.  It  was  held  on  28/29  April  1976  in  the  Air 
Force  Wright  Aeronautical  Laboratories'  Auditorium  in  Bldg.  450  at 
the  Wright -Pat terson  Air  Force  Base,  Ohio.  This  report  contains 
the  detailed  proceedings  of  that  meeting.  It  contains  both  theore- 
tical and  experimental  data  covering  a great  variety  of  topics  in 
the  area  of  boundary  layers.  The  speed  range  is  from  subsonic  to 
hypersonic  Mach  numbers.  The  types  of  boundary  layers  were  lami- 
nar, transitional,  and  turbulent;  both  fully  attached  and  separated. 
Some  similar  problems  in  the  area  of  hydrodynamics  are  also  in- 
cluded . 

The  experimental  research  includes- investigations  of  Magnus 
effects  at  supersonic  speeds,  high  Reynolds  numbers  boundary 
layers,  shock-wave  boundary  layer  interactions  at  transonic  and 
hypersonic  Mach  number,  turbulent  separated  and  reattached  flows, 
as  well  as  the  influence  of  turbulence  levels  in  the  free  strain 
on  the  development  of  boundary  layers. 

The  theoretical  work  is  mainly  concerned  with  computer  solu- 
tions of  the  Navier  Stokes  equations  higher  order  boundary  layer 
equations,  and  unsteady  boundary  layer  equations.  Also  included 
are  new  turbulence  models  and  engineering  approximation  methods 
for  the  three-dimensional  boundary  layer  case. 

One  paper  was  not  received  in  time  to  appear  in  these  pro- 
ceedings. The  paper  was  titled  "Heat  Transfer  From  a Rotating 
Disc"  by  Dr.  Tuncer  Cebeci  of  the  Douglas  Aircraft  Company,  Long 
Beach,  California. 

The  paper  of  Dr.  Joseph  Ntervin  of  the  Ames  Research  Center, 

N. A.S.A.;  Moffet  Field  California  was  originally  presented  as  an 
AGARD  paper.  The  Air  Force  Wishes  to  thank  NASA  for  permitting 
Dr.  Ntervin' s participation  in  this  D.E.A.  meeting. 
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WELCOMING  REMARKS 


Demetrius  Zonars 

Air  Force  Flight  Dynamics  Laboratory 
Wright-Patterson  Air  Force  Base,  Ohio 


The  Air  Force  Flight  Dynamics  Laboratory  is  most  pleased  to 
host  this  DEA  meeting  between  the  United  States  and  the  Federal 
Republic  of  Germany.  The  Laboratory  is  delighted  with  the  pro- 
gress under  this  DEA  and  often  times  it  is  referred  to  as  the 
model  Data  Exchange  Agreement  because  of  its  widespread  activity 
in  an  area  of  great  importance  in  aeronautics.  The  boundary  layer 
continues  to  be  a very  important  discipline  in  aerodynamics. 

Recent  experiences  of  contemporary  aircraft,  while  flying  at  high 
angles  of  attack,  have  indicated  flow  separation  which  can  lead 
to  many  unexpected  results.  We  have  found  aircraft  departure 
characteristics  to  be  influenced  strongly  by  the  asymmetrical 
shedding  of  vortices  on  the  lea  side  of  a symmetrical  shape.  This 
phenomena  causes  lateral  forces  which  contribute  significantly  to 
the  departure  aspects  of  aircraft  at  high  angle  attack.  May  I 
suggest  that  personnel  from  both  nations  examine  this  particular 
phenomena  as  a part  of  this  Data  Exchange  Agreement.  Solutions 
to  the  asymmetrical  loadings  would  be  a significant  contribution 
to  understanding  a phenomena  which  can  plague  the  aircraft  and 
missile  design  engineer.  This,  of  course,  is  only  one  of  many 
undertakings  in  this  joint  program.  Many  fine  developments  have 
come  about  as  a result  of  this  DEA  and  we  encourage  you  to  continue 
this  effort  with  great  vigor. 

I would  like  to  take  this  opportunity  to  welcome  you  all  to 
this  joint  meeting  and  wish  you  a very  successful  symposium. 
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INTRODUCTORY  REMARKS 


by 

K.  H.  Gronau 

Bundesminis terium  der  Verteidigung 
Bonn,  Germany 

As  the  representative  of  the  German  Ministry  of  Defense  and 
the  administrative  project  officer,  I would  like  to  thank  Dr. 
Zonars  on  behalf  of  all  the  German  participants  for  his  warm  words 
of  welcome.  This  will  be  the  fifth  meeting  held  by  both  the  Ger- 
man and  United  States  scientists  under  this  Data  Exchange  Agree- 
ment. It  will  be  the  first  time  a D.E.A.  meeting  has  taken  place 
at  Wright-Patterson  Air  Force  Base.  For  eight  years  now  we  have 
exchanged  data  in  this  particular  field  of  science  and  I think  it 
is  safe  to  say  that  the  D.E.A.  has  been  very  good  for  both  our 
countries  and  both  our  scientists. 

The  proceedings  of  our  last  meeting,  which  took  place  in 
Gottingen  in  June  1975  have  been  published  and  sent  to  all  those 
that  are  active  participants  in  this  D.E.A.  The  most  important 
six  tasks  to  be  considered  in  the  future  have  been  outlined  in 
that  report  by  Professor  Waltz,  who  is  the  German  technical  pro- 
ject officer  of  the  D.E.A. 

As  the  spokesman  of  the  German  delegation,  I should  like  very 
much  to  thank  Dr.  Fiore  and  Dr.  Harvey  for  the  extensive  prepara- 
tions for  this  meeting.  The  present  agenda  indicates  that  the 
meeting  should  be  fruitful  to  everyone  involved. 

I hope  that  this  two-day  meeting  will  impart  to  all  partici- 
pants new  ideas  and  orientations  for  current  work  through  the 
presentations  and  discussions.  In  addition,  I hope  it  will  deepen 
existing  personal  contacts  and  occasion  new  ones. 
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INTRODUCTORY  COMMENTS 


by 

Alfred  Walz 

Technaiocne  Universitat  Karlsruhe 
Karlsruhe,  Germany 

I would  like  to  add  my  comments  to  those  of  Dr . D , Zonars  and 
Dr.  K.  Gronau  by  emphasizing  the  fact  that  in  the  case  of  actual 
lif  ting  body  designs  the  complex  three  dimensional  flow  phenomena 
encountered  in  flight  can  not  be  described  either  by  potential 
flow  theory  or  the  boundary  layer  equations  alone.  Interacting 
separated  flow  fields  which  involve  both  the  non-viscous  outer 
region  and  the  boundary  layer  appear  to  be  the  primary  area  of 
present  interest  for  most  D.E.A.  activities.  The  tool  to  attack 
this  problem  and  to  bring  together  diverging  results  is  without 
doubt  the  "Navier-Stokes  Physics." 

Details  of  the  research  accomplished  under  this  D.E.A.  will 
be  used  to  determine  the  present  state  of  the  art  so  that  new 
approaches  to  this  problem  can  be  defined  and  new  work  can  then 
be  initiated  under  the  new  D.E.A. 

The  present  meeting  will  surely  offer  an  opportunity  to 
define  the  program  achieved  since  the  past  year's  meeting  in 
Gottingen  as  well  as  the  program  for  future  activities. 
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Abs  t rac t 

The  three-dimensional  turbulent  boundary  layer  on  an  infinite 
swept  wing  is  used  as  a test  vehicle  to  study  fou>-  different  tur- 
bulence models.  The  differential  equations  are  solved  by  finite 
difference  procedures.  The  results  are  compared  with  the  wind 
tunnel  measurements  on  an  infinite  swept  wing  model. 
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1 . Introduction 


With  the  computation  of  three-dimensional  turbulent  boundary 
layers  on  bodies  at  incidence  or  on  swept  and  yawing  wings,  one 
is  confronted  with  a two-fold  problem.  The  one  results  from  the 
poor  knowledge  on  turbulent  flows  and  is  to  choose  a proper  tur- 
bulence model,  which  is  capable  of  describing  the  three-dimen- 
sional boundary  layers  correctly.  On  the  other  hand,  it  is  sus- 
pected that  the  execution  time  for  numerical  solutions  and  the 
storage  requirements  are  orders  of  magnitude  greater  than  for  two- 
dimensional  flow  and  also  for  three-dimensional  laminar  boundary 
layers.  In  order  to  arrive  at  useful  solutions  in  practice,  a 
compromise  is  necessary,  where  simplified  turbulence  models  will 
be  preferred  at  the  expense  of  accuracy. 

At  the  Euromech  Colloquium  No.  60,  which  was  held  at  Trondheim, 
Norway,  in  April,  1975  on  the  subject  "Three-Dimensional  Turbu- 
lent Boundary  Layers  in  External  Flows",  a systematic  comparison 
was  made  of  the  performance  of  available  calculation  methods  [l] . 
This  was  achieved  by  selecting  test  cases  prior  to  the  meeting 
and  inviting  the  originators  of  various  calculation  methods  to 
compute  the  test  flows,  referred  to  as  "Trondheim  Trials".  The 
results  were  compiled  and  discussed  by  L.F.  EAST  [2]  . 

It  appeared  desirable  to  us  to  test  further  turbulence  models  and 
to  make  more  detailed  comparisons.  The  present  investigations 
are  concerned  with  three-dimensional  turbulent  boundary  layer  cal- 
culations on  an  infinite  swept  wing  in  incompressible  flow,  where 
four  different  turbulence  models  were  used.  The  work  is  not  yet 
completed,  such  that  only  preliminary  results  can  be  presented. 

2 . The  Equations  of  Ntean  Motion 

The  equations  of  mean  motion  for  the  boundary  layer  on  an  infinite 
swept  wing  are  shown  on  Fig . 1 . A Cartesian  coordinate  system  is 
introduced,  in  which  the  z-axis  is  parallel  to  the  leading  edge 
of  the  wing  and  the  y-axis  is  perpendicular  to  the  surface.  The 
flow  quantities  are  assumed  to  be  constant  in  z-direction.  We 
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have  the  momentum  equations  for  x-  and  z-direction  and  the  con- 
tinuity equation.  In  the  idealized  case  of  an  infinite  swept 
wing  with  irrotational  free  flow  outside  the  boundary  layer,  the 
velocity  component  in  z-direction,  w^,  is  independent  of  x and 
z.  In  a wind  tunnel,  however,  the  conditions  of  the  infinite 
swept  wing  can  be  approximated  with  more  or  less  accuracy  only. 

In  particular,  with  the  experiment  made  at  the  National  Aerospace 
Laboratory  of  the  Netherlands  (NLF)  3 , the  measurements  indicate 
a slight  variation  of  w^  with  x.  This  means  actually  that  the 
outer  flow  is  either  not  completely  irrotational  or  not  indepen- 
dent of  the  z-coordinate . For  this  reason,  the  term  u dw  /dx 

e e 

is  included  in  the  second  momentum  equation. 

3.  The  Turbulence  Models 

3 . 1 Survey 

A survey  of  the  four  turbulence  models,  which  have  been  included 
in  the  investigations,  is  given  in  Fig ■ 2 ■ The  details  of  the 
models  will  be  described  subsequently.  The  first  column  of  the 
table  gives  a brief  symbol,  by  which  the  models  are  distinguished 
in  the  graphs  to  be  shown  later.  The  first  model  uses  Prandtl's 
mixing  length  formula,  extended  to  3-D  boundary  layers.  As  an  al- 
ternative to  this,  the  mixing  length  formula  is  applied  in  combi- 
nation with  a generalized  eddy  viscosity  concept,  such  that  dif- 
ferent values  for  the  eddy  viscosity  are  used  with  respect  to  the 
shear  stresses  in  streamline  and  cross  flow  direction.  The  third 
model  is  based  on  the  partial  differential  equation  for  the  kinetic 
energy  of  turbulent  fluctuations.  The  turbulent  shear  stresses 
are  determined  from  Prandtl's  relations.  With  the  fourth  model 
three  partial  differential  equations  are  used,  namely  for  the 
kinetic  turbulence  energy  and  the  two  turbulent  shear  stresses. 

3 . 2 The  Mixing  Length  Formula  (Model  ML) 

The  mixing  length  model  has  been  described  by  G.R.  SCHNEIDER  4 
already  at  the  previous  DEA  Meeting  in  Gottingen,  1975  and  calcu- 
lated results  have  been  discussed.  The  detailed  assumptions  are 


compiled  in  Fig . 3.  The  two  shear  stress  components  are  calculated 
with  a scalar  eddy  viscosity,  i,  which  is  determined  from  the 
mixing  length  formula.  Michels  model  is  used  for  the  mixing 
length,  which  consists  of  a length,  L , which  is  represented  by 

jy  ’ ' 

a hyperbolic  tangent  function.  f\,  is  the  von  Karman  constant  of 
the  logarithmic  law  of  the  wall  and  L is  the  value  of  L at 
the  edge  of  the  boundary  layer.  A multiplying  correction  function 
F is  introduced  to  take  into  account  the  effects  of  the  viscous 
sublayer.  v is  the  kinematic  viscosity. 

3.3.  The  Generalized  Eddy  Viscosity  (Model  MLG) 

With  the  mixing  length  model  just  described,  the  vector  of  the 
resultant  turbulent  shear  stress  has  the  same  direction  as  the 
resultant  of  the  mean  velocity  derivative  with  respect  to  the  y- 
coordinate.  Experiments  indicate,  however,  that  the  two  vectors 
may  have  different  directions.  This  points  to  a reduced  eddy  vis- 
cosity in  cross  flow  direction.  Calculations  with  a reduced  eddy 
viscosity  perpendicular  to  the  direction  of  the  external  stream- 
line were  presented  by  T.K.  FANNEL0P  and  D.A.  HUMPHREYS  [5j  . 

With  the  generalized  eddy  viscosity  concept  of  the  model  MLG,  the 
eddy  viscosity  is  presented  as  a second  rank  tensor  in  planes 
y = const  with  its  principle  axes  in  direction  of  local  mean 
streamline  and  normal  to  it,  Fig.  4.  The  coordinates  of  the  eddy 
viscosity  tensor  are  determined  from  the  scalar  eddy  viscosity  by 
multiplication  with  dimensionless  factors  Tg  (=1)  and  T (=0.4). 
With  respect  to  the  shear  stresses  in  the  cartesian  xz-coordi- 
nate  system,  the  relationships  shown  on  Fig.  4 are  derived.  The 
Fannel«ip-Humphrey  calculations  are  a special  case  to  the  MLG- 
model . 

In  the  special  case  of  isotropic  eddy  viscosity,  characterized 

by  T = 1 and  T.  = 1 , the  model  MLG  reduces  to  the  model  ML. 

* s b 

3.4.  The  Kinetic  Turbulent  Energy  Equation  and  Prandtl ' s Shear 
Stress  Relation  (Ntodel  EP) 

The  two  remaining  models  both  use  the  partial  dif ferential  equation 
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for  tho  kinetic  energy  of  velocity  fluctuations  [6,  7],  which  is 
given  on  Fig . 5 . E denots  the  kinetic  fluctuation  energy  per 
unit  of  mass,  L is  a characteristic  length  scale.  The  equation 
has  terms  for  turbulent  production  due  to  the  work  done  by  the 
mean  rate  of  strain,  dissipation  of  kinetic  energy  due  to  vis- 
cosity, convection  of  energy  by  the  mean  velocities,  and  diffu- 
sion due  to  turbulent  mixing.  Two  empirical  coefficients,  c 
and  k , appear  in  the  equation,  for  which  the  values  0.165  and 
0.6,  respectively , have  been  used. 

The  shear  stresses  of  the  model  EP  are  calculated  from  the 
energy,  E,  and  length  scale,  L,  by  relationships  which  were 

proposed  by  PRANDTL  in  1945.  k is  another  coefficient,  which  is 

1/3 

related  to  the  coefficient  c by  k = c . The  model  represents 
a high  Reynolds  number  approximation,  and  the  contribution  to  the 
shear  stresses  due  to  the  molecular  viscosity  are  completely  ne- 
glected. This  means  the  model  does  not  describe  the  flow  within 
the  viscous  sublayer.  For  the  length  scale  L the  same  distri- 
bution is  assumed  as  for  the  function  L of  the  mixing  length. 

A partial  differential  equation  for  L has  been  used  neither 
with  the  model  EP  nor  with  the  model  ET. 

3.5.  The  Shear  Stress  Transport  Equation  (Model  ET) 

The  model  ET  differs  from  the  model  EP  in  that  Prandtl's  rela- 
tionships of  the  shear  stresses  are  replaced  by  partial  differen- 
tial equations,  the  so  called  shear  stress  transport  equations 
[6,8^,  Fig . 6 . Each  of  the  equations  has  four  terms  of  different 
physical  meaning.  These  is  production  due  to  interaction  of  mean 
rate  of  strain  with  the  turbulent  motion,  there  is  destruction  of 
turbulent  shear  stress  due  to  the  tendency  of  the  turbulence  to 
isotropic  distribution  of  velocity  fluctuations,  there  is  convec- 
tion by  mean  motion,  and  finally  there  is  diffusion  due  to  tur- 
bulent mixing.  Three  empirical  coefficients  occur  in  addition  to 
those  which  appeared  already  in  the  energy  equation,  a^  = 0.2 

and  k * 0.6  are  chosen  and  k is  related  to  a and  c. 
q pr  p 

The  length  scale,  L,  is  the  same  as  in  the  energy  equation. 
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Like  the  model  EP,  this  model  ET  does  also  not  apply  to  the 
viscous  sublayer. 

3.6.  Relations  between  the  Turbulence  Models 

The  turbulence  models,  except  for  the  model  with  the  generalized 
eddy  viscosity  concept  (Model  MLG),  present  a family  of  models, 
which  can  be  derived  one  from  the  other.  In  order  to  show  this, 
let  us  start  with  the  most  complicated  model,  the  one  which  in- 
cludes partial  differential  equations  for  turbulent  kinetic  en- 
ergy and  turbulent  shear  stresses  (Model  ET ) , Fig . 7 . If  the 
convection  and  turbulent  diffusion  terms  are  neglected  in  the 
transport  equations  for  the  shear  stresses,  the  shear  stress 
equations  reduce  to  Prandtl's  relations.  Consequently,  the 
model  EP.  which  uses  only  a partial  differential  equation  for 
the  turbulent  kinetic  energy  is  obtained.  If  then  the  terms  for 
convection  and  turbulent  diffusion  are  neglected  in  the  energy 
equation,  one  arrives  at  the  mixing  length  formula.  Since  all 
four  models  are  used  with  the  same  assumptions  for  the  length 
scale,  it  is  expected  that  the  investigations  will  give  detailed 
insight  into  the  influences  of  the  particular  features  of  the 
mo  de  1 s . 

The  equations  are  solved  numerically  by  a finite  difference 
method.  Details  of  the  methods  are  partly  described  in  Reference 

M- 

4 . Resul ts 

We  have  applied  the  calculations  several  of  the  Trondheim  Trials. 
At  this  presentation  we  will  report  only  on  comparisons  with  van 
den  RERG  and  ELSENAAR's  swept  wing  experiment  [3] , which  was  de- 
noted as  case  B1  at  the  Trondheim  Conference.  On  a wind  tunnel 
model  measurements  have  been  made  in  the  incompressible  turbulent 
boundary  layer  under  infinite  swept  wing  conditions.  In  the 
model  a pressure  gradient  is  induced  on  a 35°  yawed  flat  plate  by 
means  of  a suitably  shaped  body  near  the  plate.  The  boundary 
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layer  that  develops  on  the  surface  of  the  flat  plate  starts  off 
as  a constant  pressure  two-dimensional  boundary  layer  and  changes 
slowly  into  a three-dimensional  boundary  layer  leading  to  a three- 
dimensional  separation  close  to  the  trailing  edge.  Extensive 
measurements  have  been  carried  out,  including  mean  velocity  pro- 
files, flow  angles,  local  skin  friction  coefficient  and  Reynolds 

stresses  W-  I 

Fig . 8 gives  the  pressure  coefficient  as  measured  along  the  cen- 
tre line  of  the  model.  The  pressures  as  deduced  from  the  mea- 
sured dynamic  head  at  the  boundary  layer  edge  deviate  from  the 
measured  wall  pressures  near  the  separation  line.  The  calcula- 
tions are  based  on  the  approximation  by  a polynomial  of  degree 
5 to  the  pressures  deduced  from  the  dynamic  head  measurements. 

The  flow  angles  at  the  edge  of  the  boundary  layer  is  seen  from 
Fig.  9.  The  flow  angles  calculated  from  the  assumptions  of  in- 
finite swept  wing  are  smaller  for  both  pressure  distributions 
than  the  measured  angles.  If  one  calculates  the  velocity,  , 
from  the  measured  flow  angle,  one  obtains  a w^  slightly  increas- 
ing in  downstream  direction.  As  already  mentioned,  this  means 
that  the  idealized  conditions  of  an  infinite  swept  wing  are  not 
exactly  met  with  the  experiment.  The  polynomial  approximation  of 
degree  5 to  the  measured  flow  angles  is  used  as  input  for  the 
calculations  in  addition  to  the  pressure  distribution  deduced 
from  the  dynamic  head.  With  these  data,  the  results  of  any  cal- 
culation method  comes  closer  to  the  experiments  than  with  the 
assumption  denoted  by  number  1 and  2. 

In  the  following  figures,  the  development  of  four  characteristic 
parameters  of  the  boundary  layer  will  be  shown. 

The  comparison  of  the  calculated  thickness  of  momentum  loss  in 
the  direction  of  the  external  streamlines  with  the  experiment  of 
Reference  3 is  presented  on  Fig . 10 . Up  to  a value  of  x = 1 .0 m 
the  results  of  all  four  models  agree  well  with  the  test  data. 

Farhter  downstream  the  agreement  deteriorates. 

More  pronounced  differences  are  observed  with  the  angle  between 


the  wall  streamline  and  the  streamline  at  the  edge  of  boundary 

layer,  /'J  as  shown  in  Fig.  11.  None  of  the  models  give  satis- 
w 

factory  agreement  with  the  experimental  data.  The  models  ML, 

EP,  and  ET  show  fair  agreement  up  to  x - 1 .0 m . But  none  of  these 
three  models  predict  separation  of  the  flow,  whereas  the  experi- 
ment shows  separation  at  x = 1 . 31 m . However , the  models  EP  and 
ET  give  greater  ft  at  the  large  values  of  x and  are  thus  closer 
to  the  experimental  data. 

The  model  MLGwith  the  nonistropic  eddy  viscosity  (T.n=o.4)  dis- 
plays an  unexpected  behavior  with  respect  to  the  angle  For 

small  values  of  x , /3  develops  to  negative  values  and  rises 
steeply  downstream.  It  predicts  separation  at  x = 1.23m  . The 
overall  agreement  is  not  satisfactory.  The  model  can  not  be 
recommended  in  its  present  form. 

The  ratio  of  displacement  thickness  to  momentum  thickness  with 
respect  to  streamline  direction,  denoted  as  shape  parameter,  H , 
is  a characteristic  of  the  velocity  profiles,  which  is  known  to 
be  very  sensitive  to  variations  in  the  calculation  methods. 

Fig . 12  presents  the  comparison  with  the  experiment.  There  is  a 
minor  discrepancy  of  the  initial  values  for  the  mixing  length 
models  and  the  models  using  the  energy  equation  . This  discrep- 
ancy, however,  does  not  affect  the  comparison.  For  values 
x 1.0m  , the  four  models  predict  values  of  H,  lower  than  the 
experimental  values.  The  mixing  length  model  ML  gives  the  low- 
est values.  The  models  EP  and  ET  come  gradually  closer  to  the 
experiment.  The  model  with  the  generalized  eddy  viscosity  gives 
poor  agreement  with  the  experiment  at  lower  values  of  x. 

The  calculated  values  of  the  local  skin  friction  coefficient, 
given  in  Fig . 13,  closely  agree  for  the  methods  ML,  EP,  and  ET, 
wher  as  the  model  MLG  yields  lower  values.  Ihe  calculated  re- 
sults follow  the  trend  of  the  test  data  in  general,  but  are  too 
low  for  small  values  of  x and  too  high  farther  downstream. 

Further  details  of  the  calculated  results  as  compared  with  the 
experimental  data  of  A.  ELSENAAR  and  S.H.  BOELSMA  [dj  are 
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presented  in  the  following  figures.  Fig . 14  gives  the  angle  be- 
tween local  mean  velocity  and  velocity  at  the  edge  of  boundary 
layer,  ft  , the  angle  of  mean  velocity  gradient,  *^gra(j»  anc*  1^lr’ 
angle  of  Reynolds  shear  stress,  0 f , versus  the  distance  from 
the  surface,  y , for  the  test  station  4 (x  - 0.795  m).  The  cal- 
culated results  of  only  the  methods  MLG  and  ET  are  plotted. 

For  the  model  ML  and  EP  the  angles  0 , and  0.  have  the  same 

'grad  7 7 

values  due  to  the  physical  assumptions.  For  the  model  ET,  the 

angles  ft  and  0 ^ agree  well  with  the  experiment.  The  angle 

r r differs  from  0 ,,  but  the  iifference  between  the  two 

7 grad 

angles  is  considerably  underestimated  as  compared  with  the  ex- 
periment. The  agreement  for  the  model  MLG  is  poor.  At  the  first 
place,  there  is  the  unexpected  behavior  that  the  flow  angle 
has  a maximum  value  at  y = 2.6mm,  whereas  the  experiment  shows  the 
maximum  of  ft  at  the  surface.  The  condition  dft/dy-0  causes 
the  vector  of  mean  velocity  gradient  and  shear  stress  to  assume 
the  same  direction  as  the  mean  velocity.  Therefore,  the  three 

curves  cross  at  the  maximum  of  ft  . The  angles  0 , and  0.  , 

7grad  7 

as  calculated  with  this  model  have  also  maximum  values  away  from 
the  surface. 

The  same  angles  as  in  Fig.  14  are  plotted  for  station  7 (x  = 1.095m) 
in  Fig ■ 15 ■ For  the  model  with  generalized  eddy  viscosity  the 
maximum  of  occurs  now  at  the  surface,  in  agreement  with  the 

experiment.  For  both  models,  ET  and  MLG  , B is  smaller  than 
the  measured  values,  but  the  model  ET  comes  closer  to  the  ex- 
periment. The  model  ET  agree  also  better  with  the  experiment 
with  respect  to  the  angle  (^gra(j  • difference  between  0r 

and  0^rad  is,  however,  again  underestimated  by  the  model  ET 
and  overestimated  by  the  model  MLG.  The  fact  that  the  differ- 
ence between  ^grarf  anc*  7 r as  predicted  by  the  model  ET  is 
entirely  due  to  history  effects,  suggests  that,  in  a real  flow, 
effect  other  than  history  effects  may  be  responsible  too  for  the 

experimentally  observed  differences  between  0 , and  $ . 

grad  7 

The  mixing  length  ration,  ^ . /S  , recalculated  from  the  result- 
ing shear  stress  and  the  resulting  mean  velocity  gradient,  is 
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plotted  versus  the  dimensionless  distance  from  the  surface  for  the 
models  MLG  and  ET  in  Fig.  16.  This  length  is  not  identical 
with  the  length  scale  L . Especially,  the  mixing  length  accord- 
ing to  the  model  ET  is  considerably  lower  than  L , due  to  the 
convective  and  diffusive  effects  in  the  partial  differential  equa- 
tions, but  it  is  higher  than  the  mixing  length  deduced  from  the 
experiment . 

In  Fig.  17  the  ratio 

N _ tan(  0r  - /*) 

P “ tan(  Vad  ~/j) 

which  corresponds  to  the  ratio  of  the  eddy  viscosities  in  the 
transverse  and  streamline  direction,  is  plotted  versus  the  dimen- 
sionless distance  from  the  surface.  Outside  the  viscous  sublayer 
the  ratio  =0.4  by  supposition  of  the  value  T^  =0.4  for  the 

model  MLG  . For  the  model  ET  the  ratio  N is  greater  than 

e 

unity  closer  to  the  surface  and  drops  to  about  0.9  in  the  outer 
part  of  the  boundary  layer.  The  experimental  values  are,  on  the 
average,  0.5  at  station  4 and  0.7  at  station  7. 

Some  test  calculations  were  carried  out  in  order  to  investigate 

the  effect  of  the  magnitude  of  the  length  scale,  L /ft  , on  the 

e 

results.  The  two  most  sensitive  quantities,  namely  the  wall 

streamline  angle  ft  , and  the  streamwise  shape  parameter,  H , 

w 

are  plotted  in  Fig . 18  and  1 9 . L / 5 is  varied  between  0.075 

t and  0.085.  Results  are  presented  for  the  mixing  length  mode1 

ML  (isotronic  eddy  viscosity)  and  the  model  ET.  The  predictions 

come  closer  to  the  measurements,  if  a smaller  value  of  L / F>  is 

e 

chosen.  With  L^/(5  = 0*075  the  model  ET  predicts  separation 
at  x **  1 . 10  m . 

| 

5 . Conclusions 

The  comparative  application  of  several  turbulence  models  to  the 
infinite  swept  wing  turbulent  boundary  layer  reveals  interesting 
facts.  With  respect  to  relevant  boundary  layer  parameters,  the 
predicted  values  agree  with  the  experiment  at  least  for  a part  of 
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the  flow.  If  the  region  of  separation  is  approached  none  of  the 
models  gives  satisfactory  results.  The  short  comings  are  brought 
to  light  even  more,  if  some  further  details  of  the  boundary  layer 
are  considered.  But  the  comparisons  indicate  that  a model  based 
on  partial  differential  equationd  has  greater  capability  of  cor- 
rectly predicting  the  details  of  the  flow,  although  to  a greater 
expense.  There  is  room  for  modifications  of  the  models.  In  par- 
ticular, variations  in  the  length  scale  assumptions  have  strong 
effects  on  the  results.  Modifications  of  the  models  make  no 
sense,  unless  there  is  evidence  that  the  agreement  with  experi- 
ments is  improved  for  many  flow  cases.  -Therefore,  further  com- 
parisons are  required,  before  final  conclusions  can  be  drawn. 
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Fig.  8 Pressure  distributions  for  the  NLR 
swept  wing  experiment 
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Fig.  9 The  different  development  of  the  flow 
angle  at  the  edge  of  the  boundary  layer 
for  the  NLR  swept  wing  experiment 
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Fig.  10  Development  of  the  streamwise  mo- 
mentum thickness 
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Fig.  11  Development  of  the  cross  flow  angle 
at  the  wall 
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Fig.  13  Development  of  local  skin  friction 
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Fig.  18  Effect  of  the  length  scale  on  the  de- 
velopment of  the  cross  flow  angle  at 
the  wall 
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SKETCH  OF  AN  ITERATIVE  PROCEDURE  FOR  CALCULATING  THE  3 -DIMENSIONAL 
FLOW  AROirND  A LIFTING  BODY  AT  REALISTIC  RE-NUMBERS  INCLUDING 
EFFECTS  OF  TURBULENCE. 


by 


Alfred  Walz 

Technical  University  of  Karlsruhe 
Karlsruhe,  Germany 


Numerically  stable  solutions  of  3-dimensional  steady-state  NAVIER- 
STOKES  Flows  provide  information  and  fundamental  interaction  ef- 
fects between  separated  and  attached  flow  regions  and  the  corres- 
ponding pressure  distribution  on  the  solid  body  surface,  up  to 
realistically  high  Re-Numbers  (see  the  paper  of  ELSHOLZ-HAASE). 
This  result,  however,  can  not  be  realistic  insofar  as  for  this 
high  Re-Number  range  turbulence  will  occur  preferably  in  the  at- 
tached boundary  layer  (B.L.)  part  and  also  in  the  shear  layer  be- 
tween the  "Dead  Water  Body"  and  the  quasipo tential  outer  flow. 

But  the  Elsholz -Haase  pressure  distribution  may  be  used  as  a 1 . 
approximation  for  3-dimensional  Boundary  Layer  calculations  in 
the  attached  flow  region,  including  transition  criteria  (see 
MIRSCHEL' s paper)  and  known  turbulent  Boundary  Layer  calculation 
technics.  As  a main  result,  flow  separation  will  be  shifted  down 
stream  and  the  "Dead  Water  Body"  (D.W.B.)  size  and  volume  will  be 
decreased.  The  main  shape  features  may  be  determined  in  analogy 
to  GPASHOF ' s 2-D.  procedure  ( BMVg -FBWT-74 - 3,  FRG)  with  the  empiri- 
cally iustified  assumption  of  constant  pressure  within  this  D.W.B. 
and  by  repeated  use  of  the  ELSHOLZ-HAASE,  NAVIER-STOKES-procedure . 
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Thus,  a 2.  approximation  of  the  solid  body  pressure  distribution 
may  be  obtained  and  used  for  a 2.  approximation  of  the  3-D.R.L. 
calculation.  An  upstream  shif  ting  of  the  separation  must  be  ex- 
pected from  this  2.  iteration,  because  for  a given  angle  of  at- 
tack, a decrease  of  the  D.W.B.  volume  and  the  corresponding  vor- 
tex system  will  produce  an  increase  of  the  circulation  and  of  the 
positive  pressure  gradient  in  flow  direction,  hence,  shifting  the 
separation  down  stream  again.  Therefor,  convergence  of  this  iter- 
ation procedure  may  be  expected,  if  a 3.  iteration  for  the  influ- 
ence of  this  variation  of  the  D.W.B.  and  vortex  phenomenon  on  the 
surface  pressure  distribution  will  be  taken  into  account. 

Let  me  sketch  some  essential  details  about  the  sequence  of  steps 
to  be  done  in  this  research  program. 

For  simplicity,  let  me  start  with  the  2 -dimen siona 1 case,  for  < 
which  the  procedure  in  question  is  already  studied  and  realized 
successfully . 

First,  I want  to  state  that  there’  are  three  kinds  of  interaction 
between  the  outer  quasi-potential  flow  filed  and  viscous  effects: 

1.  Boundary  layer  (laminar  and  turbulent  state) 
displacement  effect,  slightly  circulation  decreasing, 

Fig.  I. 

2.  Displacement  by  Flow  separation  with  strong  circulation 
decreasing  effect,  Fig.  II. 

3.  Flow  Separation  in  3 Dimensions,  Displacement  including  the 

Induction  Effects  of  Vortex  Formations  at  small  Aspect 
Ratios.  Example:  Axisymmetric  Lifting  Body,  Fig.  III. 

The  numerical  calculations  for  such  an  iterative  procedure  are 
of  course,  time -expensive . But  presently  started  simplifications 
in  the  physical  and  numerical  concepts  seem  to  promise  an  eco- 
nomic state  for  this  direction  of  research. 
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Figure  1.  Boundary  Layer  Displacement  Effect  (Slight  Circulation 
Decreasing) . 
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TRANSITION  TO  TURBULENT  BOUNDARY  LAYER  AT  S,Lam 

FLOW  SEPARATION  REMOVED  DOWNSTREAM  TO  S.lurb 

INCREASE  OF  LIFT  AND  PRESSURE  GRADIENT -►$2  turb  UPSTREAM 

of  Siturb 
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Fteure  3.  Flow  Fenaration  In  3 Dimensions  Displacement  + Induction 
Fffects  of  Vortex  Formations  at  an  Axi  svmmotri  ca  1 I.iftinp 


nil.ORI  riCAI.  ASPECTS  ON  COMPUTING  3-D  VISCOUS  PLOW 
AT  HIGH  REYNOLDS  NUMBERS 


by 

E.  Llsholz  and  W.  Haase  ) 


I.  Introduction 

For  many  purposes,  the  flow  field  induced  by  a vehicle  under 
free-flight  conditions  is  of  great  interest.  The  principle 
phenomena  are  described  by  potential  flow-  and  boundary-layer- 
theory  though  both  of  them  are  valid  only  within  restricted 
areas  of  the  whole  field.  Moreover,  detached  flow  becomes  a 
severe  problem. 

Complete  results  of  the  viscous  flow  may  be  obtained  from  the 
Navier-Stokes-equations . Though  there  is  much  experience  of 
several  authors,  certain  numerical  difficulties  arise  from  the 
viscous  equations  itself,  especially  when  calculating  at  high 
Reynolds -numbers . 

II.  Formulation  of  the  Problem 

The  incompressible,  laminar,  steay  state  3-D  flow  past  a body 
of  arbitrary  shape  is  to  be  calculated 
from  the  Navier-Stokes  equations  using 
a finite  difference  method. 

Assume  a rectangular  computational 
domain  as  indicated.  When  formulating 
equations,  all  quantities  used  are  non- 
dimens ior.al  ized  by  the  free  stream 

quantities  and  a reference  length  according  to  the  body's 
geometry.  TTie  body  is  situated  ineide  the  computational 


♦)  Wisserischaftl iche  Mitarbeiter  bei  Prof.  Walz,  Emmendingen 
c/o  Technische  Universitat  Berlin 
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domain  and  its  shape  may  be  given  by  a certain  number  of 
gridpoints  that  have  been  previously  defined  to  be  located 
on  the  body's  surface. 

III.  Basic  Equations  and  Boundary  Conditions 

Eliminating  the  pressure  gradients  from  the  Navier-Stokes- 
equations  yields  into  the  vorticity-transport  equ.s 

^§-  = V(c‘£X)  - Vu’C 

e 

^ = V(c‘fy)  - Vv'C 

e 

^ = V(c‘CZ)  - Vw’C 

e 


wherein  the  rotational  vector  is  defined  as 


tr 


Ty. 


Cz} 


rx 

£ =w  -v 

y 

Cy=u2-w 

rZ 

£ =v  -u 

X 


z 

X 

y 


C l ) 


C 2 ) 


(Superscripts  denote  the  component  of  a vector,  subscripts 

indicate  partial  differentiation  with  respect  to  the  direction 

indicated.  A is  the  Laplacian  operator  and  the  7 Lagrangian.) 

-*■ 

Combining  the  continuity-equ.  7c  - 0 and  the  rotational  vector 
gives  three  more  partial  differential  equations  governing  the 
velocity  components  (see  also  [1]). 


The  equation  for  the  pressure  coefficient 
2 2 2 

Ac  =-fu  +v  w +2(wv  +uw 
p x y z yz  zx 


c = (p-p  )/p 

p v r t ao'  roo 


V u ) ] 
x y 


4 

3Re 


A(7c) 


( 3 ) 


( 4 ) 


The  last  term  on  the  right  should  not  be  neglected  but  indeed 
turns  out  to  be  important  for  proper  results  [2]. 
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The  outer  boundry  conditions  are  taken  from  the  free  stream 
quantities  or  from  symmetry  conditions,  respectively.  At  the 
outflow  boundary  downstream  the  body,  there  will  be  used  no 
specific  B.C.  but  an  extrapolating  routine  [3]. 

According  to  adhesive  effects  at  the  surface  of  the  body, 
there  are  additional  "inner"  boundary  conditions,  i.e.  c = 0. 

IV.  Difference  Scheme 

Some  fundamental  problems  of  differential  approximation  may 
be  discussed  using  the  model  equation 


-A-f  + B'f  = 0 

X XX 


0 < x < 1 


B.  C.  : f (x  = 0)  = 0;  f (x  = 1)  = 1 

wherein  A,B  are  constant  (B  > 0) . 

A . 

X/  A/ 

/ b g 

The  exact  solution  is  f(x)  = (e  -l)/(e  -1) 

Assume  a constant  step-size  Ax  = x.  - x.  , = const. 

r ri-1 


Then  write 


fi  = f (Vi5 

f2  = f (X.) 
f3  = f (W 


Introducing  second  order  centered  differencing 


^3  "^1  2 

fx  * iVr1  + 0 <Ax  > 

fl  ' 2f2  f3  ,,  2. 

f = = +0  fAx  1 

xx  .2 

Ax 


yields  into 


- (f3  - fj)  ♦ ^ (fL  - 2f2  + f3)  ♦ 0 (Ax2)  = 0;  Q =_^x 

2B 


Now  the  quantity  Q corresponds  to  half  of  the  local  "cell"- 
Reyno Ids -number.  Direct  dolution  by  a Gauss-algorithm  shows 
the  problem  : If  | Q | <1 , qualitatively  correct  viscous  solutions 
are  obtained  while  for  | Q | >1  severe  oscillations  arise  [4]. 
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Moreover,  iterative  procedures  fail  when  ] Q j > 1 as  the  main 
diagonal  of  the  matrix  system  is  no  longer  dominant. 


However,  first  order  upwind  differencing  avoids  both  of  the 
difficulties.  Replacing  the  first  derivation  streamwise  by 

f2  ' fl 

A > 0 : f = — — t - + 0 (Ax) 

x Ax 

f5  - f2 

A < 0 : fx  = + 0 (Ax) 


gi  ves 

A > 0 : -2  (f2  - fj)  + i Cf j - 2f2  + f3)  + 0 (Ax)  = 0 
A < 0 : -2  (f3  - f2)  + i-  (fj  - 2f2  + f,)  + 0 (Ax)  = 0 

This  formulation  is  interesting  also  for  another  reason:  a 
disturbation  will  go  downstream  with  the  local  flow  component 
which  seems  to  be  reasonable  from  the  physical  point  of  view  [2] . 


( 9 ) 


When  A > 0 equ.  (9)  leads  to 

(2  ♦ ft  - 2 (1  ♦ f2  + i f3  + 0 (Ax)  = 0 


( 10  ) 


It  becomes  obvious  that  the  main  diagonal  is  dominant  even 

when  0 » 1.  Furthermore,  let  0 tend  to  infinity,  the  formula 

gives  f -*■  f ^ , that  is,  oscillations  do  not  occur. 

On  the  other  hand,  this  method  produces  explicit  artificial 

f - f 

viscosity  [5].  From  Taylor's  expansion  we  get  2 1 _ _ Zix  f 

Ax  x 2 xx  — 

Thus,  the  truncation  error  changes  the  quantity  B into  B ♦ AAx. 

Indeed,  an  optimum  differential  approximation  should  be  of 
extremely  high  order.  Investigating  this,  oscillations  become 
the  basic  nroblem  again.  Recent  test  calculations  in  order 
to  eliminate  oscillations  when  solving  the  model  euuation  have 
shown  that  the  approximation  should  reach  the  order  of  some 
OfAx*11^)  which  depends  on  the  value  of  0.  So  up  to  the  present 
date  this  wav  of  solution  seems  to  be  rather  unrealistic.  In 
other  words,  as  lone  as  it  is  impossible  to  use  extremely  high 
order  approximation  the  basic  nroblem  of  oscillation  cannot 
be  solved  directly. 

However,  an  indirect  solution  becomes  possible  from  iterative 
damping  characteristics.  Thus,  the  problem  is  reduced  to  construct 


! 


f 


/ 


4) 


a stable  and  convergent  approximation  that  avoids  explicit  num- 
erical viscosity.  Due  to  this  aim,  the  principle  idea  is  to 
modify  the  first  derivative  as  follows 


C 11  ) 


( 12  ) 

A scheme  like  this  has  the  physical  property  like  the  first 
order  upwind  method  discussed  above.  If  the  method  converges 
f1  tends  to  f_  , and  the  second  order  centered  approximation  will 
be  reached  in  the  end.  In  order  to  damp  down  the  oscillations, 
successive  over/under-relaxation  becomes  necessary.  According 
to  high  Reynol ds- number  calculation,  the  relaxation  factor  (a 
must  be  less  than  unity  (under-relaxation).  Finally,  controlling 
ca  turns  out  to  be  a delicate  problem  as  oscillations  only 
vanish  when  la  is  kept  small  enough.  This  must  be  ensured  by  an 
automatic  routine  during  calculations. 

V.  Method  of  Solution  for  3-D  Problem 


f - f2  + f2  - fl  _ 1 

‘ * 7 A y 7 Ay 


- f. 


Referring  to  the  local  flow  direction,  one  of  the  values 
may  be  taken  from  previous  iteration. 


I ^ * f2  f7  ' Pi 

A > 0 f = i-  [-2 + -± -] 

x 2 A x Ax 

f - f f - f 
1 3 7 7 1 

A < 0 f = i-  [ — — — r — + — — — t -] 

x 2 Ax  Ax 


Rewriting  equ.(12)  with  respect  to  the  conservative  form  of 
the  vorticity-transport  equ.s  (1)  leads  to  a convective  term  like 


, rx,  1 rU3  ^3  ' U2  ^2  U2  ^2  ' U1  ^1, 

(u?  }x  = 2 1 — n + — fh 1 


1 rU3  r,3  ~ U2  ^2  U2  ^2  ~ ui  rK 

2 Ax  + Ax 


The  corresponding  three  dimensional  approximation  results  from 
superposing  the  evaluated  formulae  applied  to  each  of  the  axis 
directions.  This  may  be  done  successively  within  the  program- 
system  . 
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When  initial  values  c,  E,,  c arc  set  calculations  start  solving 
equ.(l).  Reaching  some  iterative  limit  one  may  compute  equ.(3). 

As  both  sets  of  equations  are  strongly  coupled  this  procedure 
must  be  repeated  until  the  final  accuracy  will  be  obtained.  Then 
the  pressure  equ.(4)  can  be  solved  using  the  calculated  flow  field 
data . 
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SOME  NEW  RESULTS  ON  CALCULATING  THREE-DIMENSIONAL 
VISCOUS  FLOWS 


by 

W.  Haase  and  E.  Elsholz 


+ 


) 


This  paper  presents  some  new  results  calculated  from  the  three- 
dimensional  Navier -Stokes-equations  on  laminar  steady  state  flow. 
The  fluid  may  be  homogeneous  and  incompressible. 

Assume  a body  located  inside  of  a 3-D  physically  rectangular  do- 
main which  should  be  equivalent  with  a cartesian  coordinate  sys- 
tem. Uding  this  type  of  domain  the  question  arises,  how  to  real- 
ize an  arbitrarily  shaped  body  in  a cartesian  coordinate  system. 
This  problem  results  in  variable  step  sizes  in  each  of  the  coordi- 
nate directions,  in  order  to  get  the  body's  shape  as  close  to 
reality  as  possible. 

There  exist  three  potentialities  managing  this: 

1)  Step  sizes  are  generated  in  such  mode  that  no 
gridpoint  is  located  on  the  body's  surface. 

2)  Step  sizes  are  adjusted  in  this  way  that  all 
gridpoints  are  located  on  the  surface. 

3)  Combination  of  method  1)  and  2). 

These  facts  indeed  allow  the  construction  of  arbitrarily  shaped 
bodies  in  the  best  manner.  On  the  other  hand  one  important  limi- 
tation must  be  observed  namely  keeping  step  size  ratios  of  two 
neighboring  step  sizes  within  values  of  0.5  an.  2 .0  - due  to 
numerical  calculations. 


+)  Wi ssenschaf tliche  Mitarbeiter  bei  Prof.  Dr.-lng.  A.  Walz, 
Emmendingen,  c/o  Technische  Universitat  Rerlin,  Institut 
fur  Thermo-  und  Fluiddynamik 
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It  can  be  realized  that  these  limits  are  making  further  trouble 
because  it  should  be  possible  to  insert  or  remove  mesh  lines  where- 
ever  it  is  necessary.  While  this  results  in  deviations  from  the 
original  contour  (if  one  tries  to  use  only  method  2)  we  profit  by 
a combination  of  method  1)  and  2).  Therefore,  in  our  present  cal- 
culations all  problems  of  this  nature  become  trivial  more  or  less. 
An  important  - nontrivial  - job  to  do  was  the  calculation  of  the 
pressure  distribution  by  solving  the  Poisson  equation  for  the 
pressure  coefficient.  There  are  no  numberical  stability  prob- 
lems as  mentioned  by  R I MON /CHENG/ 1/  and  other  authors.  Calcula- 
tions had  been  done  using  a complete  program  system  for  solving 
the  compressible  Navier-Stokes-equations  by  Mr.  Elsholz.  The 
dashed  line  in  figure  la  represent  the  computed  result  by 
RIMON/CHENG  who  got  their  pressure  distribution  by  integration 
along  the  body's  equator.  Solving  the  Poisson  pressure  equation 
however  yields  in  pressure  information  within  the  whole  computa- 
tional domain. 

Next  figure  (lb)  deals  with  the  flowfield  configuration  post  a 
sphere.  The  Reynolds  number  based  on  the  sphere  diameter  is  133. 
While  the  upper  part  of  this  figure  shows  the  photograph  of  this 
flowproblem  made  by  TANEDA  the  lower  part  gives  a look  at  our 
computed  results.  Because  of  symmetry  we  calculated  only  half  of 
the  sphere  and  used  51  times  21  times  41  grid  points  in  the  x, 
y,  z direction  of  the  computational  domain.  Wake  length,  separ- 
ation point  and  location  of  the  vortex  center  compare  favourably 
with  the  experiment. 

To  compute  a true  three-dimensional  flow  field  together  with  these 
famous  but  unfortunately  critical  high  Reynolds  numbers  we  first 
calculated  flow  past  a spheroid  with  an  axis  ratio  of  3:1  under 
an  angle  of  attack  of  30  degrees  /2/.  Calculations  turned  out  to 
be  numerically  stable  although  we  had  to  handle  two  outflow  bound- 
aries on  the  top  and  on  the  right  hand  side  of  the  domain. 
Encouraged  by  these  results  (and  Professor  Walz  ) we  took  the 
change  to  compute  the  flow  field  past  a slender  body  of  revolution 
with  and  without  an  additional  wing  which  was  investigated  by 


GROSCHF  /3 / by  moans  of  a directional  probe  in  the  3 m wind  tunnel 
of  the  AVA  Gdt tingen/Germany  of  the  DFVLR.  Because  of  a small 
free  stream  Mach  number  of  about  0.12  we  could  use  our  incom- 
pressible program  system  in  a perfect  way. 

The  body  is  shown  in  Figure  2.  It  has  a total  length  of  15  dia- 
meters. The  nose  profile  has  nearly  the  same  form  used  by  AGARD 
Calibration  Model  b/4/ . Span  of  the  airfoil  is  four  times  the 
body  diameter,  his  thickness  has  an  amount  of  20%  of  the  diameter. 
For  our  computations  we  chose  two  test  cases,  a first  one  without 
and  a second  one  with  this  additional  airfoil.  Morevoer  we  used 
an  angle  of  attack  of  15  degrees  and  a Reynolds  number  of  7 -5  -10^ 
based  on  the  length  of  the  slender  body  of  revolution. 
Unfortunately  we  had  an  extreme  lack  of  time  because  of  computer 
failure,  therefore  we  are  very  sorry  to  say  that  we  are  not  able 
to  present  plotted  results  of  the  body/wing  configuration,  fur- 
thermore the  velocity  plots  of  Figures  4 and  6 ) may  be  also 
taken  as  partly  finished  articles. 

All  figures  from  number  3 to  6 represent  vector  plots  of  the  vel- 
ocity components  normal  to  the  main  axis  (x-axis)  of  the  body  at 
a distance  of  x/D  = 11  and  x/D  = 13  from  the  leading  edge  (D  = 
diameter).  Upper  figures  (3  and  5)  always  give  a look  at  the 
measurement  /3/  while  the  lower  ones  are  showing  our  calculations. 
The  centers  of  these  trailing  vortices  do  not  have  exactly  the 
same  locations  the  measured  have.  But  if  the  reader  considers 
again,  that  results  are  taken  from  the  running  iteration  compari- 
son is  not  too  bad  in  truth. 

"The  technique  of  obtaining  numerical  solutions  of  the  fluid- 
dynamical  equations  with  quantitative  accuracy  is  not  trivial, 
even  with  the  help  of  a high  speed  computing  machine"  (Rimon/ 

Cheng  ) 

- but  it  denotes  a practicable  way. 


+)  Authors  greatfully  acknowledge  the  help  of  Mr.  Egbert 
Elsholz  who  developed  the  plot  program  and  made  it  ap- 
plicable on  an  ADAGE  computer  of  the  Computer  Graphics 
Group  at  the  Pschnische  Universitat  Berlin. 
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RLSULTS  or  A CALCULATION  MliTHOD  FOR  TIIRLL-IHMLNSIONAL, 
COMPRLSSI BLL , TURBULLNT  BOUNDARY  LAYF.RS 


by 

H.  W.  Stock 
Dorn i or  GMBH 

Friedrichshafen , Germany 
ABSTRACT 

The  integral  method  proposed  by  D.F.  Myring  ^ extended  by  P.D. 

PI 

Smith  “ to  adiabatic  compressible  flows  has  been  used  for  the  present 
boundary  layer  calculations.  The  calculated  results  will  be  compared 
with  available  experimental  data. 

a.  The  Last  and  lloxey  test  case:  The  boundary  flow  along  a flat 

plate,  on  which  a circular  cylinder  is  mounted  vertically. 

b.  The  Hall  and  Dickens  test  case:  The  boundary  layer  flow  along 

the  insulated  side  wall  of  a supersonic  nozzle,  which  produces 
crosswise  pressure  gradients. 

c.  The  Johnston  test  case:  The  boundary  layer  development  on  a flat 

plate,  the  potential  flow  is  given  by  a two-dimensional  perpen- 
dicularly impinging  jet. 

d.  The  Berg  and  F.lsenaar  test  case:  The  boundary  layer  flow  along 

a swept  flat  plate  with  an  imposed  pressure  gradient  which  leads 
to  separation.  The  experiment  tries  to  simulate  flow  conditions 
on  an  infinite  swept  wing. 

The  method  has  been  extended  by  incorporating  the  lag  entrainment  method 
proposed  by  J.E.  Green  et  al ^ . The  corresponding  changes  will  be 
discussed.  In  connection  with  test  case  d.  the  sensitivity  of  the 
method  to  perturbations  in  the  potential  flow  data  for  boundary  layers 
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near  separation  will  he  shown.  Furthermore  the  importance  of  the 
empirical  correlation  of  the  form  parameters  ll^-ll  will  be  demonstrated 
using  test  case  d.  Finally  boundary  layer  calculations  will  be  pre- 
sented for  transonic  wings  where  the  three-dimensional  potential  flow 
data  were  obtained  by  solving  the  transonic  potential  equation  for 
small  perturbations  with  a relaxation  technique.  The  results  on  a 
finite  rectangular  and  a tapered  wing  with  varying  sweep  of  the  lead- 
ing and  trailing  edge  will  be  shown. 

1 . INTRODUCTION 

The  aim  of  the  present  work  is  to  develop  for  calculating  compressible, 
turbulent  boundary  layers  a program,  which  should  serve  together  with 
a program  for  transonic  potential  flow  data  in  the  design  procedure 
for  three-dimensional  transonic  wings.  Via  iterative  calculations  - 
potential  flow  and  boundary  layer  flow'  - pressure  distributions  on 
wings  including  viscous  effects  will  be  calculated  for  attached  flows. 

2.  CALCULATION  METHOD 

2.1  Integral  Method  (D.F.  Myring^  , P.D.  Smith  ^) 

The  boundary  layer  calculation  is  based  on  the  integral  method  developed 

by  D.F.  Myring ^ 1 ^ which  has  been  extended  to  compressible  flows  by  P.D. 
r 2] 

Smith*  . Only  a brief  description  of  the  method  will  be  given  here, 
for  detailed  information  see  Ref.  1,  2. 

The  integral  equations  for  three-dimensional  boundary  layers  are 

I 

written  in  non-orthogonal  curvilinear  corrdinates.  Only  adiabatic 

flows  are  considered.  For  the  solution  of  the  problem  the  x and  y 

momentum  equations  and  the  entrainment  equation  are  used.  The  three- 

dimensional  boundary  layer  velocity  profile  is  decomposed  in  a profile 

in  the  direction  of  the  potential  flow,  X,  (streamwise  direction) 

and  orthogonal  to  X in  a profile  in  the  direction  of  the  secondary  flow, 

[41 

Y,  (cross-flow  direction).  Empirical  relations  (Mayer-1  or  Johnston- 
^ profiles)  allow  the  calculation  of  the  cross-flow  profile  as  a 
function  of  the  streamwise  profile.  The  integral  quantities  which 
appear  in  the  X,  Y coordinate  system,  can  be  evaluated  easily  from  the 
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streamwise  and  cross-flow  profiles.  The  choice  of  the  nonorthogonal 
curvilinear  corrdinate  system  x,y,  in  which  the  boundary  layer  dev- 
elopment will  be  calculated,  determines  the  functional  relation  between 
X,Y  and  x,y.  The  integral  quantities  in  the  x,y  system  can  be  computed 
from  those  in  the  X,Y  system.  For  the  solution  of  the  resulting  system 
of  three  partial  differential  equations  the  following  empirical  relations 
are  used: 

The  velocity  profile  in  the  streamwise  direction  can  be  repre- 
sented by  power  law  profiles 

The  Ludwieg-Til lmann  equation  is  used  for  the  calculation  of 
the  skin  friction 

The  influences  of  compressibility  are  taken  into  account  by  Eckert's 
reference  temperature  concept 

For  the  calculation  of  the  entrainment  coefficient  the  formulation 
of  Green^  is  used. 

f 3] 

2.2  Lag  Entrainment  Method  (Green  et  al  ) 

[3] 

The  lag  entrainment  method  of  Green  et  al.  has  been  used  to  ameliorate 
the  calculation  procedure.  The  original  version  of  Myring  ^ uses  an 
expression,  developed  by  Head  for  the  entrainment  coefficient  F 

which  is  correlated  to  the  shape  parameter  H.  This  correlation  is  based 
on  measurements  in  equilibrium  boundary  layers.  P.D.  Smith  ^ has  used 
an  expression  for  F = F(H)  as  proposed  by  Green  ^ which  is  valid  for 
compressible  flows.  Both  Head's  and  Green's  correlation  should  be 
applied  only  in  the  case  of  equilibrium  boundary  layers.  The  lag 
entrainment  method  however  calculates  the  entrainment  coefficient  F 
via  a differential  equation,  where  the  change  in  F is  set  proportional 
to  the  deviation  of  the  actual  boundary  layer  from  that  in  an  equilib- 
rium state.  Hence  Green's  et  al.^  method  should  yield  results  which 
are  more  reliable. 

2.3  Boundary  Conditions 

Myring  ^ has  shown  for  the  incompressible  case  that  the  resulting 
three  differential  equations  are  of  hyperbolic  nature.  This  situation 
is  not  changed  by  the  introduction  of  compressibility.  Hence,  the  two 
outmost  characteristic  directions  define  the  domain  of  influence  and 
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dependence.  It  may  therefore  be  deduced  that  boundary  conditions  are 
needed  along  boundaries  across  which  characteristics  are  entering  the 
region  of  integration.  For  the  three-dimensional  boundary  layer  this 
is  equivalent  to  saying  that  boundary  conditions  are  needed  along 
boundaries  across  which  boundary  layer  fluid  is  entering  the  integra- 
tion region.  It  also  follows  that  boundary  conditions  need  not  to  be 
specified  along  boundaries  across  which  fluid  is  leaving  the  integration 
area . 

The  actual  program  will  be  used  for  calculations  where  no  boundary 
conditions  are  available.  Hence,  the  present  version  is  such  that 
errors  may  be  introduced  along  parts  of  the  boundaries  and  propagate 
along  characteristic  lines  into  the  calculation  domain. 

3.  COMPARISON  WITH  MEASUREMENTS 

3.1  East  and  Hoxey's  Test  Case 

r o 1 

East  and  Hoxey  1 ‘ measured  the  boundary  layer  development  in  the  law 
speed  regime  along  an  unswept  flat  plate  on  which  a cylinder  was  mounted 
vertically,  see  Fig.  1.  The  region  upstream  of  the  separation  line 
on  one  side  of  the  symmetry  plane  was  investigated.  For  the  calculation 
a cartesian  coordinate  system  was  used.  Fig.  2 shows  the  computed 
and  measured  boundary  layer  quantities  for  different  y-stations.  The 
experiment  indicates  separation  for  x - 1.0  in  the  symmetry  plane,  none 
of  the  calculation  procedures  predicts  this  behavior. 

3.2  Johnston's  Test  Case 

Johnston  ^ investigated  the  three-dimensional  boundary  layer  in 
incompressible  flow  on  the  roof  of  a test  section  in  which  a pressure 
distribution  was  produced  by  a jet  impinging  against  the  back  wall  of 
the  test  section.  The  pressure  distribution  was  not  measured  in  sufficient 
detail  for  a boundary  layer  calculation,  such  that  the  external  flow 

to] 

data  were  obtained  from  a potential  flow  calculation  for  vertically 
impinging  jets.  For  the  boundary  layer  calculation  a cartesian  coordinate 
system  was  used.  The  results  are  shown  in  Fig.  4. 
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3.3  Hall  and  Dicken's  Test  Case 

Hall  and  Dickens  measured  the  boundary  layer  development  along  the 

insulated  side  wall  of  a supersonic  nozzle.  The  measurements  were  made 
along  three  streamlines  denoted  by  A,  B,  and  C,  Fig.  5,  which  also 
shows  the  nozzle  geometry  and  the  Mach  number  distribution  along  stream- 
line B.  A nonorthogonal  coordinate  system  was  used  in  the  calculation, 
i,i  which  the  y-direction  was  identical  to  that  shown  in  Fig.  5 and  the 
x-direction  followed  the  indicated  streamlines.  Fig.  6 shows  the 
results  along  streamline  B. 

The  change  in  sign  of  the  curvature  of  the  streamlines  A,  B,  and  C 

indicates  a change  in  sign  of  the  pressure  gradient  in  the  y-direction. 

.•* 

In  such  cases  the  cross-flow  profiles  are  of  the  "cross-over"  type, 
i.e.,  the  cross-flow  velocity  changes  sign  within  the  boundary  layer. 
Such  profiles  can  not  be  represented  by  a quadratic  correlation,  such 
as  Mager  or  Johnston  cross-flow  profiles.  Nevertheless  the  computed 
results  are  in  good  agreement  with  the  measurements. 

3.4  Berg  and  Elsenaar's  Test  Case 

The  experiment  of  Berg  and  Elsenaar  is  of  special  importance,  as 

out  of  the  available  measurements  of  three-dimensional  boundary  layers 
this  experiment  simulates  the  flow  conditions  on  swept  wings.  Berg  and 
Elsenaar  probed  the  turbulent  boundary  layer  on  a swept  flat  plate 
(35°  sweep)  in  incompressible  flow.  The  tunnel  wall  was  formed  such 
that  the  adverse  pressure  gradient  was  sufficient  to  separate  the 
boundary  layer.  Furthermore,  care  was  taken  to  achieve  infinite  swept 
wing  conditions  by  designing  the  contour  of  the  side  plates.  In  Fig.  7 
the  potential  flow  data  are  shown  for  different  interpretations  of  the 
flow  quantities.  Curve  1 corresponds  to  the  measured  quantities  and 
a , curve  2 was  evaluated  from  measured  and  the  infinite  swept  wing 
condition  and  curve  3 was  deduced  from  the  wall  pressure  data  and  the 
infinite  swept  wing  condition.  The  shaded  region  indicates  the  area 
where  separation  was  observed  in  the  experiment.  The  calculations  were 
performed  in  a nonorthogonal  corrdinate  system,  where  the  x-direction 
was  identical  with  the  tunnel  axis  and  the  y-direction  was  parallel  to 
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the  leading  edge  of  the  plate.  All  y-deri vat i ves  were  identical  to 

zero  (infinite  swept  wing  concept).  Fig.  8 shows  the  results  based 

on  external  flow  data  corresponding  to  curve  3.  Included  for  comparison 

are  the  results  of  another  integral  method  proposed  hy  Michael  and 

[ 12] 

Cousteix  . All  calculations  do  not  predict  separation. 

Fig.  9 and  10  show  the  results  for  Mager-  and  Johnston-profi 1 es  for  the 
different  external  flow  data.  Fig.  9 gives  the  results  of  the  lag 
entrainment  method  using  Mager  profiles.  For  the  wall  pressure  data 
(curve  3)  none  of  the  calculations  predicts  separation.  The  results 
including  lag  entrainment  lie  closer  to  the  results  of  Michel  and 

[ 1 2l 

Cousteix  , who  used  a more  elaborate  integral  method,  Fig.  9.  For 

the  external  flow  data,  corresponding  to  the  measured  values  of  U and 
(curve  1),  the  present  calculations  predict  separation  for  both 
Mager-  and  Johnston-profi les , where  the  use  of  Johnston  profiles  tends 
to  indicate  separation  too  early.  The  results  in  Figs.  9 and  10  in 
total  indicate  how  sensitive  the  present  calculation  method  reacts  on 
relative  small  variations  in  the  external  flow  field,  if  the  boundary 
layer  is  close  to  separation.  Fig.  11  compares  the  calculated  entrain- 
ment coefficient  F with  the  measurements  using  Mager  profiles  in  the 
original  version  of  the  P.D.  Smith  method  and  with  the  lag  entrainment 
method  included.  As  can  be  seen  the  agreement  using  lag  entrainment 
is  by  far  better. 

The  power  law  profiles  used  for  the  description  of  the  velocity  distribu- 
tion in  the  boundary  layer  in  the  direction  of  the  external  flow  do  not 
represent  the  conditions  in  a boundary  layer  which  is  close  to  separation. 
The  momentum  loss  in  the  flow  close  to  the  wall  can  not  be  described 
correctly  for  strong  adverse  pressure  gradients.  Hence,  the  relation 
between  the  shape  parameters  llj  and  II  in  the  P.D.  Smith  method  which  is 
based  on  power  law  profiles  is  believed  to  be  one  of  the  main  reasons 
for  the  unsatisfactory  results. 
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The  dominant  terms  in  the  entrainment  equation  for  small  crossflow 
effects  are 
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It  is  obvious  from  equation  (1)  that  the  Hi-H  correlation  governs 
the  change  of  the  form  parameter  H. 

To  demonstrate  the  influence  of  the  Hi-H  correlation,  three  different 
correlations  have  been  used  to  calculate  the  Berg  and  Elsenaar  test 
case . 
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The  different  correlations  are  shown  in  Fig.  12.  liquation  (2)  lesults 
from  power  law  profiles,  which  can  also  be  used  for  adiabatic,  com- 
pressible flows  Equation  (3)  was  proposed  by  Green ^ . Equation 

(4)  represents  the  mean  value  between  Equations  (2)  and  i4) . Fig.  13 
gives  the  results  obtained  for  Mager  profiles  and  wall  pressure  data. 

It  is  seen  clearly  that  a more  elaborate  correlation  for  H,-H  is  needed 
in  order  to  obtain  more  reliable  results.  A one  parameter  profile 
family  like  the  power  law  profiles  fails  to  describe  a reliable  H,-H 
relationship,  possibly  a two  parameter  profile  family  ***1  may 

improve  the  situation.  Fig.  14  shows  the  results  for  the  skin  friction 
coefficient  calculated  for  the  different  potential  flow  data  using 
Mager  and  .Johnston  profiles,  with  or  without  lag  entrainment  and  using 
the  different  H,-H  relationships. 
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4. 


CALCULATIONS  OF  THF.  BOUNDARY  LAYER  DEVELOPMENT  ON 
WINGS  IN  THE  TRANSONIC  FLOW  REGIME 


4.1  Finite  Rectangular  Wing  (NACA  63A006) 

The  pressure  distribution  on  the  wing  of  the  wing-body  conf igurat ion ^ 1 ^ 
was  calculated  with  a relaxation  method  1 ’ J for  an  angle  of  attach 

of  2°  and  a Mach  number  of  0.9.  Fig.  16  shows  the  pressure  distribution 
in  the  wing  section  close  to  the  fuselage  (wing  section  1)  close  to 
the  tip  (wing  section  9)  and  in  the  middle  of  the  Wing  (wing  section  5). 

4.1.1  Initial  Conditions 

The  boundary  layer  calculation  was  done  in  a cartesian  coordinate  system 
The  y-stations  correspond  to  the  nine  wing  sections.  As  initial  condi- 
tions laminar  boundary  layer  quantities  were  used  which  would  exist  in 
the  stagnation  line  of  an  unswept  cylinder,  the  radius  of  which  is  equal 
to  the  nose  radius  of  the  wing.  In  the  vicinity  of  the  stagnation  line 
the  boundary  layer  thicknesses  do  not  change.  Consequently,  the  calcula 
tion  can  be  started  with  the  stagnation  quantities  close  to  the  leading 
edge.  Two  different  calculations  were  done  starting  from  0.04%  chord 
and  1%  chord.  No  difference  did  show  up.  Fig.  16  shows  the  boundary 
layer  development  on  the  upper  surface  in  the  5th  wing  section  starting 
from  1%  chord  for  different  initial  conditions.  The  continuous  line 
gives  the  results  for  the  initial  conditions  obtained  from  the  stagna- 
tion line  quantities  on  the  unswept  cylinder;  the  dashed  line  shows  the 
calculations  for  10  times  and  the  last  curve  corresponds  to  100  times 
these  initial  conditions.  As  can  be  seen,  the  calculations  are  rela- 
tively insensitive  to  the  perturbations  in  the  initial  conditions.  The 
differences  decay  from  1,000%  and  10,000%  at  the  leading  edge  to  2%  and 
15%  respectively  at  the  trailing  edge. 

4.1.2  Results 

Fig.  16  shows  the  pressure  distribution  and  boundary  layer  quantities 
on  the  upper  and  lower  surface  in  the  wing  sections  1,  5,  and  9.  The 
calculations  were  started  at  1%  chord  and  the  initial  conditions  were 
those  on  the  cylinder.  The  results  show  qualitatively  the  expected 
behaviour  of  the  boundary  layer  development.  In  the  region  of  the 
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pressure  rise  on  the  upper  surface  between  50°6  and  60°o  chord  the  boundary 
layer  grows  rapidly  (On. 5*,  H)  and  the  skin  friction  C^.  decreases.  A 
similar  behaviour  is  seen  close  to  the  trailing  edge. 

4.2  Calculations  of  the  Boundary  Layer  Development  on  a Tapered  Wing 
with  Fuselage 

The  plan  form  of  the  wing  is  shown  in  Fig.  19.  A nonorthogonal  coordinate 
system  was  used,  such  that  the  calculation  proceeds  along  percentage  lines. 
The  Mach  number  was  0.835  and  the  angle  of  attack  0.5°.  The  calculation 
was  considered  as  a test  case,  to  see  how  the  data  transport  from  the 
potential  flow  program  and  the  automatic  generation  of  the  coordinate 
system  worked  out.  The  pressure  distribution  shown  in  Fig.  17  was 
obtained  with  a rather  crude  grid  and  the  solution  was  not  fully 
converged,  but  good  enough  to  make  the  first  trial  with  the  boundary 
layer  program.  As  initial  conditions  the  stagnatioi  line  boundary  layer 
quantities  on  swept  cylinders  were  used.  Fig.  18  gives  an  idea  of  the 
displacement  surface  on  the  upper  and  lower  surface  and  Fig.  19  shows 
the  potential  and  limiting  streamline  inclination  distribution.  The 
displacement  thickness  6*  of  the  three-dimensional  boundary  layer  can 
get  negative  (see  Fig.  18  in  the  first  wing  section)  as  5*  is  calculated 
from 
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where  fjand  f2  are  functions  of  the  components  of  the  metric  tensor, 
u i and  Vj  are  the  components  of  and  At,  A2  the  displacement  thick- 
nesses in  the  x-  and  y-  direction  respectively. 


5.  CONCLUSIONS 

Calculating  the  different  test  cases  an  advantage  of  this  method  gets 
obvious,  without  a change  to  the  program  the  boundary  layer  development 
was  calculated  in  different  coordinate  systems.  The  results  as  compared 
with  measurements  show  a satisfactory  agreement.  The  inclusion  of  the 
lag  entrainment  method  does  improve  the  predictions.  It  is  seen  that  the 
present  method  is  rather  stable,  i.e.,  perturbation  in  the  initial 
conditions  decay  rapidly. 
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Angle  between  the  projection  of  the  erternal  flow  direction 
direction  onto  the  surface  and  the  chosen  x-direction 

Angle  between  the  projection  of  the  external  flow  direction 
onto  the  surface  and  the  limiting  streamline 

Boundary  layer  thickness 

Displacement  thickness  of  the  three-dimensional  boundary 
layer 

Displacement  thickness  corresponding  to  the  velocity  profile 
in  the  external  flow  direction 

Displacement  thicknesses  defined  in  the  chosen  x and  y 
coordinate  system 

Momentum  thickness  corresponding  to  the  velocity  profile 
in  the  external  flow  direction 


Density 
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Comparison  of  Johnston's  Measurements 
Kith  the  Calculated  Results. 


■ Measurements 
1 = * 2 5 in  j 

HAGER  PROFILES 
JOHNSTON  PROFILES 
Mager  profiles  with  1 
"Lag  entrainment  ” 
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Comparison  of  Berg  and  F.lsenaar's 
Measurements  With  Different  Calculation 
Methods  Using  Wall  Pressure  Data. 
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Fig.  10.  Results  for  the 
Flow  Data  Using 
(Berg  and  Elsena 
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Fig.  11.  Entrainment  Coefficient  F for  the 

Different  Potential  Flow  Data  fBerg 
and  Elsenaar) . 
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Fig.  15.  Influence  of  the  Initial  Conditions 
on  the  Boundary  Layer  Development  on 
the  Upper  Surface  of  a Finite  Rectangular 
Wing  (NACA  63  A 006)  for  an  Angle  of 
Attack  of  2°  and  M = 0.9. 
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Fig.  19.  Potential  and  Limiting  Steamline 
Inclination  on  the  Supercritical 
Wing  (SKF,  Alpha  Jet). 
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Fig.  19.  Continued. 
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FLOW  FIELD  MEASE  REMEN  TS  IN  AN  ASYMMETRIC  AXIAL  CORNER  AT  M = 12.5 

* ** 

James  R.  Cooper  and  Wilbur  L.  Hankey,  Jr. 

Air  Force  Flight  Dynamics  Laboratory 
Wrioh t -Pa t terson  AFB,  Ohio 


Abstract 


A detailed  study  of  shockwave  boundary  layer  interaction 
and  interference  heating  of  an  axial  corner  typical  of  vehicle 
junctions  has  been  made.  Extensive  impact  pressure  profiles  were 
obtained  in  addition  to  static  pressure  information  and  oil  flow 
studies.  Measurements  revealed  two  large  vorticies  within  the 
boundary  layer  responsible  for  high  local  heating.  A complex  in- 
viscid  shock  pattern  dominated  by  a triple  point  structure  was 
also  determined.  A theoretical  reconstruction  of  the  flow  was 
accomplished  using  conical  flow  relationships  to  calculate  the 
conically  symmetric  inviscid  supersonic  flow. 

Nomenclature 


M 

P 

P1 

r ,0,0 

R 

S 


u,v,w 


Mach  number 
Static  pressure 
Impact  pressure 

Spherical  coordinate  system 
Flow  reattachment  location 
Flow  separation  location 
Velocity  components  parallel  t<  * 
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x,y  ,2 
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Y 
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Cartesian  coordinates  where  x is  in  the  free 
stream  velocity  direction 

Flow  velocity 

Conical  y value  normalized  with  respect  to  x 
Normalized  y value  of  plate  bow  shock  location 

Conical  z value  normalized  with  respect  to  x 
Body  flow  turning  angle 

Body  flow  turning  angle  including  viscous  effects 
Bow  shock  angle 
Pressure  ratio 
Density 

Shock  angle  with  respect  to  spherical  surface 
Cross  flow  angle  on  unit  sphere 


Subscripts 

c Cross  flow  component 

n Normal  component 

r Radial  direction  component  in  spherical  system 

T Values  related  to  triple  point 

6 Component  parallel  to  6 axis 

0 Component  parallel  to  <p  axis 

Introduction 


In  the  design  of  an  aerodynamic  body  subject  to  hypersonic 
flow  it  is  important  to  understand  the  nature  of  the  flow  field 
that  will  develop  around  the  body.  One  of  the  most  important 
reasons  for  understanding  the  flow  is  due  to  its  high  heating  po- 
tential, not  only  in  stagnation  regions,  but  near  flow  interfer- 
ence regions  as  well.  Often  in  hypersonic  flow  bow  shocks  gener- 
ated by  various  portions  of  a configuration  will  trigger  boundary 
layer  flow  separation.  Hie  separated  flow,  after  negotiating  the 
adverse  pressure  gradient  presented  by  the  shock,  will  attach  it- 
self to  the  surface  and  cause  heating  rates  at  reattachment  which 
can  sometimes  exceed  those  at  the  leading  edge  stagnation  regions. 
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Without  adequate  knowledge  of  this  three-dimensional  separation 
and  reattachment  phenomena  and  its  associated  heating  capability, 
a design  may  not  properly  account  for  the  higher  heating  rates  and 
subsequent  stru  -ural  failure  could  occur. 

One  of  the  more  common  configurations  that  cause  shock  in- 
duced boundary  layer  separation  is  the  axial  corner,  typically 
occurring  on  a vehicle  at  such  locations  as  the  wing-body,  body- 
tail  or  inlet  junctions.  Strong  bow  shocks  are  generated  by  the 
surface  impinges  on  the  boundary  layer  of  the  second  surface  im- 
posing an  adverse  pressure  gradient  on  the  flow.  As  a result  of 
this  pressure  gradient,  multiple  separation  bubbles  can  occur 
which,  in  three-dimensional  separation,  will  scavenge  off  the  low 
energy  flow  of  the  boundary  layer.  The  reattaching  flow  then  con- 
sists of  high  energy  air  which  causes  the  elevated  heating  rates 
experienced  in  the  reattachment  region  of  the  surface. 

Because  of  the  bow  shock  induced  separation  characteristics 
of  an  axial  corner,  the  corner  configuration  was  selected  to  gen- 
erate the  hypersonic  flow  field  studied  in  this  investigation. 

To  enhance  the  separation  features  of  the  axial  corner  the  bound- 
ary layer  to  be  separated  was  developed  on  a surface  aligned  with 
the  flow  to  insure  that  the  bow  shock  of  the  surface  would  be 
weak  and  the  boundary  layer  large.  The  second  surface  was  in- 
clined so  that  the  flow  would  be  compressed  and  a strong  bow 
shock  generated.  Thus  the  axial  corner  configuration  selected 
was  highly  asymmetric,  consisting  of  a wedge  and  a flat  plate. 

Data  from  the  asymmetric  axial  corner,  which  is  presented  here, 
was  acquired  for  the  purpose  of  satisfying  the  following  basic 
objectives  of  this  program:  (1)  determining  the  flow  field  struc- 

ture in  a high  asymmetric  axial  corner,  and  (2)  associating 
areas  of  local  elevated  heating  rates  with  the  accompanying  flow 
field  phenomena. 


Model  and  Apparatus 


Model  and  Facility 

As  indicated  in  Fig.  1 the  shock  interference  corner  flow 
model  used  for  this  study  consists  of  a flat  plate  with  a 15° 
wedge  located  along  its  right-hand  side.  The  flat  plate  is  16  in. 
long  and  8 in.  wide  with  a sharp,  20°  bevel,  leading  edge.  The 
surface  of  the  plate  aft  of  the  .leading  edge  strip,  as  shown  in 
Fig.  2,  is  a removable  instrumented  steel  insert  containing  static 
pressure  ports  in  43  locations.  A recessed  base  plate,  to  which 
the  insert  is  secured,  provides  an  access  path  for  the  necessary 
pressure  tubing. 


Fig.  2 Plate  Pressure  Instrumentation 


A 6 in.  high,  16  in.  long  wedge  shock  generator  is  positioned 
on  the  flat  plate  at  a 15°  angle  of  incidence  using  two  brackets 
to  hold  it  in  place.  The  leading  edge  of  the  wedge  is  sharp  with 
a 20°  bevel. 

The  plate  and  wedge  assembly  were  mounted  in  the  ARL  20-inch 

Hypersonic  Wind  Tunnel  facility  with  the  plate  at  0°  angle  of 

. o . . 

attack  and  the  wedge  presenting  a 15  compression  surface  to  the 
flow.  The  20-inch  HWT  has  an  open  flow  test  section  with  a usable 
flow  core  of  about  10  in.  in  diameter.  Support  of  the  model  is 
provided  through  a sting  mount  arrangement  which  can  retract  the 
model  from  the  flow  for  tunnel  starting. 

Throughout  the  investigation  the  flow  conditions  in  the  20- 
inch  tunnel  were  held  constant.  All  data  were  gathered  at  a Mach 
number  of  12.5  with  a total  temperature  of  1800°R  and  a total  pres- 
sure of  1200  psia . The  flow  was  fully  laminar  with  a free  stream 
Reynolds  number  of  0.93  million  per  foot. 

Instrumentation 

Data  on  the  flow  conditions  in  the  axial  corner  were  gath- 
ered in  three  ways.  Static  pressure  was  recorded  at  43  locations 
on  the  flat  plate,  an  extensive  impact  pressure  survey  was  con- 
ducted and  an  oil  flow  technique  was  employed  to  aid  in  flow 
visualization . 

The  static  pressure  ports  on  the  plate  were  connected  by 
pressure  lines,  passing  through  the  sting  support,  to  pressure 
transducers  mounted  in  the  test  cabin.  Signals  from  the  trans- 
ducers were  fed  from  the  test  cabin  to  an  Ambilog  data  recording 
[ system  where  pressures  were  recorded  at  one  second  intervals 

! throughout  each  run.  Because  only  25  transducer  channels  were 

available  for  any  given  run,  two  runs  were  required  to  record  all 
43  static  pressures  for  the  given  running  conditions.  To  insure 
uniform  flow  conditions  two  ports  from  the  first  run  were  also 
recorded  during  the  second  run  and  compared  to  see  that  the  same 
values  were  indicated.  Before  each  day  of  running  all  the 
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transducers  were  calibrated  against  a known  pressure  source  and 
again  checked  against  the  source  after  the  running  was  complete. 
The  two-run  series  was  rerun  several  times  to  check  on  the  repeat- 
ability of  the  tunnel  flow  conditions  as  well  as  the  data  acquisi- 
tion system. 

Impact  pressure  information  was  acquired  through  the  use  of 
a tunnel  mounted,  computer  controlled  probe  system  capable  of 
movement  along  all  three  axes.  An  extensive  survey  program  was 
conducted  in  which  the  corner  flow  structure  was  probed  in  three 
different  y-z  planes.  For  a given  x location,  a constant  y 
value  was  fed  to  the  probe  and  the  z value  was  stepped  in  0.1 
increments.  The  probe  traveled  12  in.  in  the  -z  direction  until 
it  contacted  the  wedge  surface  then  returned  to  its  original  loca- 
tion to  complete  each  run.  The  average  time  per  run  was  about  90 
seconds.  After  each  run  the  y location  of  the  probe  was  in- 
creased 0.1  in.  and  the  procedure  repeated.  In  this  way  the  en- 
tire flow  structure  of  the  corner  was  mapped  with  a matrix  of  im- 
pact pressures  with  a 0.1  in.  spacing.  Three  y-z  planes  were 
mapped,  but  only  the  data  attained  at  the  last  station, 
x = 12.5  in.,  were  used  extensively  in  this  study  due  to  the  in- 
creased relative  fineness  of  the  matrix  at  that  station  with  re- 
spect to  the  flow  structure. 

The  probe  was  constructed  of  .093  in.  I.D.  steel  tubing 
filed  to  a sharp  leading  edge.  The  face  of  the  probe  was  aligned 
approximately  7°  off  the  free  stream  direction  toward  the  wedge 
surface  to  keep  alignment  errors  to  a minimum.  Lag  time  in  the 
probe  system  was  accounted  for  by  allowing  the  probe  to  "rest"  at 
the  end  of  each  0.1  in.  movement  before  the  pressure  was  recorded. 
A check  to  see  if  this  was  an  adequate  precaution  was  carried  out 
by  comparing  data  recorded  as  the  probe  went  into  the  corner  with 
data  taken  as  the  probe  left  the  corner.  With  this  method,  if 
the  lag  time  is  not  properly  accounted  for,  pressure  discontinui- 
ties tend  to  be  displaced  in  the  direction  of  probe  travel . Lag 
time  problems  are  easily  determined  by  overlaying  data  recorded 
in  opposite  directions.  No  problems  were  encountered  in  this 
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tost  and  subsequent  data  were  recorded  in  only  one  direction  to 
minimize  running  times. 


To  aid  in  visualizing  the  flow  structure,  several  oil  flow 
runs  were  made.  After  some  experimentation,  it  was  found  that 
discrete  oil  dots  provided  the  most  clearly  defined  surface  struc- 
ture. Flow  separation  and  reattachment  lines  could  be  identified 
from  the  flow  pattern  by  observing  whether  the  oil  flow  lines  were 
converging  or  diverging.  Convergence  was  interpreted  as  a flow 
separation  region  and  divergence  as  a reattachment  line. 

Discussion  of  the  Inviscid  Model 

To  accomplish  the  objectives  of  this  study,  reconstruction 
of  the  asymmetric  axial  corner  flow  field,  it  is  useful  to  first 
consider  the  entirely  inviscid  case  for  the  15°  wedge-flat  plate 
corner.  For  reconstruction  purposes  it  is  possible  to  assume  that 
the  flow  is  conical  in  nature,  which  is  to  say  that  the  flow 
structure  grows  in  a linear  manner  with  x . This  assumption  was 
qualitatively  confirmed  in  the  oil  flow  tests.  Fig.  3 depicts  the 


Fig.  3 Ideal  Inviscid  Flow 

ideal  inviscid  flow  structure  in  an  arbitrary  -z  plane  of  the 
corner  configuration.  In  the  free  stream  the  "cross  flow  stream- 
lines" are  directed  toward  the  x-axis  of  the  model.  Upon  encount- 
ering the  wedge  shock,  however,  the  "streamlines"  are  adjusted 
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such  that  the*  flow  is  in  the  direction  of  the  wedge-plate  inter- 
section line.  This  line,  toward  which  all  the  "cross  flow  stream- 
lines" finally  converge,  is  termed  a vortical  singularity.  In  the 
immediate  vicinity  of  the  vortical  singularity  the  cross  flow 

Nfech  number,  M , is  subsonic  so  that  there  exists  in  the  flow  a 
c 

cross  flow  sonic  line  where  M = 1. 

c 

Now,  if  a viscous  displacement  effect  is  allowed  on  the  flat 
plate  so  that  it  appears  as  a compression  surface  to  the  flow,  the 
resulting  inviscid  structure  becomes  more  realistic.  Fig.  4 illus- 
trates the  new  inviscid  mcdel  which  now  represents  the  inviscid 
flow  structure  of  a highly  asymmetric  double  wedge  axial  corner  in 
which  two  bow  shocks  are  now  present  . The  plate  develops  a con- 
siderable boundary  layer  and  a weak  shock  is  introduced  which  shall 
be  termed  the  plate  bow  shock.  Given  a nominal  compression  thick- 
ness seen  by  the  free  stream  flow  for  the  wedge  and  the  plate,  a 
location  as  well  as  a strength  can  be  associated  with  each  bow 
shock  in  this  model.  Using  the  location  of  the  shocks,  it  is  a 
simple  matter  to  find  a set  of  coordinates  in  the  cross  flow 
plane  which  represent  the  location  of  the  intersection  of  the  bow 
shocks.  For  convenience  the  coordinates  are  represented  as  Z^ 
and  which  are  the  z and  y values  normalized  with  respect  to  the 
x location  of  the  z-y  plane  of  interest. 

In  conical  flow  the  location  of  two  intersecting  shocks, 

(Z^,  Y.J.),  is  sufficient  to  completely  describe  the  resulting  flow 
field  around  the  point  of  intersection.  The  intersecting  bow 
shocks  in  conical  flow  form  a triple  point  with  a third  embedded 
shock  and  a slip  surface  which  are  detailed  in  Fig.  4.  Is  is 
this  embedded  shock  which  sets  up  the  adverse  pressure  gradient 
causing  separation.  Flow  passing  through  the  wedge  bow  shock 
will  acquire  a new  value  of  pressure  p^  and  cross  flow  angle  . 

Due  to  the  characteristics  of  a slip  surface  which  cannot  support 
a pressure  or  flow  direction  mismatch  the  values  of  pressure,  p^ 
and  p^>  and  flow  angle,  and  must  be  identically  equal. 

An  iteration  process  is  required  to  simultaneously  solve  the 
appropriate  relationships  for  the  flow  values  around  the  triple 
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Fig.  4 Inviscid  Flow  With  Viscous  Effects 

point.  The  set  of  equations  necessary  for  this  process  will  be 
developed  fully  in  the  section  on  data  analysis. 

By  simultaneously  solving  the  shock  relationships  for  a 
triple  point,  a Gonar-like ^ 1 ^ solution  was  found  which  is  repre- 
sented by  the  structure  of  Fig.  4.  Examination  of  the  resultant 
inviscid  model  shows  that  the  "cross  flow  streamlines"  again  are 
directed  toward  the  x-axis  in  the  free  stream.  As  the  cross  flow 
passes  through  the  wedge  and  plate  bow  shocks,  the  "streamlines" 
acquire  a direction  toward  two  separate  singularity  points.  The 
flow  of  the  wedge  bow  shock  realizes  a vortical  singularity  in 
the  inviscid  model,  but  the  flow  of  the  plate  bow  shock  is  turned 
again  by  the  embedded  shock  and  the  "streamlines"  are  turned  to  a 
new  vortical  singularity  deep  in  the  corner.  It  is  this  inviscid 
finger  of  high  energy  cross  flow,  with  a high  value  of  impact 
pressure,  that  will  be  shown  to  have  a significant  effect  in  the 
high  local  heating  of  the  plate. 

(2  3 } 

Information  given  in  earlier  corner  flow  studies'  ’ ' using 
symmetric  or  nearly  symmetric  corners  noted  that  the  bow  shocks 
of  the  two  surfaces  did  not  intersect  directly  but  formed  two 
separate  triple  points  joined  by  a diagonal  shock  in  the  corner. 
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Each  triple  point  generated  an  embedded  shock  which  extended 
toward  the  body  surface  where  it  caused  the  flow  to  separate. 

Slip  surfaces  which  extended  toward  the  corner,  were  also  gener- 
ated at  the  triple  points.  However,  in  the  highly  asymmetric 
case  modeled  above,  consisting  of  the  plate  at  zero  angle  of  at- 
tack and  the  wedge  at  15°  angle  of  attack,  only  one  triple  point 
is  found  instead  of  two.  The  probable  reason  for  this  arises  from 
the  previously  noted  fact  that  near  a vortical  singularity  the 
cross  flow  Mach  number  is  less  than  one,  such  that  a sonic  line 
( Mc  = 1)  exists  in  the  flow.  In  the  symmetric  case  the  sonic 
line  in  the  cross  flow  behind  the  wedge  shock  exists  inboard  of 
the  shock  intersection  whereas  the  shock  intersection  occurs  in- 
board of  the  sonic  line  for  the  highly  asymmetric  case.  Since  im- 
bedded shocks  cannot  exist  in  subsonic  cross  flow,  the  conditions 
for  a second  triple  point  cannot  be  met  in  the  asymmetric  corner. 
The  wedge  bow  shock,  however,  is  capable  of  curving  near  the  point 
of  the  bow  shock  interaction,  negating  the  need  for  a second 
triple  point  and  allowing  the  corner  flow  structure  to  exist  with 
one  triple  point.  Note  that  the  sonic  line,  indicated  in  Fig.  4, 
is  located  well  outboard  of  the  triple  point.  From  the  above  dis- 
cussion the  wedge  bow  shock  below  the  sonic  line  can  be  expected 
to  be  curved  to  meet  the  triple  point  at  the  required  slope.  This 
conclusion  is  supported  by  data  discussed  in  the  following  section. 

Discussion  of  Test  Data 


Fig.  5 summarizes  the  salient  flow  features  deduced  from 
the  experimental  test  data  of  this  investigation.  The  primary 
inviscid  flow  field  structure  was  obtained  from  the  impact  pres- 
sure information  and  coupled  to  the  viscous  structure  obtained 
from  the  static  pressure  and  oil  flow  data.  Discontinuities  in 
the  flow  field  were  identified  by  plotting  any  large  discontinui- 
ties in  impact  pressure  values  in  a field  of  more  than  1500  read- 
ings taken  at  x = 12.5  inches.  Of  these  readings,  those  taken 
near  the  triple  point  location  are  presented  in  Fig.  6 in  their 
relative  locations  with  respect  to  the  corner.  As  an  example, 
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for  the  wedge  shock  location  a line  was  established  separating 
the  inpact  pressures  of  the  free  stream  value  of  61  mm  from  those 
reading  about  250  mm  behind  the  shock.  Thus  the  location  of  a 
shock  with  a strength  of  p /p^  equaling  23  was  established.  In  a 
similar  manner,  the  entire  flow  field  structure  was  reconstructed. 
Fig.  7 presents  impact  pressure  profiles  at  several  Z locations 
in  the  corner  flow. 


Fig.  5 Salient  Features  of  Flow  Structure 
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Fig.  6 Impact  Pressure  Readings 


103 


**1  Pj  m mm  P,  in  mm  Pj  m mm 


Fig.  7 Impact  Pressure  Profiles  at  Various  Z Values 


Oil  flow  indications  were  used  to  locate  points  of  separa- 
tion and  reattachment  on  the  body  surface.  Due  to  the  character- 
istics of  separating  flow  a converging  oil  flow  line  pattern  was 
interpreted  as  a separation  line  and  likewise,  a diverging  oil 
flow  pattern  was  interpreted  as  a reattachment  line.  The  oil  flow 
used  to  locate  these  lines  is  shown  in  Fig.  8. 


Fig.  8 oil  Flow  on  Plate  Surface 
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The  salient  features  of  this  asymmetric  corner  flow,  as  in- 
dicated by  the  experimental  data  and  summarized  in  Fig.  5,  include 
one  triple  point  at  the  intersection  of  the  wedge  bow  shock  and 

the  plate  bow  shock.  This  triple  point  is  very  similar  to  either 

(2 ) 

one  of  the  triple  points  shown  in  the  Charwat  and  Redekopp  sym- 
metric corner  flow  in  that  it  generates  a similar  embedded  shock 
and  slip  surface.  The  embedded  shock  of  Fig.  5 provides  an  ad- 
verse pressure  gradient  which  is  felt  far  upstream  in  the  boundary 
layer.  The  effect  is  first  observed  on  a line  approximately  45° 
from  the  x-axis  or  at  Z = 1 where  the  boundary  layer  cross  flow 
first  separates.  This  line  has  -een  termed  S . An  important  fea- 
ture of  three-dimensional  separation  is  the  fact  that,  unlike  two- 
dimensional  separation,  the  dividing  streamline  is  not  the  same 
streamline  that  reattaches.  Due  to  the  open  end  feature  of  a 
three-dimensional  separation  bubble,  flow  entering  the  bubble  is 
constantly  scavenged  away  and  must  be  replenished  by  a portion  of 
the  separation  boundary  layer.  Hence,  it  is  the  uppermost  higher 
energy  streamline  of  this  layer  of  scavenged  flow  that  reattaches 
and  not  the  low  energy  separating  streamline.  It  is  this  feature 
which  primarily  accounts  for  the  high  value  of  three-dimensional 
interference  heating.  The  more  energy  that  is  available  in  the 
reattaching  flow  the  higher  the  heating  rate  will  be.  Within  the 
bubble  reverse  flow  occurs  in  the  cross  flow  plane  much  as  it  does 
in  two-dimensional  separations. 

As  the  cross  flow  continues  it  gains  enough  energy  from 
upper  layers  of  flow  to  reattach,  but  almost  immediately  is  forced 
to  separate  again  due  to  the  continuing  adverse  pressure  gradient 
of  the  embedded  shock.  This  reattachment  and  separation  have  been 
termed  R^  and  S2  respectively.  The  thickening  of  the  flow  due  to 
S.  and  S„  generates  two  weak  separation  shocks  which  intersect 

i.  ^ 

with  the  triple  point  embedded  shock.  The  second  separation  bub- 
ble at  s2  appears  to  scavenge  nearly  all  of  the  remaining  plate 
boundary  layer  to  such  an  extent  that  near  R2  no  detectable  vis- 
cous layer  was  present.  On  the  wedge  a small  separation  bubble 
(S^)  is  present  in  the  corner  with  the  reattaching  streamline 
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This,  small  buble  was  felt  necessary 


striking  the  plate  near  R,,. 
to  round  off  the  corner  and  was  not  felt  to  be  a dominant  feature 
of  the  flow. 

At  the  mutual  reattachment  point,  R^ , where  the  boundary 

layer  is  extremely  thin,  an  inviscid  finger  extends  down  from  the 

region  of  the  triple  point.  As  was  expected,  the  heating  in  this 

region  is  extremely  high  as  indicated  in  Fig.  9.  The  heating  data 

14 ) 

is  taken  from  tests  conducted  by  Lockheed  for  an  FDL  ' program 
using  the  same  model  tested  in  this  study.  "temperature  sensitive 
paint  was  used  in  the  test.  The  wall  pressures  indicated  in  Fig. 
10  support  the  foregoing  data  in  attesting  to  the  high  energy 
level  present  at  R2 . Impact  pressures  of  270  mm  were  recorded 
within  0.1  inches  of  the  surface  at  R0  compared  with  61  mm  in  the 
free  stream. 


Fig.  9 Heat  Transfer  on  Plate  Surface 
Analytic  Calculations 

Calculations  were  carried  out  using  the  experimental  obser- 
vations to  establish  the  credibility  of  the  test  data  and,  con- 
sequently, the  flow  field  model  of  Fig.  5.  Working  in  the  cross 
flow  plane  and  starting  with  experimental  free  stream  conditions, 
a conically  symmetric  inviscid  supersonic  flow  was  computed  based 
upon  measured  locations  of  the  surface  bow  shocks.  The  bow  shock 


l()f> 


Fig.  10  Pressure  Readings  on  Plate  Surface 

locations  were  chosen  as  a known  parameter  because  of  their  well 
defined  experimental  location.  Other  known  values  used  for  calcu- 
lations, in  addition  to  bow  shock  locations,  included  free  stream 
conditions,  triple  point  location,  plate  bow  shock  strength,  and 
the  location  and  slope  of  the  separation  shocks. 

In  calculating  the  boundary  layer  displacement  it  is  neces- 
sary to  account  for  the  slightly  nonconical  nature  of  the  shock 
and  boundary  layer  growth.  Using  a tangent  wedge  approach  illus- 
trated in  Fig.  11,  where  the  body  angle  is  a,  the  bow  shock  angle 
is  6 , and  the  total  compression  angle  seen  by  a conical  flow  is 
5 , an  effective  location  for  the  origin  of  the  bow  shock  can  be 

determined.  The  distance  Y.  of  the  bow  shock  above  the  axis  can 

d 

be  measured  experimentally.  The  resulting  equality 

Yd  = tan  6 + tan  8 - tan  a (i) 

is  solved  for  the  effective  leading  edge  displacraent , tan  5 - tana, 
by  iterating  on  5 , which  gives  a resulting  6 for  given  flow  con- 
ditions, until  the  Yd  is  equal  to  the  experimental  value. 
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Fig.  11  First  Order  Correction  for  Nonconical 
Flow 

Carrying  out  this  procedure  on  the  plate  results  in  a total 
compression  angle  seen  by  the  flow  of  2.1°  with  a normalized  dis- 
placement thickness  of  0.073.  The  required  adjustment  to  the 
leading  edge  location  is  0.0367.  A similar  analysis  of  the  wedge 
surface  results  in  a compression  angle  of  15.7°,  a displacement 
thickness  of  0.026,  and  a leading  edge  correction  of  0.01  31  . 

Thus  any  measured  location  in  the  flow  must  be  adjusted  by  de- 
creasing the  measured  value  by  the  appropriate  effective  leading 
edge  displacement  before  it  can  be  used  for  calculation  purposes, 
i.e.  all  measurements  along  the  Z axis  (z  axis  normalized  with 
respect  to  x ) must  be  reduced  by  the  wedge  leading  edge  displace- 
ment, 0.01  31,  and  all  measurements  along  the  Y axis  (y  axis  nor- 
malized with  respect  to  x)  must  be  reduced  by  the  plate  leading 
edge  displacement,  0.0367.  Henceforth  all  coordinates  in  the  flow 
field  which  are  used  for  calculations  will  have  been  adjusted  in 
this  manner.  This  minor  correction  may  be  viewed  as  a first  order 
correction  for  the  nonconical  behavior  of  the  viscous  layer. 

Having  determined  the  bow  shock  locations  with  their  re- 
spective boundary  layer  displacement  thicknesses,  it  is  now  pos- 
sible to  follow  the  shocks  into  the  corner  until  intersection  oc- 
curs to  locate  the  coordinates  of  the  triple  point.  In  order  to 
calculate  the  conditions  around  thp  triple  point  it  is  necessary 
to  develop  conical  shock  relationships  applicable  to  the  problem. 
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Consider  a shock  wave  in  conical  flow  with  an  inward  normal 
n.  The  slope  of  the  shock  wave  projection  on  a spherical  surface 
is  tan  o , where 


dd> 

sin0tl() 


| = tan  a 

shock 


Therefore  n = - cos  a u . + sin  a u . Since  the  shock  wave  must  be 
- ~ 0 

generated  by  radial  lines  through  the  apex  it  is  apparent  that  the 
shock  wave  normal  does  not  have  a component  in  the  ij  direction. 

The  velocity  vector  does  have  three  components  in  general 


V 


u 


U + V u + w u 
-r  -<p 


The  last  two  components  produce  the  velocity  in  the  cross- 
flow  plane.  From  these  two  components  a conical  cross-flow  Mach 
number  may  de  defined. 


.2  2 2 
M = v + w 
c r 


and 


deft  \ v „ 

— : — r—  = — * tan  at 

sin  0 d 9jy  w 

where  cuis  the  angle  of  flow  in  the  cross-flow  plane. 


To  find  the  change  in  properties  across  a shock  wave  the 
normal  component  of  the  Nfcch  number  is  required. 


Mn  =_ZL 

C1 


_ V w 

- “ “ — - cos«7  + -i-  sin  a 


or 


2 2 2 
M = M sin  (a-cj) 
n c ' 1 


The  pressure  ratio  across  a shock  wave  is 


£=  — = 
' n 


n - 1 
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T 


or 


2 2 

7M  sin  (a-  cj  „ ) - 1 
£=  ci  1 


Using  Rankine-Hugonio t relations  the  density  and  temperature 
ratios  are  easily  determined  from  the  pressure  ratio. 


P2  _ 6 -f  + 1 

P1  { + 6 


T2  _ ^2 _ a K + 6 

T.  ' c.  2 


Now  the  velocity  after  the  shock  may  be  determined  vectorially. 


V Vj  ♦ n (V  - V 


) = Vj  + n (V  ■ n)  / li  -l\ 

\ 2 J 


where  tne  new  velocity  conponents  are 


u = u 
2 1 


v = v - cos  a M c,  | _ 1 . 

2 1 nil  — - 1 


w„  = w,  + sine  Me,  / 1 

2 1 nl. 


\ / 2 . t 

Thus,  the  relationships  for  tan  and  M in  terms  of  s and  M 

2 C2  C1 

are  f 7M2  1 [l  .4M2  "2 

c c 

= 6f*'i  -1  - 1 (2) 

M2  J 

J = C1  (6^  + 1)  - 5 (£2  - 1)  (3) 

C2  f ( ^ + 6) 

These  equations  are  as  expected  since  they  become  identical  to 
the  two-dimensional  oblique  shock  relationships ^5 ^ by  replacing 
the  shock  wave  angle  ( 6 ) by  a - the  free  stream  Mach  number 

(Mj)  by  the  conical  cross  flow  Mach  number  (Mc)  and  the  deflection 
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1 

angle  (5)  by  a>  - (*>  . 

I 

Since  the  location  of  the  triple  point  in  the  flow  field  is 
known,  sufficient  information  is  available  to  completely  describe 
the  flow  properties  behind  the  shocks  and  their  respective  shock 
angles.  Fig.  12  is  the  calculated  triple  point  for  the  flow 
field  showing  the  regional  numbering  scheme  used  in  these  calcu- 
lations. To  obtain  these  results  observe  that  conditions  are 
assumed  known  in  regions  1 and  2.  Shock  1-4,  the  wedge  bow  shock, 
produces  a pressure  p4  and  a flow  direction  a>4  . The  embedded 
shock  2-3  produces  a pressure  p^  and  angle  ^ . Due  to  the  char- 
acteristics of  a slip  surface  the  pressures  and  flow  directions 
must  identically  match  across  3-4. 


Thus,  from  before 


i — 

r i .4M2  i 

2 . 

tan  (a>  -oj  ) _ 

o 

to 

j 

0 

to 

J 

1 2 - 

H 

1 

U2  - 

Lf  2 J 

Solve  for  ^ by  equating^  =6^  for  known  values  of  , 

M , oj  , tu_  and  <f  . Only  two  solutions  will  result  which  are 
c 1 2 2 

physically  significant  when  nondecreasing  entropy  is  required  as 
is  the  case  in  this  problem.  Tb  carry  out  this  solution  for  the 
corner  flow,  flow  properties  in  regions  1 and  2 must  be  determined. 
Both  regiops  have  uniform  flow,  i.e. 


V=Ai+Bj_  + Ck 
where  A,  B,  and  C are  constants  and 

i = 2ir  cos0-  u^sin  <f> 

j = — ur  sin  0 sin  9 -u^  cos  0 sin  9 -u  ^ cos  9 

k = ur  sin  0 cos  9 + u^  cos  9 cos  9 -u^cos  9 
Then  for  the  case 

u = A cos  0-  B sin  0 sin  0+  C sin  0 cos  9 
v = -A  sin  0 -B  cos  0 sin  0+  C cos  0 cos  6 
w = -B  cos  9 -C  sin  9 
In  region  1,  A = |Vi|  > B = C = 0 

^ sin20 


<i>  =90 


(6) 


In  region  2,  the  flow  has  undergone  an  oblique  shock  generated 
by  a wedge  at  angle  5 . Hence, 


A 

B 

C 


|V2 1 C°SS 

0 

kl  sin  5 


and 
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V, 


= 1 - 5(£  2 -1  ) 


^ (6^2  + 1)  - 5f(£22  - 1) 

W6> 


Therefore 


"2  2 
= ( - cos  5 sin  0 + sin  5 cos  0 cos  0 ) 


+ ( - sin  8 sin  Q ) 

tan6;,  = - cos  5 sin  0 + sin  5 cos0  cos  0 


Also  Uj  = u2  or 


V, 


COS  0 = 


V2  (cos  K cos  0 + sin  5 sin  0 cos  Q ) 


which  becomes 


tan  0 cos  0 = 


- cos  5 


sin  5 


constant  s Y„ 


likewise 

tan  0 sin  0 = constant = Z. 


(7) 


(8) 


(9) 

(10) 


(11) 

(12) 


Now  with  the  free  stream  Mach  number,  M - 12.5,  and  the 
corrected  triple  point  coordinates,  Y^,  = .1053  and  Z T = .3769,  the 
corresponding  plate  bow  shock  angle  and  pressure  ratio  is  deter- 
mined. Angular  components  ( 0 and  0 ) of  the  triple  point  coordi- 
nates can  be  gained  from  Eqs.  (11)  and  (12).  The  effective  plate 
oonpression  angle  is  determined  from  Eq.  (7)  and  the  region  2 
cross  flow  angle  from  Eq.  (10).  The  cross  flow  Mach  number  in 
region  1 is  obtained  from  Eq.  (6)  and  the  cross  flow  Mach  number 
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in  region  2 is  from  Rq . (9)  after  determining  the  region  2 flow 

Mach  number  in  Rq . (H).  With  this  information  and  the  knowledge 

that  (it  = 90°.  Rqs . (4)  and  (5)  can  be  solved  simultaneously  by 

iterating  on  if  ^ until  = • Displaying  the  solutions 

graphically  aids  in  choosing  the  solution  that  is  physically 
practical.  Fig.  12  displays  the  results  for  the  calculated  triple 
point  flow  field.  Finally,  the  slopes  of  the  discontinuities 
(dY/dZ)  around  the  triple  p>oint  can  be  determined. 


dY 

— = tan  (r-e  ) 

where 


tan  r - tan  a sec  0 


. 2 , . _ "4+  1 

sin  ( a 4 - ) - — 2 


. 2.  , 
sm  ( a 3 - to 2 ) 


= 4j  + 1 


The  separation  shock  locations  and  boundary  layer  thicken- 
ings were  verified  in  much  the  same  manner  as  the  triple  point. 

The  coordinates  of  the  first  separation  shock  origin  at  the  boun- 
dary layer  surface  were  determined  from  the  data  as  was  the  pre- 
sure  ratio  across  the  shock.  With  this  information,  the  condi- 
tions behind  the  shock  and  the  cross  flow  slop*  of  the  thickened 
boundary  layer  can  be  found.  Using  this  information  as  the  ini- 
tial condition  for  the  second  separation  shock  solution  yields 
similar  results. 

Since  both  separation  shocks  interact  with  the  embedded 
shock  of  the  triple  point,  typical  shock  interaction  solutions 
were  calculated,  again  using  the  presented  data  to  aid  in  choosing 
the  most  practical  case.  Fig.  13  gives  the  results  of  the  inter- 
actions on  the  embedded  shock  and  the  associated  flow  conditions. 


The  region  between  the  triple  point  slip  surface  and  the  embedded 
shock  is  a supersonic  inviscid  finger  which  extends  toward  R on 
the  plate.  This  jet,  much  like  that  of  Edney's^)  type  IV  shock 
interaction,  supports  the  high  heating  in  this  region  of  the  plate. 


z 


Fig.  13  Flow  Calculations  Near  Embedded  Shock 

In  order  to  establish  the  credibility  of  the  data  through 
the  above  calculations,  the  calculated  locations  of  discontinui- 
ties were  compared  with  those  of  the  data  along  with  a comparison 
of  calculated  impact  pressures  with  the  impact  pressure  data. 

From  the  static  pressure  and  Mach  number  in  each  region  an  impact 
pressure  was  calculated  using  normal  shock  relations. 


With  the  exception  of  the  inviscid  finger  region  near  the 
corner,  all  impact  pressures  and  flow  discontinuity  locations  of 
the  data  were  within  10%  of  those  calculated  for  the  same  region. 
Due  to  the  small  size  of  the  finger,  calculations  resulted  in  im- 
pact pressures  higher  than  those  recorded  in  the  test.  This 
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error  was  partially  due  to  the  tendency  of  the  pressure  probe  to 
smear  out  very  localized  high  pressure  cells  and,  thus,  indicate 
a lower  pressure  than  may  actually  be  present. 

Conclusions 


In  this  study  the  flow  field  of  an  asymmetric  axial  corner 
in  laminar  hypersonic  flow  has  been  measured.  These  measurements 
permitted  the  reconstruction  of  the  induced  inviscid  flow  struc- 
ture. Only  one  point  of  interaction  between  the  surface  bow 
shocks  was  observed  as  opposed  to  two  such  triple  points  in  the 
symmetric  case.  Also  a pair  of  separation  bubbles  was  observed 
on  the  flat  plate  with  two  attendant  separation  shocks  and  two 
reattachment  lines.  Associated  with  the  reat tachment  lines,  sur- 
face heating  and  pressure  measurements  have  shown  two  peaks  of 
which  the  inboard  value  was  significantly  higher  than  that  found 
at  the  outboard  location.  An  inviscid  supersonic  jet,  similar  to 
the  Edney  type  IV , was  detected  and  found  to  impinge  upon  the 
plate  surface  near  the  second  reattachment  point.  This  jet  re- 
sulted in  high  impact  pressures  and  heating  at  this  point.  Analy- 
tic calculations  carried  out  to  support  the  experimental  data, 
produced  impact  pressures  which  compared  quite  favorably  with  the 
recorded  values. 
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1 ntroduct ion 

There  is  little  doubt  that  numerical  analysis  has  added  a 

new  dimension  to  research  in  aerodynamics.  Recent  progress  in 

12  3 

numerical  analysis  provides  new  insight  into  both  theoretical 
4 5 6 

and  experimental  ’ ’ investigations.  The  present  analysis  demon- 
strated the  feasibility  to  numerically  investigate  three-dimen- 
sional axial  corner  flow  fields.  An  explicit  numerican  scheme 

was  selected  over  an  implicit  method/  due  to  recent  success  in 

4 5 6 

computing  tlow  fields  containing  shock  waves.  ’ ’ In  order  to 
instill  some  confidence  in  the  present  approach,  the  three- 
dimensional  code  was  first  checked  by  comparing  degenerate  two- 
dimensional  analytic  and  experimental  flows.  A three-dimensional 
calculation  was  then  accomplished  for  an  axial  corner  generating 
by  a 10°  wedge  and  flat  plate  at  the  hypersonic  Mach  number  of  12.! 
The  corresponding  Reynolds  number  based  upon  the  free  stream  prop- 
erty was  0.92  x 10^  which  insured  laminar  conditions.  Ibis  case 

8 

was  then  compared  with  experiment  to  establish  credibility. 
Governing  Equations 

The  governing  equations  of  the  present  analysis  are  the 
unsteady,  compressible  three-dimensional  Navier-Stokes  equations. 
The  time  dependency  of  the  governing  equations  permits  the  solu- 
tions to  progress  naturally  from  an  arbitrary  initial  guess  to  an 

9 

eady  state. 

(pu)  = 0 

fpu  u -T  ) =0 
(peu  + g-  u • T)  = 0 
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The  equation  of  state,  Sutherland's  viscosity  low  and 
Prandtl  number  (0.73)  formally  close  the  system  of  equations. 

The  associated  boundary  conditions  for  the  problems  consiered 
differ  widely  and  will  be  delineated  in  a subsequential  section. 

Coordinate  System 

A major  difficulty  encountered  in  analyzing  practical  three- 
dimensional  aerodynamic  problems  is  the  accomodation  of  complicated 
body  configurations.  A general  coordinate  transformation  was  suc- 
cessfully demonstrated  by  Knight  and  Hankey ^ . The  coordinate 
transformation  is  introduced  as 

£ = £ (x) 

n = n (X,  y,  z)  ( 4 ) 

C = C (X,  y,  z) 

In  order  to  achieve  appropriate  grid-spacing  to  resolve  signifi- 
cant features  of  this  flow  field  at  high  Reynolds  numbers,  the 
coordinate  normal  to  the  surface  is  stretched  exponentially  to 
yield  a cell  Reynolds  number  near  2. 

The  governing  equations  in  the  transformed  space  yields  the 
following  form 
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Numerical  Procedure 

The  system  of  equations  is  solved  by  a two-step  predictor 
and  corrector  scheme  originated  by  MacCormack.^  The  predictor 
and  corrector  equations  are  defined  as  follows 

Predictor: 


= 0 n - At  C (Fn  , - Fn  - At  Z n 
77  x i + 1 i 7—  'xm 
A£  A n m 


(Gn  , , - Gn  . ) - At  I c 
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(lie  stress  and  heat  flux  terms  in  F,  G and  II  are  approximated  by 
central,  forward  and  backward  differing  in  such  a manner  that  after 
a complete  cycle  of  the  predictor  and  corrector  operations  the 
second  derivations  are  effectively  approximated  by  a central  dif- 
fering scheme  (and  arc  accurate  to  second  order).  Equations  (10), 
(11),  are  split  into  three  groups  of  operators;  each  aligned  with 
a transformed  coordinate.  Therefore,  an  alternating  direction 
procedure  can  be  easily  implemented. 
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Stability  and  Accuracy 


The  present  numerical  scheme  is  second  order  accurate  in 
space  and  time.  Although  to  date  no  completely  satisfactory  sta- 
bility analysis  has  been  performed  for  the  finit  difference  form 

4 

of  the  Navicr-Stokes  equation  , the  Courant-Friedrich-Lewy  condi- 

1 2 

tion  for  the  inviscid  domain  serves  as  a useful  indicator. 


For  the  present  viscous  computations,  an  empirical  formula  sug- 
gested by  Tannehill,  et  al^  seems  to  be  adequate. 

AtCFL  - AtCFL/  fl+2/ReV^  ( 

where  R ^ is  the  minimum  mest  Reynolds  number  of  the  computational 
domain . 

Flows  containing  strong  shock  waves  often  cause  numerical 
oscillations.  The  large  truncation  errors  in  the  early  transi- 
tory stage  of  the  computation  also  may  cause  divergence  of  the 
numerical  solution.  Three  numerical  smoothing  schemes  are  in- 
corporated into  the  present  numerical  procedure.  Both  the  con- 
vective volocity  modification  and  the  fourth-order  pressure  damp- 

4 

ing  suggested  by  MacCormack  are  adopted.  Additional  normal  stress 
14 

damping  due  to  McRae  designed  to  counteract  the  abnormal  trans- 
itory behavior  is  also  included. 

Numerican  Results 


Two  dimensional  check  cases: 

Although  the  three-dimensional  code  was  an  extension  of  a 
successful  two-dimensional  program5 ,t>’ 10  verification  was  required 
before  attempting  a full  3-D  case. 

First,  flow  between  two  parallel  plates  was  simulated  for 
which  an  analytic  solution  exists  (Couette  flow).  A comparison 
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was  selected  for  flow  between  a fixed  and  moving  plate  (1100  fps) , 
each  at  a terperature  of  200°R,  and  126. 5°R  respectively  and  sep- 
arated bt  a dustabce  if  0.175  ft.  To  simplify  the  analysis  a 
linear  viscosity  relation  hip  with  temperature  was  utilized. 

Two  cases  were  calculated  for  flow  along  the  x-axis  and  also 
for  flow  aligned  with  the  z-axis.  In  both  cases  all  three  direc- 
tional operators  were  active  during  the  calculations.  The  maximum 
deviation  between  the  numerical  and  analystic  results  is  less  than 
two  percent . 

Next  a comparison  with  a previous  two-dimensional  Navier- 
Stokes  solution*’’  was  accomplished  for  which  experimental  verifi- 
cation existed.  The  case  selected  was  for  shock  impingement  on  a 
flat  plate  laminar  boundary  layer.  The  case  considered  was  for  a 
free  stream  Mach  number  of  2,  a Reynolds  number  of  2.96  x 10'1  and 
an  incident  shock  angle  of  52.58°.  Acceptable  agreement  between 
the  two  and  three  dimensional  codes  were  achieved.  (Not  shown.) 
The  small  discrepancy  between  the  codes  is  attributed  to  differ- 
ences in  the  grid  and  implementation  of  the  boundary  conditions. 

Confirmation  of  the  code  having  been  demonstrated  one  can 
now  proceed  to  investigate  a three-dimensional  problem. 

3 D Axial  Corner 


The  complex  flow  structure  in  the  vicinity  of  an  axial 

g 

corner,  for  which  detailed  experimentsl  flow  field  data  existed, 
was  next  investigated. 

The  axial  corner  was  formed  by  the  orthogonal  intersection 
of  a 100°  wedge  and  a flat  plate  (Fig.  1) . The  free  stream  Mach 
number  was  12.5  and  the  Reynolds  number  was  10^. 

Although  inviscid  computations  exist  for  this  case*6’*7  , one 

g 

must  compare  with  the  experiment  due  to  the  strong  viscous- 
inviscid  interaction  which  persists  at  these  test  conditions. 


The  initial  and  boundary  conditions  for  axial  corner  flow 
are  summarized  as  follows: 

Upstream  and  initial  conditions 

0 (t  , o,  y,  z)  = 0 ( 14  ) 

i w 

At  corner  surface; 

u = 0 ( IS  ) 

T = T = 0.4  To  ( 16  ) 

w 1 

The  boundary  conditions  for  densitv  at  the  surface  is  obtained 
bv  solving  n • Vp  = 0 and  the  equation  of  state.  The  far-field 
boundary  conditions  are  prescribed  as 

n • V U = 0 ( 17  ) 

where  n is  normal  to  the  boundary  surface,  which  merely  reflects 
the  returning  to  two-dimensional  flow  far  from  the  corner. 

The  downstream  boundary  condition  is  approximated  by  a no- 
change condition  in  a conical  direction.  This  boundary  condition 
is  a low-order  approximation  and  should  have  little  upstream  in- 
fl uence . 

Priliminary  results  (Figures  2-10)  are  shown  for  comparison 
with  the  wind  tunnel  data. 

Conclusions 


A three  dimension-time  dependent  Navier-Stokes  code  employ- 
ing MacCormack's  finite  difference  scheme  has  been  developed. 
Successful  comparisons  were  performed  for  analytic  cases  (Couette 
flow)  and  for  two  dimensional  shock-boundary  interaction  to 
first  validate  the  code.  The  flow  field  for  a 3-D  axial  corner, 
Mach  number  12.5,  was  then  computed  and  compared  with  experiment. 

This  investigation  demonstrated  that  numerical  methods  may  be 
used  to  determine  the  general  features  of  complex  three-dimensional 
flows . 
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COMPARISON  OF  SURFACE  PRESSURE  DISTRIBUTION  IN  CONICAL  COORDINATE 
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BOUNDARY  LAYER  STUDIES  ON  A YAWED,  SPINNING  BODY  OF  REVOLUTION 


by 

W.  Sturek , R.  Reklis,  L.  Kayser  and  K.  Opalka 
Wind  Tunnels  Branch 
Exterior  Ballistics  Laboratory 
U.S.  Army  Ballistic  Research  Laboratories 
Aberdeen  Proving  Ground,  Maryland 

ABSTRACT: 

Studies  of  the  three  dimensional  boundary  layer  development  over  yawed, 
spinning  bodies  of  revolution  are  being  carried  out  at  the  Ballistic 
Research  Laboratories  due  to  Army  interest  in  determining  Magnus  effects 
for  artillery  projectiles.  This  paper  describes  a combined  theoretical- 
experimental  research  effort  with  the  overall  objective  of  developing  a 
method  for  computing  Magnus  effects  that  could  be  used  in  the  design  of 
artillery  projectiles.  Numerical  techniques  are  described  for  computing: 
(1)  the  three  dimensional  turbulent  boundary  layer  development  over  a 
yawed,  spinning  body  of  revolution;  (2)  the  three  dimensional  boundary 
layer  displacement  surface  for  an  arbitrary  body  of  revolution;  and 
(3)  the  three  dimensional  inviscid  flow  field  over  a yawed,  pointed  body 
of  completely  general  configuration  with  no  plane  of  symmetry.  The 
computations  are  compared  to  experimental  measurements  of  Magnus  force 
and  turbulent  boundary  layer  profile  characteristics.  Two  body  geometries 
are  considered;  (1)  a 10°  half  angle  cone;  and  (2)  a six  caliber  long 
secant-ogive-cylinder  model  closely  approximating  the  M549  projectile 
shape.  Comparisons  are  shown  for  M = 2,  3;  a = 2°,  4.2°;  and  spin 
rates  up  to  30,000  RPM.  The  agreement  between  theory  and  experiment  is 
considered  to  be  exceptionally  good. 

1.  INTRODUCTION 

Recent  Army  interest  in  achieving  increased  range  and  greater  payload 
capacity  in  artillery  projectiles  has  led  to  designs  with  long,  slender 
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ogives,  increased  projectile  length,  and  hottailed  afterbodies.  These 
designs  have  resulted  in  decreased  drag  with  a resulting  increase  in  range; 
however,  the  aerodynamic  stability  of  these  shapes  is  less  than  more  con- 
ventional designs.  Th i s means  that  these  new  shapes  arc  more  susceptible 
to  a Magnus  induced  instability. 

As  shown  in  Figure  1,  the  Magnus  force  is  a side  force  that  occurs  on  a 
spinning  projectile  in  flight  at  angle  of  attack.  Magnus  is  a small 
force,  it  is  typically  1/10  to  1/100  of  the  normal  force;  however,  its 
effect  is  important  because  the  Magnus  moment  acts  to  undamp  the  projectile 
throughout  its  flight.  Thus,  it  is  desirable  to  minimize  the  Magnus  mo- 
ment in  order  for  the  projectile  to  fly  at  a small  average  angle  of  attack 
and  achieve  the  greatest  range  capability. 

Magnus  has  been  modeled  theoretically  as  resulting  from  spin  induced  dis- 
tortion of  the  boundary  layer.  This  effect  is  illustrated  schematically 
in  Figure  2 where  a cross-sectional  view  of  a body  of  revolution  is  shown. 
The  body  is  at  angle  of  attack  as  indicated  by  the  cross  flow  velocity. 

In  the  view  where  there  is  no  surface  spin,  the  profile  of  the  edge  of  the 
boundary  layer  is  symmetric  with  respect  to  the  plane  of  the  angle  of 
attack.  In  the  view  where  the  surface  is  spinning,  the  profile  of  the 
boundary  layer  is  asymmetric  with  respect  to  the  plane  of  the  angle  of 
attack--thus , the  inviscid  pressure  distribution  (which  responds  to  the 
aerodynamic  shape  composed  of  the  model  plus  boundary  layer  displacement 
surface)  is  asymmetric  and  yields  a net  side  force. 

The  U.S.  Army  Ballistic  Research  Laboratories  have  placed  increased 
emphasis  on  research  into  the  Magnus  effect.  In  this  paper,  recent  results 
will  be  discussed  of  a combined  theoretical -experimental  research  effort 
to  develop  a method  for  computing  Magnus  effects  for  use  in  artillery 
projectile  design. 

2.  THEORETICAL  APPROACH 
2.1  Background 

Since  the  Magnus  effect  is  a viscous  phenomena,  computation  of  the  boundary 
layer  development  is  the  foundation  for  computations  of  the  Magnus  force. 
The  boundary  layer  we  are  considering  is  fully  three  dimensional  with  the 
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added  complication  of  the  interaction  of  surface  spin  with  the  cross  flow 
velocity.  Hie  inviscid  flow  also  requires  special  attention  since,  in 
order  to  compute  the  Magnus  force,  the  inviscid  flow  computation  technique 
must  be  able  to  compute  the  three-dimensional  flow  over  a body  plus  boundary 
layer  displacement  surface  with  no  plane  of  symmetry. 

The  starting  point  for  this  theoretical  effort  was  chosen  to  be  the  laminar 
boundary  layer  development  over  a yawed,  10°  half  angle  cone  in  supersonic 
flow  since  convenient  simplification  is  obtained  in  the  equations  of  motion. 
The  initial  theoretical  effort  was  carried  out  under  contract  with  the 
University  of  California  at  Davis  with  Prof.  II. A.  Dwyer1’'  as  principal 
investigator.  In  order  to  follow  up  on  the  success  of  the  work  under  this 
contract,  Prof.  Dwyer  was  engaged  through  the  Army's  Scientific  Services 
program  to  extend  the  capabilities  of  the  numerical  technique  to  include 
effects  of  longitudinal  pressure  gradient  and  turbulence  in  order  that 
computations  of  turbulent  boundary  layer  development  over  arbitrary  bodies 
of  revolution  closely  approximating  an  artillery  projectile  shape  could 
be  accomplished.  All  of  the  numerical  computations  and  some  of  the 
reprogramming  required  to  enable  computations  to  be  made  for  an  arbitrary 
body  of  revolution  have  been  carried  out  as  an  in-house  research  task. 

2,2  Boundary  Layer  Computations 

The  basic  equations  defining  the  three  dimensional  compressible,  turbulent 
boundary  layer  flow  over  an  axisymmetric  body  of  revolution  described  by 
the  relation  r = r(x)  are  listed  below3  (see  coordinate  system  in  Figure  3): 

Continuity 
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and  the  bar  indicates  a time  averaged  quantity. 


In  order  to  obtain  closure  for  this  system  of  equations,  the  following 
models  of  the  turbulence  terms  have  been  introduced4: 


(1)  Turbulent  shear  stress 
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where  e is  introduced  as  the  turbulent  eddy  viscosity  and  the  mixing 
length,  l = .09  6 tanh  ((.4/. 09)  (y/6)].  Van  Driest  damping  is  used  to 
account  for  the  effect  of  the  laminar  sublayer. 

(2)  Turbulent  heat  transfer 

. 5^  . T p. 

Lp  y 

The  turbulent  Prandtl  number  is  introduced  as 

Pr  = c e/k  = 0.90 
t p t 

The  numerical  technique  used  to  solve  these  equations  is  an  implicit  tech- 
nique that  takes  into  consideration  the  change  in  direction  of  the  cross- 
flow  velocity  that  occurs  on  the  side  of  the  model  where  the  inviscid 
crossflow  opposes  surface  spin.  This  technique  correctly  models  the 
crossflow  convection  process  occurring  within  the  boundary  layer.  In  order 
to  improve  the  speed  and  accuracy  of  the  numerical  solution,  several 
coordinate  transformations  are  employed: 

(1)  langler  transformation  of  axisymmetric  growth. 


£ / o r2dx; 


(2) 


Blasius  type  transformation  of  normal  growth, 

P_ 

P„ 


P . p u . 

. CO  U , oo  or  W o 

n = (F“}  {WT>  /y  p“  rdy;  and 

e °o  o 
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(3)  coordinate  stretching  to  allow  closer  grid  spacing  near  the  wall5 
n.  = 100  (1.5  exp  (( j-1) (1/60) (1/ .05) ] - 1)/(1.5  exp  (1/.05)  - 1) 

where  j = 1,  2,  3 ....  61 


In  computing  the  boundary  layer  development,  the  effect  of  turbulence  is 
turned  on  gradually  over  three  longitudinal  steps.  The  computation  grid 
in  the  azimuthal  plane  is  in  10°  increments.  Three  iterations  are  per- 
formed at  each  station  for  turbulent  computations.  For  comparison  with 
experiment,  the  location  of  boundary  layer  transition  is  fixed  at  the 
location  of  the  boundary  layer  trip  on  the  experimental  model. 

2.3  Three  Dimensional  Displacement  Surface 


The  three  dimensional  displacement  surface  is  not  merely  the  vector  sum 
of  the  longitudinal  and  circumferential  components  of  the  boundary- 1 ayer 
displacement  thicknesses.  Instead,  the  differential  equation  derived 
by  Moore6 : 


— [pur  (6 
9x  e e 3D 


6x)]  + 30  [PeWe  (63D  “ V1  = ° 


(2.3.1) 


must  be  solved  for  6_^,  the  three  dimensional  boundary  layer  displacement 
thickness  where 


6*  = /6  (1  . filL. 

X o p u 


-)  dy  and  6 = /*  (1 


pw 


e c 


p w 
e e 


) dy 


Dwyer’  has  shown  that  equation  (2.3.1)  is  of  the  general  form 


36 


3D 


36 


3x 


Q 


3D 


30 


■ V*3D  * R2 


(2.3.2) 


The  singularity  in  6 and  6^  at  x = 0 can  be  avoided  by  starting  the 

computations  at  a small,  finite  value  of  x and  computing  approximate 

starting  conditions.  Equation  2.3.2  can  then  be  solved  as  an  ordinary 

differential  equation,  providing  the  differencing  in  the  circumferential 

direction  is  carried  out  from  0=  0 to  180°  and  from  0=  0 to  -180°  in  order 

u 

dx  G 

to  obey  the  zone  of  influence  defined  by  tt  = r — . 

^ e 

* 

An  example  of  computed  values  of  6.^  for  the  cone  model  are  shown  in 
Figure  4.  It  is  seen  that  tne  laminar  boundary  layer  is  affected  much 
more  strongly  by  surface  spin  than  the  turbulent  boundary  layer. 
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2.1  Inviscid  Computations 

The  development  of  a numerical  technique  for  computing  the  three  dimensional 
inviscid  flow  field  over  a yawed,  pointed,  body  in  supersonic  flow  was  a 
very  important  step  in  the  development  of  a capability  for  computing 
Magnus  effects7.  The  program  uses  MacCormack ' s 8 "shock  capturing" 
numerical  technique.  'ITiis  is  a second  order  accurate  scheme  that  uses  a 
predictor-corrector  technique  to  solve  the  equations  of  motion  in  an 
implicit  marching  scheme.  The  unique  feature  of  the  program  developed  by 
Sanders  for  the  Magnus  problem  is  that  the  flow  field  is  computed  about  an 
axisymmetric  model  plus  displacement  surface  which,  due  to  the  distortion 
of  the  boundary  layer  by  surface  spin,  has  no  plane  of  symmetry. 

2.5  Sequence  of  Computations 

The  sequence  of  computations  which  must  be  run  in  order  to  compute  Magnus 
effects  is  indicated  in  Figures  5a  and  5b.  Each  block  indicates  a separate 
computer  program  along  with  its  required  input  information  and  the  output. 
The  two  main  programs  are  outlined  in  asterisks. 

In  order  to  start  the  boundary  layer  computation  for  the  spinning  model, 
initial  profile  data  are  generated  for  the  limiting  case  of  the  laminar 
boundary  layer  at  the  tip  of  a non-spinning  cone.  These  data,  along  with 
the  outer  boundary  condition  of  the  inviscid  flow,  enable  the  marching 
technique  to  begin  for  specific  conditions  of  Mach  number,  angle  of  attack, 
wall  temperature,  spin  rate,  and  free  stream  properties.  The  output  of 
this  program  consists  of  wall  shear  and  centrifugal  pressure  gradient 
contributions  to  the  Magnus  effect  (these  will  be  discussed  in  more  detail 
in  section  2.6)  and  the  longitudinal  and  circumferential  components  of 
the  boundary  layer  displacement  surface  as  functions  of  longitudinal  and 
azimuthal  position  over  the  entire  surface  of  the  model. 

The  output  of  the  boundary  layer  program  is  input  to  the  program  which 

solves  for  the  three  dimensional  boundary  layer  displacement  thickness, 

* 

Input  data  for  this  program  are  in  the  surface  coordinate  system 

used  for  the  boundary  layer  computations.  The  output  of  this  program  is 

transformed  into  a cylindrical  coordinate  system  in  order  to  facilitate 

computation  of  the  inviscid  flow.  The  output  consists  of  the  surface 

★ 

coordinates  of  the  model  plus  6,^  as  well  as  the  local  derivatives  of 
the  surface  coordinate  in  the  axial  and  azimuthal  directions. 
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The  final  step  is  the  computation  of  the  inviscid  flow  over  the  newly 
defined  body  which  is  of  completely  arbitrary  configuration  with  no  plane 
of  symmetry.  The  starting  conditions  consist  of  the  inviscid  flow  field 
for  the  asymptotic  cone  tip  of  the  original  model.  Pitch  and  yaw  plane 
force  and  moment  aerodynamic  coefficients  are  the  final  outputs  obtained. 

2.0  Boundary  Layer  Components  of  the  Magnus  Effect 


Due  to  spin  induced  asymmetry  in  the  computed  velocity  profiles,  three 
contributions  to  the  Magnus  effect  are  generated  within  and  at  the  surface 
of  the  spinning  model  which  are  independent  of  the  boundary  layer  displace- 
ment effect  sensed  by  the  outer  inviscid  flow.  These  components  are: 

(1)  longitudinal  velocity  wall  shear,  = p ( Bu/By) ; (2)  circumferential 
velocity  wall  shear,  i = p (Bw/3y)  _Q;  and  (3)  centrifugal  pressure 

gradient,  Ap  = /'  p w_^  dy.  For  a non-spinning  model,  the  net  contribution 
r 


of  each  of  these  components  would  be  zero.  However,  due  to  the  asymmetry 
induced  by  surface  spin,  a small  contribution  to  a side  force  is  obtained. 
The  relative  magnitude  of  these  components  of  the M agnus  force  is  shown  in 
Figure  6.  These  computations  are  for  a 10°  half  angle  cone  model.  Figure  6 
shows  a comparison  between  laminar  and  turbulent  boundary  layer.  The  con- 
tributions of  t(  and  Ap  oppose  and  are  of  comparable  magnitude,  while  the 
contribution  of  is  minimal.  The  arithmetic  sum  of  the  three  components 


is  indicated  by  C 


VBL 


T + T,  + Ap. 
x d)  r 


3.  EXPERIMENTAL  STUDIES 

i 

3.1  Background 

Experimental  studies  are  being  carried  out  to  provide  data  that  will  be 
useful  in  evaluating  and  help  guide  the  development  of  the  theoretical 
effort.  The  experimental  studies  consist  of:  (1)  strain-gage  balance 

force  measurements;  (2)  optical  studies  of  the  effects  of  spin  and  yaw 
on  boundary  layer  transition;  (3)  detailed  profile  measurements  of  the 
boundary  layer  on  a yawed,  spinning  body  of  revolution;  and  (4)  wall 
static  pressure  measurements  on  a yawed  body  of  revolution.  Experimental 
data  have  been  obtained  for  three  model  configurations:  (1)  10°  half  angle 

cone;  (2)  seven  caliber  tangent-ogive-cylinder  model  with  a one  caliber 
ogive;  and  (3)  six  caliber  secant-ogive-cylinder  model  closely  approximating 
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theM549  projectile  shape.  In  this  paper  only  those  experimental  measure- 
ments which  will  be  compared  to  the  theoretical  computations  will  be 
discussed. 

Hie  experimental  measurements  have  been  carried  out  using  Supersonic 
Tunnel  No.  1 of  the  Ballistic  Research  Laboratories9.  This  is  a continuous 
flow,  closed  return  facility  with  a symmetric,  flexible  plate  nozzle. 
Measurements  have  been  made  for  M = 2,  3,  and  4 over  a Reynolds  number 
range  of  4.1  to  8.9xl06  based  on  model  length. 

3.2  Force  Measurements 

Measurements  of  Magnus  and  normal  force  have  been  obtained  using  the 
strain-gage  balance  technique.  The  models  are  free  to  rotate  on  internally 
mounted  ball  bearings.  High  pressure  air  is  forced  into  an  inner  cavity 
through  the  hollow  support  strut.  As  the  air  exhausts  through  a single 
row  of  turbine  nozzles,  the  model  is  spun  up  to  speeds  as  high  as  40,000 
RPM.  The  measurements  are  obtained  while  holding  the  model  at  a fixed 
angle  of  attack.  Data  from  the  strain-gage  balance  are  recorded  auto- 
matically on  magnetic  tape  at  fixed  intervals  of  time  as  the  model  coasts 
down  to  zero  spin. 

3.3  Boundary  Layer  Profile  Measurements 

Measurements  of  the  total  head  pressure  through  the  boundary  layer  on  the 
secant-ogive-cylinder  model  have  been  made  using  a specially  constructed 
probe  drive  mechanism  that  drives  the  probe  through  a plane  perpendicular 
to  the  model  axis.  A picture  of  the  model  with  this  probe  drive  mechanism 
in  place  is  shown  in  Figure  7.  Measurements  have  been  obtained  for  three 
longitudinal  stations  on  the  model  at  M = 3,  a = 2°  and  4°,  and  for  spin 
rates  of  0 and  20,000  RPM.  The  model  RPM  was  held  constant  within  +_  50  rpm 
using  an  automatic  control  for  the  air  supply  to  the  driving  turbine. 

These  measurements  were  obtained  for  azimuthal  stations  completely  about 
the  azimuthal  plane  at  30°  increments.  The  total  head  probe  has  a flattened, 
rectangular  opening  .0076x. 254cm  with  a lip  thickness  of  ,0025cm.  The 
probe  was  oriented  perpendicular  to  the  model  axis  to  measure  the  longitudinal 
component  of  the  velocity.  Velocity  profiles  were  calculated  from  the  total 
head  measurements  using  the  Rayleigh  pitot  formula  and  calculated  values  of 
wall  static  pressure.  The  static  pressure  was  assumed  constant  through  the 
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the  boundary  layer  and  was  equal  to  the  wall  static  pressure.  The  total 
temperature  was  assumed  to  vary  according  to  the  linear  Crocco  temperature- 
velocity  relationship.  The  adiabatic  wall  temperature  was  computed  using 
a recovery  factor  of  0.88. 

The  surveys  through  the  boundary  layer  were  obtained  by  starting  at  a 
position  well  beyond  the  boundary  layer  and  taking  data  as  the  probe  is 
driven  toward  the  model  surface.  Contact  with  the  model  surface  was 
indicated  by  the  closing  of  an  electrical  ground  circuit.  While  the 
model  was  spinning,  the  probe  was  driven  close  to,  but  not  touching, 
the  model  surface  (y  % 0.02cm). 

A measurement  of  the  wall  shear  stress  was  obtained  for  the  non-spinning 
model  using  the  Preston  tube  technique.  The  Preston  tube  is  a circular 
total  head  probe  mounted  flush  with  the  model  surface  and  sized  to  lie 
within  the  logarithmic  portion  of  the  law  of  the  wall  velocity  profile. 

The  wall  shear  stress  was  computed  from  the  measured  total  pressure  and 
the  computed  wall  static  pressure  using  the  calibration  relations  given 
in  reference  10. 

These  measurements  were  obtained  for  a tripped  turbulent  boundary  layer. 

The  trip  consisted  of  three  machined  rings  ,152cm.  thick  with  small 
diamond  shaped  protuberances. 

4.  COMPARISON  OF  THEORY  WITH  EXPERIMENT 

4.1  Magnus  Force 

Computed  values  of  Magnus  force  are  compared  to  the  experimental  measure- 
ments in  Figures  8,  9,  and  10.  The  Magnus  force  is  shown  plotted  as  a 
function  of  the  nondimensional  spin  rate.  Results  for  the  cone  model 
are  shown  in  Figures  8 and  9.  The  agreement  for  M = 2 is  exceptionally 
good;  however,  the  agreement  for  M = 3 is  also  considered  to  be  quite 
encouraging.  The  agreement  indicated  in  Figure  10  for  the  secant-ogive- 
cylinder  model  is  also  considered  to  be  remarkably  good.  The  total  com- 
puted Magnus  force  shown  here  is  the  arithmetic  sum  of  the  contributions 

due  to  t , t.,  Ap,  and  6*  . It  is  worthwhile  to  emphasize  that  this 
X <J>  30 

marks  the  first  time  that  computations  of  the  Magnus  effect  have  been 
carried  out  in  a conceptually  "exact"  manner  for  the  turbulent  boundary 
layer  on  a realistic  projectile  configuration. 
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4.2  Boundary  Layer  Profile  Characteristics 

Computed  ;ind  experimental  velocity  profiles  are  compared  in  Figure  11 
for  the  longitudinal  station  closest  to  the  model  base.  The  comparison 
is  considered  to  be  very  good  although  the  computed  profile  is  less  full 
at  4>  = 0 and  more  full  at  <J>  = 180°  than  the  experimental  data.  The 
agreement  for  these  three  dimensional  profiles  is  actually  comparable 
to  that  obtained  for  supersonic  two  dimensional  flow  measurements.  The 
wall  static  pressure  input  to  the  boundary  layer  computation  as  a boundary 
condition  is  shown  in  Figure  12  for  four  azimuthal  stations.  On  the 
ogive  portion  of  the  model,  the  longitudinal  and  circumferential  velocities 
experience  a favorable  pressure  gradient.  /Vs  the  base  of  the  model  is 
approached  on  the  cylinder  portion,  the  longitudinal  velocity  component 
encounters  a mild  adverse  pressure  gradient;  and  the  circumferential 
velocity  component  must  negotiate  first  a favorable  and  then  an  adverse 
pressure  gradient. 

Values  for  the  longitudinal  component  of  the  boundary  layer  displacement 
thickness  are  compared  in  Figure  13.  Values  are  shown  for  three  longi- 
tudinal stations  for  M = 3 and  ct  = 2°.  These  plots  indicate  excellent 
agreement  between  theory  and  experiment  at  Z/D  = 4.44;  however,  the 
agreement  is  less  satisfactory  at  the  last  station,  Z/D  = 5.56.  This 
plot  indicates  significant  disagreement  between  theory  and  experiment  for 
the  boundary  layer  growth  rate.  This  is  not  surprising  since  the  tur- 
bulence model  did  not  provide  for  any  adjustment  as  a function  of  pressure 
gradient.  Since  there  has  been  some  experimental  evidence  that  the  ratio 
v'w'/u'v'  does  not  remain  a constant  = 1 through  the  boundary  layer, 
a computation  was  run  in  which  the  ratio  v'w'/u'v'  was  fixed  at  0.3. 

The  results  of  this  computation  are  shown  in  Figure  13  as  a dashed  line. 

It  is  interesting  to  see  the  significant  effect  that  this  modification 
has  on  the  longitudinal  displacement  thickness.  It  is  also  apparent  that 

this  modification  does  not  yield  a physically  reasonable  azimuthal  dis- 
* 

tribution  for  6 . 

x 

Computed  and  measured  values  for  skin  friction  coefficient  are  shown  in 
Figure  14.  The  skin  friction  coefficient  is  referenced  to  free  stream 
static  properties  upstream  of  the  model  rather  than  the  more  conventional 
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approach  of  using  local  properties  at  the  edge  of  the  boundary  layer. 

The  agreement  indicated  is  within  ±10%.  This  is  considered  quite  good 
since  the  Preston  tube  is  expected  to  yield  an  accuracy  of  ±10%  for  two 
dimensional  flat  plate  boundary  layer  flow.  The  use  of  the  Preston  tube 
here  to  obtain  measurements  in  a three  dimensional  boundary  layer  flow 
using  two  dimensional  calibration  data  must  be  regarded  as  speculative 
and  mainly  of  qualitative  interest. 

4.3  S umma r y Comme  n t s 

The  general  impression  obtained  in  comparing  the  computations  to  experi- 
mental data  is  that  the  numerical  techniques  are  working  quite  well  and 
yielding  very  impressive  agreement  with  experimental  data.  The  results 
for  Magnus  force  are  considered  extremely  encouraging.  The  comparisons 
with  detailed  profile  characteristics  reveal  minor  differences  that 
should  yield  to  further  numerical  studies  using  more  sophisticated  models 
for  the  turbulent  transport  properties.  Other  refinements  in  the 
boundary  layer  computation  such  as  a correction  for  transverse  curvature 
and  inclusion  of  boundary  region  effects  should  be  incorporated.  How- 
ever, it  is  felt  that  the  numerical  techniques  now  available  are  capable 
of  yielding  computations  of  Magnus  effects  that  would  be  useful  for 
engineering  design  purposes. 

5.  CONCLUDING  REMARKS 


A combined  theoret i cal -experimenta 1 study  of  the  Magnus  effects  on  yawed, 
spinning  projectiles  has  been  discussed.  The  overall  objective  of  this 
effort  is  to  develop  a method  for  computing  Magnus  effects  that  could  be 
used  in  the  design  of  artillery  projectiles.  Numerical  techniques  have 
been  developed  for  computing:  (1)  the  three  dimensional  turbulent 

boundary  layer  development  over  a yawed,  spinning  body  of  revolution; 

(2)  the  three  dimensional  boundary- 1 ayer  displacement  surface  for  an 
arbitrary  body  of  revolution;  and  (3)  the  three  dimensional  inviscid 
flow  field  over  a yawed,  pointed  body  of  completely  general  configuration 
with  no  plane  of  symmetry.  The  computations  have  been  compared  to 
experimental  measurements  of  Magnus  force  and  turbulent  boundary  layer 
profile  characteristics.  The  agreement  between  the  theory  and  experiment 
is  considered  to  be  exceptionally  good.  It  is  concluded  that  the  overall 
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objective  of  this  research  effort  has  been  successfully  accomplished. 
However,  further  effort  to  refine  the  computation  capability  now  available 
and  obtain  more  comprehensive  comparisons  with  experimental  data  should 
be  carried  out.  It  is  further  emphasized  that  effects  due  to  nose 
bluntness  and  protuberances  such  as  rotating  bands  must  be  examined  before 
the  computation  capability  can  be  considered  to  have  the  full  capability 
desired  for  artillery  projectile  design  studies. 


LIST  OF  SYMBOLS 


skin  friction  coefficient 

specific  heat  at  constant  pressure 

normal  force  coefficient 

Magnus  (side)  force  coefficient 

diameter  of  base  of  model 

static  enthalpy 

molecular  conductivity 

turbulent  conductivity 

mixing  length 

pressure 

spin  rate,  radians  per  second 

molecular  Prandtl  no.,  c^u/k  = -71 

local  radius  of  model 

Reynolds  number  based  on  model  length 

velocity  component  in  x direction 

velocity  component  in  y direction 

velocity  along  model  trajectory 

velocity  component  in  <j>  direction 

surface  coordinate  in  longitudinal  direction 

coordinate  perpendicular  to  local  surface 

cylindrical  coordinate  along  model  axis 

angle  of  attack 

turbulent  eddy  viscosity 

boundary  layer  thickness 
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LIST  OF  SYMBOLS  (continued) 


boundary  layer  displacement  thickness 
Ap  centrifugal  pressure  gradient  contribution  to  side  force 

n transformed  y coordinate 

p molecular  viscosity 

transformed  x coordinate 
p density 

T longitudinal  velocity  wall  shear  contribution  to  side  force 

circumferential  velocity  wall  shear  contribution  to  side  force 
4>  coordinate  in  circumferential  (azimuthal)  direction 

Subscripts 

e edge  of  boundary  layer 

°°  free  stream  reference  condition 

Superscripts 

' fluctuating  quantity 

time  averaged  quantity 
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Figure  1.  Magnus  and  Normal  Fo-ces  on  Spinning  Projectile 
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Figure  2.  Schematic  Illustration  of  Spin  Induced 
Boundary  Layer  Distortion 
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Figure  5.  Sequence  of  Numerical  Computations 
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Figuw  9.  Magnus  Force  vs  Spin  Rate,  Theory  Compared 
with  Experiment,  10  Cone  Model,  M = 3 
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Figure  10.  Magnus  Force  vs  Spin  Rate,  Theory  Compared 
with  Experiment,  SOC  Model,  M = 3 
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Figure  12.  Computed  Wall  Static  Pressure  Distribution  Used  for 
Boundary  Layer  Computation,  SOC  Model 
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Figure  14.  Skin  Friction  Coefficient,  Theory  Compared 
with  Experiment,  SOC  Model,  M = •>,  a = 2 
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MEASUREMENTS  OF  INCOMPRESS I BIX: 
VELOCITY  FLUCTUATIONS  AND  THEIR  EFFECT 
ON  TURBULENT  BOUNDARY  LAYER  CHARACTERISTICS 


by 


H.U.  Meier 

Deutsche  Forschungs-  und  Versuchsanstal t 
fur  Luft-  und  Raumfahrt  E.V. 
Aerodynamische  Versuchsansta 1 t Gottingen 
Bunsenstrasse  10 
D-3400  Gottingen 


1 . 1 nt  roduct ion 

The  influence  of  the  wind  tunnel  turbulence  on  experimental  results 
is  a well-known  phenomenon.  However,  the  effect  of  grid-generated 
turbulence  levels  in  the  range  of  0.1%  < Tu  < l.%  is  not  investigated 
experimentally.  At  the  previous  DEA  meeting  in  1975  a current  investi- 
gation in  the  DFVLk-AVA,  being  concerned  with  the  influence  of  such  low 
free  stream  turbulence  on  the  development  on  a turbulent  boundary  layer, 
was  described  briefly  [1].  Solving  calibration  problems  of  hot  wires, 
applied  to  flows  of  extremely  low  turbulence,  extensive  measurements  of 
velocity  f lucturations  in  a subsonic  wind  tunnel  flow  were  carried  out. 

The  decay  of  turbulence  intensity  and  the  deviation  from  isotropic 
turbulence  was  studied.  Isotropic  turbulence  is  the  simplest  type 
of  turbulence,  since  no  preference  for  any  specific  direction  of  the 
fluctuating  velocities  occurs  (u'  = v'  = w').  Thus  a minimum  number 
of  quantities  and  relations  are  required  to  describe  its  structure  and 
behaviour.  Even  when  no  actual  turbulent  flow  shows  true  isotropy  the 
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turbulence  is  often  isotropic  to  a sufficient  degree  of  approximation. 
Then  simple  theoretical  hypothesis  can  be  applied  for  the  further 
analysis  of  the  experimental  data. 

In  order  to  be  able  to  study  the  influence  of  variable  free  stream 
turbulence  levels  on  the  boundary  layer  development,  velocity  pro- 
files in  side-wall  boundary  layers  were  measured  for  different  dis- 
tances and  approximately  zero  pressure  gradient  in  flow  direction. 

2.  Hxperimental  Set-up 

The  low  turbulence  tunnel  of  the  DFVLR-AVA  was  described  in  detail  in  Ref . 
[1],  For  convenience  and  better  understanding  the  sketch  of  the  tunnel 
and  the  test  section  are  given  again  in  this  paper  (compare  Figs.  1 
and  2).  The  velocity  f lucturat ions  in  x-direction  (flow  direction  ) 
were  measured  with  a single  hot  wire,  and  in  y-  and  z-direction  with 
X-hot  wires.  The  hot  wire  probes  were  connected  to  a constant  temper- 
ature anemometer  unit  from  Thermosystem  Inc.  (TSI).  The  output  was 
obtained  from  a RMS-voltmeter  (TSI)  which  enabled  measurements  of  true 
RMS-values  ( u ' ) , (v ' ",r_ ) , ( w 'I * * * * *  7 f of  the  fluctuating  velocity 
components  u',  v',  and  w' . All  turbulence  measurements  were  carried 
out  with  a low  pass  filter  with  a maximum  frequency  of  2 kHz.  The 
calibration  procedure  of  the  hot  wires  is  given  in  Ref.  [1]  . 

I 3.  Results 

3. 1 Turbulence  Measurements 

The  turbulence  level  in  the  wind  tunnel  was  investigated  with  and  with- 

out grids.  Due  to  the  fact  that  the  grids  were  installed  at  the  end 

{of  the  nozzle  exit  the  decay  of  grid  generated  turbulence  in  a rect- 
angular channel  could  be  simulated.  Three  different  grid  sizes  were 
used.  The  geometry  was  varied  in  such  a way  that  the  difference 

(M-d)  between  meshsize  M and  the  wire  diameter  d was  approximately 

constant.  In  Fig.  3 the  measured  turbulence  levels  in  the  wind 
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tunnel  with  and  without  grids  for  different  distances  from  the 
leading  edge  are  shown.  The  pressure  gradient  in  flow  direction 
at  U ^ %30  m/s  was  approximately  zero.  The  black  symbols  are 
indicating  measurements  with  a single  hot  wire  probe  while  the  open 
symbolds  are  representing  results  from  a X-hot  wire  probe.  The 
results  of  the  single  wire  probe  are  slightly  higher  compared  with 
those  of  the  X-probe,  but  they  are  in  the  range  of  the  expected 
accuracy. 

In  order  to  be  able  to  proof  the  existence  of  quasi  isotropic 
turbulence  in  the  investigated  tunnel  flow,  the  v'  and  w'  fluctuating 
velocity  components  were  measured  with  X-hot  wires.  The  results 
of  these  tubulence  measurements  are  shown  in  Figs.  4 and  5.  The 
decay  of  the  fluctuating  velocity  components  v',  w'  in  y-  and  z- 
direction  with  increasing  distance  from  the  leading  edge  is 
similar  to  that  of  the  u'  -velocity  component.  However,  as  shown 
in  Fig.  6,  the  measurements  indicated  that  the  ratio  of  the  longitu- 
dinal to  lateral  turbulent  intensities  is  consistently  larger  than 
1.1  for  distances  x^  --1500  mm.  This  result  is  qualitatively  in 
agreement  with  published  results  of  anisotropic  grid  turbulence. 
UBFROI  [2]  found  by  measurements  of  turbulence  behind  a square- 
mesh  biplane  grid  made  of  round  rods  that  the  RMS  turbulent  velocity 
fluctuations  are  characterized  by 


i 


However,  in  our  experiment  the  (v'2  f -component  is  smaller  than  the 
(w'2  ) -component.  This  result  can  be  explained  by  the  special 
geometry  of  the  wind  tunnel  test  section  where  the  dimension  in  z- 
direction  is  about  five  times  of  that  in  y-direction.  (The  mea- 
surements of  UBFROI  were  made  in  an  axisymmetric  nozzle.)  As 
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indicated  in  Fig.  6 the  tunnel  turbulence  has  become  isotropic*) 
by  a distance  of  x^  ^ 2,000  mm  only  for  the  small  grids  1 and  2. 

The  turbulence  generated  by  the  largest  investigated  grid  (3)  is 
even  for  this  long  distance  not  isotropic.  This  result  is  not  in 
agreement  with  experiments  carried  out  by  PORTFORS  and  KEFFER  [3] 
who  found  already  isotropic  turbulence  at  a distance  from  the 
leading  edge  of  about  30  mesh  lengths  [30  M 2 (X|[;  % 600  mm)]. 
Clearly,  the  experimental  verification  of  a condition  of  isotropy 
depends  upon  the  accuracy  to  which  the  three  components  of  turbulent 
intensity  can  be  determined.  In  Ref.  [3]  it  is  demonstrated 
that  the  experimental  results  depend  strongly  on  the  applied 
measuring  technique  and  data  reduction  procedure.  However,  the 
authors  of  Ref.  [3]  found  that  for  distances  x„/M  < 20  (x,.  distance 
from  the  grid)  the  ratios  of  the  longitudinal  to  lateral  compo- 

i.  i, 

nents  (u'2)2  / (w12)2  is  greater  than  unity,  while  the  RMS  values 

i,  i 

of  the  velocity  fluctuations  (u' ")  1 / (v'2)2  are  considerably 
smaller  than  unity.  This  was  not  found  by  UBEROI  and  in  the  here 
described  experiments. 

If  simple  theoretical  relations  for  the  decay  of  the  turbulence 
intensity  u'/U  shall  be  applied,  the  distance  from  the  virtual 
origin,  at  which  /u'  = 0,  to  the  grid  has  to  be  known. 

In  order  to  find  this  virtual  origin  it  was  assumed  - following 
ROTTA  [-1]  - that  the  decay  of  the  RMS-values  of  the  measured 

i 

longitudinal  velocity  fluctuations  ( u ' 2 ) 2 is  proportional  to 

(x...)  n.  (For  our  test  conditions  x-'v  x .. . ) COMTE- BEL. LOT  and 
Lfc  vj  LL 

CORRSIN  [5]  found  values  for  n in  the  range  of  n = 1.2  and  n = 

1.3.  In  Fig.  7 the  calculated  values  of  (u ' 2 ) (n  = 1.3), 

for  the  three  different  investigated  grids  are  plotted  versus 
the  distance  from  the  leading  edge,  x^:  The  points  were  approxi- 
mated by  straight  lines  and  the  distance  x^^  from  the  grid  to 
the  virtual  origin  was  found  to  be  *vo?{  250  mm.  The  slope  of  the 
M 

Actually,  true  isotropy  requires  more  than  equality  of  the 
intensity  components.  Their  energy  spectra  must  be  related 
through  the  isotropic  expressions  over  the  complete  wave- 
number  range  of  turbulence.  This  was  not  proofed  in  the 
experiment . 


straight  linos  in  Fig.  7 indicated  that  the  measured  turbulence 
data  for  the  different  grids  could  be  correlated  multiplying  the 
distance  tx|  | - XVQ)  w*th  the  grid-parameter  M/d.  The  result  is 
shown  in  Fig.  8 . The  decay  of  turbulence  intensity  of  all  three 
grids  can  be  correlated  and  described  by  the  relation 
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3.2  Boundary  Layer  Mean  Flow  Measurements 

Knowing  the  turbulence  intensities  of  the  wind  tunnel,  boundary 
layer  measurements  were  made  with  and  without  grids.  The  transi- 
tion from  laminar  to  turbulent  boundary  layer  flow  was  fixed 
installing  an  artificial  roughness  at  x^,  = 50  mm.  In  Fig.  9 and 
10  the  measured  velocity  profiles  U/u^  without  and  with  grids  are 
plotted  versus  the  dimensionless  wall  distance  Y*  (u^  is  the  shear 
stress  velocity).  The  boundary  layer  velocity  profiles  at  very 
low  turbulence  levels  in  the  free  stream  show  in  the  outer  part 
a large  "overshoot"  of  the  velocity  ratio  U/u^  above  the  loga- 
rithmic line 


7T  = 


(*■  = 0.4,  the  von  Karman  constant). 

At  low  turbulence  levels  ti  is  seen  to  have  approximately  the  same 
value  that  COLES  found  for  the  flat  plate  (ttM).5).  The  influence 
of  the  free  stream  turbulence  on  the  wake  component  is  clearly 
indicated  by  the  velocity  profiles  in  Fig.  10.  The  velocity  over- 
shoot decreases  if  the  turbulence  intensity  is  increased  by  very 
small  amounts  (ATUj  ^ 0.4%).  It  becomes  clear  from  a 'ur^her  analysis 
of  the  measured  boundary  layer  profiles  that  the  main  •■>ttge  will 
occur  in  the  wake  region  of  the  profile.  The  boundary  layer  thick- 
ness increases  considerably  with  increasing  turbulence  intensity. 
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The  local  skin  friction  coefficient  calculated  from  the  measured 
profiles  - using  the  law  of  the  wall,  or  Ludwieg/Tillmann  formula  - 
remains  approximately  constant.  This  can  be  seen  too  from  the 
development  of  the  momentum  thicknesses  6 with  increasing  distances 
Xj | (compare  Fig,  II).  The  boundary  layer  measurements  with  grid 
generated  free  stream  turbulence  lead  to  higher  integral  values 
6^,  where 
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On  the  other  hand  the  slope  dtS^/dx  is  equal  to  that  of  the  low- 
turbulence  case.  The  reason  for  the  high  values  of  6^  is  based  on 
two  facts: 

Hue  to  the  location  of  the  grid  close  to  the  leading  edge  (compare 
Fig-  2) 

-the  turbulence  intensity  is  extremely  high  when  the 
boundary  layer  starts  to  grow 

-and  due  to  the  wake  of  one  rod,  the  boundary  layer  starts 
with  a final  amount  of  momentum  loss,  which  appears  as 
an  additive  constant  for  all  distances. 

The  results  of  these  measurements  imploy  that  these  two  effects 
should  be  separated.  In  the  meantime  measurements  are  carried 
out  where  the  grids  are  located  about  500  mm  upstream  of  the 
leading  in  the  tunnel  nozzle.  Now  the  boundary  layer  can  be 
studied  at  low,  grid  generated  turbulence  intensity  and  very  small 
changes  of  the  turbulence  intensity  Tu  in  x-direction. 
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THREE  DIMENSIONAL  BOUNDARY  LAYER  MEASUREMENT 
ON  THE  DOUBLE  MODEL  OF  A SHIP 


by 

.) . Kux 

Institut  fur  Schiffbau  der  Universitat  Hamburg 
INTRODUCTION 

Methods  for  the  prediction  of  ship  resistance  are  still  far  from  being 
satisfactory.  In  order  to  improve  the  prediction  of  the  viscous  part 
of  ship  resistance  a systematic  investigation  of  the  three-dimensional 
boundary  layer  on  a ship  hull  was  started  at  the  Institut  fur  Schiffbau. 

The  scope  was  to  obtain  experimental  data  from  model  measurements  and 
to  test  different  methods  of  boundary  layer  calculation.  Severe  reductions 
of  the  funds  lead  to  basic  changes  in  the  research  program:  The  activity 

of  the  whole  basic  hydrodynamics  group  - including  the  mentioned  program 
on  boundary  layers-was  stopped.  This  group  was  composed  by  Prof.  K. 
Wieghardt,  Mr.  II. -P.  Hoffman,  who  made  the  pressure  probe  investigations, 
Mr.  M.  Scbeinpflug,  in  charge  of  the  development  of  the  laser  velocimeter, 
and  mysel f. 

While  a great  deal  of  research  activity  is  at  present  inverted  into  a 
better  modeling  of  the  third-order  correlation  and  similar  terms  in  the 
transport -equations  for  the  Reynolds-st resscs , it  may  be  allowed  to  ask 
what  a degree  of  sophistication  is  really  necessary  for  a prediction 
method  to  conform  certain  accuracy  requi rements  for  the  predicted  values. 
Here,  limitations  and  power  of  two  very  simple  calculation  methods  will 
be  made  evident. 

EXPERIMENTAL  INVEST I GAT IONS 

The  results  of  pressure  probe  measurements  on  a ship  hull  double  model 
in  a wind  tunnel  are  presented  together  with  some  calculations  of  the 
outer  flow  and  the  boundary  layer  in  two  dimensional  approximation.  The 
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model  investigated,  Figure  2,  is  a double  model  (length  2.74m)  of  the  under 
water  hull  of  a modem  cargo  liner  (C  = 0.85,  B/T  = 2.7,  L/B  = 6.6) 

n 

with  a parabolical  bow.  It  was  fitted  with  about  230  pressure  taps  which 
allowed  to  chart  the  pressure  distribution  over  the  surface  with  a certain 
precision.  The  wind  tunnel.  Figure  7,  is  a Gottingen  type  tunnel  with  a 
slotted  wall  test  section.  No  forces  or  moments  were  registrated  and  three 
different  speeds  were  chosen  corresponding  to  Reynolds  numbers  (charac- 
teristic length  is  the  model  length)  6.8-10(>,  4.8-10(>,  and  2.8-  10*’,  the 
model  aligned  so  as  to  ensure  zero  angle  of  attack. 

The  boundary  layer  was  investigated  at  various  stations  with  pressure 
probes.  A static  pressure  probe,  a Pitot  tube  and  a three-hole  probe 

were  traversed  through  the  boundary  layer  in  a direction  always  normal  to 

the  hull  surface.  A five-hole  probe  was  also  used,  its  results  being  in 
full  agreement  with  those  of  the  three-hole  probe  as  regarding  to  the 
flow  angle  in  a tangential  plane.  The  data  on  the  flow  angle  toward  or 

away  from  the  hull  surface  in  the  regions  with  a thick  layer  have  not  yet 

been  analyzed.  Care  was  taken  to  correct  the  static-pressure-probe  re- 
sponse for  the  flow  angle.  Wall  shear  stresses  were  measured  by  the 
Preston-tube-method  and  were  also  calculated  by  the  l.udwieg-Ti 1 lman  for- 
mula in  spite  of  three  dimensionality  and  pressure  gradients  of  the  flow. 

On  line  processing  of  the  data  was  used  ensuring  that  results  were  available 
immediately  after  the  measurement.  Turbulence  intensity  or  shear-stress 
distribution  were  not  measured.  By  means  of  an  appropriate  strip  it  was 
ensured,  that  the  boundary  layer  was  fully  turbulent.  This  was  checked 
by  measuring  spectra  of  the  turbulence  at  equal  relative  depth  in  the 
layer  at  different  stations. 

As  results  a few  selected  velocity  profiles  will  be  presented.  Figures 
3 and  6 show  the  stations  on  the  hull  indicating  the  varying  thickness 
of  the  boundary  layer.  Typical  profiles  for  the  station  labeled  number  18 
are  shown  in  Figures  4 and  5.  It  is  seen  that  at  station  18,  1.72  m 
from  the  bow,  there  is  still  negligible  cross  flow  in  the  boundary  layer 
and  this  is  true  for  each  position  on  the  girth.  Things  have  changed  at 
station  26  which  is  at  2.509  m from  the  bow  (Figure  6).  Here  we  see  that 
the  cross  flow  profiles  may  not  be  approximated  by  the  usual  formulae 
(Figure  7)  nor  does  the  polar  plot  resemble  the  Johnston  triangle  any 
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more  (Figure  8).  The  girthwise  variation  of  the  cross  flow  becomes  evident 
and  may  be  put  in  relation  to  the  girthwise  pressure  distribution  shown 
in  the  inset. 

If  one  tries  to  apply  the  well  known  methods  from  two  dimensional  layers 
to  these  profiles,  one  would  first  of  all  ask  if  the  logarithmic  law  of 
the  wall  remains  valid.  Not  taking  into  consideration  the  cross  flow  angle, 
i.e.,  considering  the  velocity  vectors  of  the  profile  as  if  they  were  co- 
planar,  the  results  are  as  shown  in  Figure  9.  With  the  exception  of  the 
profile  at  the  point  labeled  as  number  182  the  plot  may  be  considered  as 
acceptable.  It  may  not  bear  a deeper  physical  sense  but  it  is  nevertheless 
surprising  that  a change  of  the  constant  C to  a value  of  -3.8  allows  to 
fit  the  profile  quite  well. 

CALCULATIONS 

As  shown  in  Figure  10  the  potential  calculation  [1]  (using  over  400 
elements  for  a quarter  of  the  double  model)  leads  to  a complicated  pattern 
of  lines  of  constant  pressure  on  the  hull  surface.  At  a first  sight  the 
agreement  seems  to  be  extremely  good.  In  fact,  differences  are  large  only 
in  the  stem  region.  Yet,  there  are  also  slight  differences  in  the  bow 
region  which  are  difficult  to  explain.  Integration  over  the  model  surface 
should  of  course  give  zero  pressure  force  for  potential  flow,  but 
unfortunately,  it  does  not.  Apparently,  our  computation  method  should 
be  improved.  Also  the  integration  over  the  experimental  pressure  distri- 
bution did  not  yield  a satisfactory  result. 

iTie  most  primitive  way  to  treat  a boundary  layer  is  to  consider  it  as 
a flat  plate  boundary  layer.  Here  the  so  called  Schoenherr-line  was 
chosen  as  friction  law  [3]  [4].  The  arc  length  of  the  outer  flow  stream- 
line was  taken  as  the  distance  on  which  Re-number  is  based.  Five  stream 
lines  (compare  Figure  2)  were  constructed  manually  on  the  hull  surface 
on  the  basis  of  the  calculated  directional  field  of  the  outer  flow. 

A much  higher  degree  of  complexity  in  calculation  effort  is  required  if 
one  of  the  usual  calculation  methods  is  to  be  applied.  The  simplest  choice 
is  to  use  a two-dimensional  integral  method.  Here  the  method  of  Rotta 
[2]  was  chosen  and  the  calculation  performed  along  the  same  streamlines 
taking  now  the  pressure  gradient  into  account  but  still  neglecting  streamline- 
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divergence  and  curvature  influence.  Hie  calculated  and  the  measured 
pressure  distribution  on  such  a streamline  are  compared  in  Figure  11. 

The  calculations  have  not  yet  been  repeated  with  the  measured  pressure 
di st  r ibut i on . 

Figures  12  to  lb  show  a comparison  of  the  calculated  values  for  the  skin 
friction  coefficient,  and  integral  parameters  with  experimental  results. 
The  skin-friction  coefficient  was  obtained  by  different  methods:  It  was 

measured  with  a Preston  tube,  it  was  determined  by  fitting  the  law  of  the 
wall  (with  the  usual  values  of  the  constants)  and  it  was  derived  from  the 
momentum  loss  thickness  by  the  Ludwieg-Ti 1 lmann-formula.  The  friction 
coefficients  derived  here  are  all  related  to  the  incident  velocity  and 
not  as  usual  to  the  local  velocity  at  the  boundary  layer  edge.  Integral 
parameters  were  calculated  from  velocity  profiles  neglecting  curvature. 

At  hull  station  18  both  flat  plate  and  two  dimensional  calculation  give 
values  which  are  of  the  right  order  of  magnitude,  though  a bit  low.  The 
same  is  true  for  the  integral  parameters.  Of  course,  these  simple  methods 
are  not  able  to  reproduce  the  details  of  the  girthwise  distribution  of 
these  parameters. 

Even  at  frame  26,  where  there  are  enormous  cross-flow  angles,  the  mean 
value  of  the  skin  friction  coefficient  is  still  well  predicted  by  these 
very  simple  methods.  Here,  two  displacement  thicknesses,  four  momertum 
loss  thicknesses  and  two  energy  loss  thicknesses  are  presented.  It  was 
not  possible  to  compute  the  real  displacement  thickness  (one  component) 
nor  the  real  momentum  loss  thickness  (a  two  component  magnitude)  because 
of  the  lack  of  streamwise  information. 

The  limitations  of  the  rather  simple  calculation  methods  are  clearly 
visible,  but  also  their  power  is  demonstrated.  A most  striking  result  is 
the  very  good  prediction  of  separation  by  the  two  dimensional  method  on 
streamline  4 and  only  on  this  streamline.  In  the  experiment,  a rather 
small  region  of  separated  flow  could  be  seen..  Only  streamline  4 crosses 
this  domain  of  separated  flow  and  the  point  of  separation  predicted  seems 
to  be  quite  accurate. 
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The  development  of  highly  sophisticated  calculation  methods  for  three 
dimensional  boundary  layers  will,  of  course,  be  necessary  for  a thorough 
understanding  of  the  flow  itself.  Yet,  so  far  it  seems  that  the  viscous 
pressure  drag  is  the  component  of  total  resistance  where  the  geometrical 
influence  predominates,  while  it  seems  to  be  easy  to  predict  the  skin 
friction  approximately  ignoring  the  influence  of  geometry.  To  obtain  a 
realistic  picture  of  the  pressure  distribution  also  at  the  stem  of  the 
body  the  wake  has  to  be  included  somehow  in  the  calculation  procedure.  It 
is  this  wake  which  in  conjunction  with  body  geometry  determines  the  pressure 
field  in  the  stem  region  and  prescribes  flow  separation.  Boundary  layer 
calculation  will  serve  as  a step  in  an  iterative  process  to  find  the  right 
flow  pattern  around  the  combination  of  body  and  simulated  wake  yielding 
the  pressure  distribution  in  accordance  with  reality.  But  at  present  we 
think  that  the  most  urgent  need  is  for  more  experimental  evidence  on  what 
is  really  happening  in  the  stem  region  and  to  compare  results  from  various 
body  forms.  Only  such  basic  experimental  information  will  lead  us  to  more 
reliable  calculation  procedures. 
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Figure  10.  Pressure  Distribution  (c  ) on  a Double  Model  (L=2.74m)  of  a Cargo  Ship  (C  =0.85) 
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Figure  11.  Pressure  Distribution  Along  Streamline  No. 
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EFFECT  OF  WALL  COOLING  ON  THE  STABILITY  OF  LAMINAR 
BOUNDARY  LAYERS  FORMED  IN  SHOCK  TUBE  FLOWS 


by 

Louis  I.  Boehman 
University  of  Dayton 
Dayton,  Ohio  45469 

ABSTRACT 

A distinguishing  feature  of  boundary  layers  in  shock  tubes  is  that  in  the 

boundary  layer  flow  induced  by  a normal  shock,  the  wall  temperature  (T  ) is 

w 

less  than  the  termperature  at  the  edge  of  the  boundary  layer  (T  ) for  all 
shock  Mach  numbers  (M^) . The  cooling  of  the  boundary  layer  in  this  type  of 
flow  is  such  that  the  ordinary  types  of  disturbances  considered  in  boundary 
layer  stability  theory  are  essentially  completely  damped  out.  This  fact 
prompted  a search  for  other  disturbances  that  might  be  unstable  in  highly 
cooled  boundary  layers.  Two  new  classes  of  disturbances  have  been  dis- 
covered which  are  unstable  in  highly  cooled  boundary  layers.  Both  classes 
of  these  disturbances  originate  in  the  free  stream  in  the  form  of  sonic 
or  near  sonic  disturbances  which  carry  energy  into  the  boundary  layer. 

One  class  corresponds  to  sonic  disturbances  which  travel  slower  than  the 
free  stream  and  the  other  class  correspond  to  disturbances  which  travel 
faster  than  the  free  stream.  This  latter  class  of  disturbances  represent 
acoustic  disturbances  present  in  the  free  stream.  With  the  former  class 
of  disturbances,  it  is  now  possible  to  remove  a paradox  that  has  existed 
with  respect  to  linear  stability  theory  predictions  compared  to  measured 
transition  Reynolds  numbers.  The  paradox  has  been  that  linear  stability 
theory  critical  Reynolds  numbers  for  flows  with  Tw/Te<l  have  exceeded  mea- 
sured transition  Reynolds  numbers  whereas  for  flows  with  Tw/Te>l  the 
critical  Reynolds  numbers  have  been  less  than  measured  transition  Reynolds 
numbers  and  have  generally  showed  qualitative  agreement  with  trends  in 
measured  transition  Reynolds  number  variations  with  wall  cooling,  pressure 
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gradient,  and  Mach  number.  The  critical  Reynolds  number-amplification  rate 
characteristics  of  the  former  class  of  disturbances  lead  to  qualitative 
agreement  between  predicted  values  of  the  onset  of  transition  with  the 
Boison's  recent  measurements  of  transition  in  shock  tube  boundary  layer 
flows  in  the  range  of  shock  Mach  numbers  of  3 to  4.5. 

The  stability  characteristics  of  these  newly  discovered  unstable  disturbances 
are  presented  for  shock  Mach  numbers  in  the  range  of  1.5  to  4.5  which  cor- 
responds to  a Mach  number  range  for  the  flow  behind  the  moving  shock  of 
0.6  to  1.76.  Some  important  implications  of  these  disturbances  in  terms 
of  using  boundary  layer  cooling  as  a means  of  boundary  layer  control  are 
discussed.  Particular  emphasis  is  given  to  the  potential  of  using  this 
form  of  boundary  layer  control  on  subsonic  aircraft  to  achieve  drag  reduc- 
tion and  hence  improved  fuel  economy. 


NOMENCLATURE 

Symbol 

a 

c 

£ 

M 

M 

e 


R 

T 


Characteristic 

Definition  Measure 

-Speed  of  sound 

-Phase  velocity  of  disturbance  U£,  11* 

-Characteristic  length 
-Mach  number 

-Mach  number  of  flow  behind  a shock 
wave-shock  fixed  coordinate  system 

-Mach  number  of  flow  behind  a shock 
wave-lab-fixed  coordinate  system 

-Mach  number  of  moving  shock 


-Reynolds  number:  Based  on  distance 

from  leading  edge  in  steady  boundary 

layer  flows,  Rx  = U£  x*/v&;  Based  on 

total  distance  particle  has  traveled 

relative  to  wall  in  shock  induced 

flows,  R = U*  x*/v* 
x 2 2 


-/R~ 


x 


-Temperature  based  on  absolute 
thermodynamic  scale 


A* 


•a 

JL 
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Characterist i c 
Measure 


Svinbo  1 
II 


U 


★ 

OO 


l) 


* 

9 


a 

6 

u 

V 

T 


Def ini tion 

-Mean  flow  velocity  component  in  U*,  IJ* 
x*  direction 

-Free  stream,  mean  flow  velocity  in 
steady  boundary  layer,  x*  direction 

-Velocity  of  mean  flow  in  free  stream 
behind  moving  shock  wave 
= |U*|-  |U*  | 

-Disturbance  wave  number  in  £ ^ 

streainwise  direction 

-Boundary  layer  thickness 

-Dynamic  viscosity  ur*  , P* 

-Kinematic  viscosity  v*  ,v* 

1 oo  e 

-Disturbance  stream  function 


Superscripts 
( )' 

( )* 


Definition 

-Derivative  with  respect  to  y 
-Dimensional  quantity 


Subscripts 

OO 


e 


1 

2 


Definition 

-Free  stream  value  (steady  boundary  layer 
f low ) 

-Free  stream  values  based  on  flow  behind 
shock  wave,  shock-fixed  coordinate 
system 

-Undisturbed  flow  conditions  in  front 
of  moving  shock  wave 

-Flow  conditions  in  free  stream  of  mean 
flow  behind  moving  shock  wave,  lab- 
fixed  coordinate  system 


INTRODUCTION 

During  the  past  decade,  great  strides  have  been  made  toward  a better 
understanding  of  the  causes  and  nature  of  transition  in  wind  tunnel  and 
free-flight  boundary  layers.  The  greatest  analytical  progress  toward  a 
better  understanding  of  transition  has  been  through  the  linear  stability 
theory  of  parallel  flows. 

The  work  of  Les  Mack  at  JPL  has  provided  the  new  discoveries  that  have 
gained  added  importance  for  the  linear  stability  as  a tool  for  under- 
standing of  transition.  His  discovery  of  multiple  mode,  multiple  families 
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of  solutions  to  the  compressible  flow  small  disturbance  equations  and  his 
demonstration  of  the  physical  importance  of  these  new  types  of  solutions, 
has  made  it  possible  to  formulate  a quasi-theoretical  model  of  transition 
for  supersonic  flows  based  on  the  linear  stability  theory  of  parallel 
flows  [11 . 

Mack's  quasi-theoretical  model  includes  two  mechanisms  for  relating  the  in- 
fluence of  environmental  disturbances  on  the  response  of  the  boundary  layer. 
One  mechanism  is  that  of  the  forced  oscillation  of  the  boundary  layer.  One 
mechanism  is  that  of  the  forced  oscillation  of  the  boundary  layer  caused  by 
discrete  free  stream  pressure  disturbances  (acoustic  radiation)  and  the 
other  mechanism  is  the  response  of  the  boundary  layer  to  a spectrum  of  free 
environmental  pressure  disturbances.  Within  the  context  of  these  two 
mechanisms  he  has  been  able  to  study  the  effect  of  Mach  number,  unit 
Reynolds  number,  and  wall  cooling  on  transition  in  wind  tunnel  and  free- 
flight  boundary  layers.  He  has  had  a good  degree  of  success  in  explaining 
how  environmental  disturbances  can  affect  transition  as  Mach  number,  unit 
Reynolds  number,  and  wall  cooling  are  changed.  The  accuracy  of  Mack's 
transition  model  appears  to  be  limited  for  the  most  part  by  the  accuracy  to 
which  the  nature  of  the  environmental  disturbances  themselves  are  known  in 
a given  facility. 

In  order  to  apply  Mack's  model  to  the  problem  of  predicting  the  location 
of  the  onset  of  transition  to  a supersonic  flow  situation  one  must  have 
available  the  basic  results  of  a parallel  flow,  small  disturbance  stability 
analysis,  namely,  neutral  stability  curves  and  amplification  rate  versus 
frequency  for  a range  of  Reynolds  numbers. 

The  great  deal  of  progress  that  has  been  made  toward  understanding  trans- 
ition in  wind-tunnel  and  free-flight  boundary  layers  has  not  been  matched 
by  progress  in  understanding  transition  in  laminar  boundary  layers  in- 
duced by  a moving  shock  wave.  This  is  in  spite  of  the  fact  that  a con- 
siderable amount  of  data  on  transition  in  shock-tube  boundary  layers  has 

[2] 

been  geneiated  during  the  past  two  decades.  Morkovin  has  summarized 
the  nuances  and  contradictory  observations  that  have  been  made  concerning 
transition  in  shock-tube  facilities.  In  Reference  2,  Morkovin  provided  a 
companion  document  to  his  earlier  work  in  which  he  provided  an  assessment 
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of  the  level  of  understanding  of  wind-tunr.el  and  free-f light  boundary 
layer  transition ^ . 

[4] 

Recently,  Boison  conducted  a series  of  careful  experiments  on  shock  tube 
boundary  layer  transition  in  order  to  examine  the  influence  of  environmental 
factors  such  as  wall  vibration  and  free  stream  acoustic  disturbances  on 
transition  in  addition  to  the  influence  of  wall  cooling,  unit  Reynolds 
nur.aier,  and  Mach  number.  In  these  experiments  extraordinary  precautions 
were  taken  to  eliminate  wall  roughness  as  a possible  cause  of  early  tran- 
sition in  addition  to  the  influence  of  wall  cooling,  unit  Reynolds  number, 
and  Mach  number.  In  these  experiments  extraordinary  precuations  were  taken 
to  eliminate  wall  roughness  as  a possible  cause  of  early  transition. 

Boison' s data  at  a Reynolds  number  per  foot  of  5 x 10'’  showed  that  as  the 
wall  cooling  is  increased  (by  increasing  shock  Mach  number  therefore  de- 
creasing T T , ) from  T /T  of  0.45  down  to  0.06,  the  transition 

Reynolds  number  first  increased  then  decreased  (reversal)  then  increased 
again  (re-reversal),  then  decreased,  increased  again,  and  so  on;  showing  a 
number  of  transition  reversals  and  re-reversals.  The  transition  Reynolds 
number  was  found  to  be  extremely  sensitive  to  small  changes  in  co.iing 
especially  at  the  smaller  T /T  ratios.  Figure  1 shows  Boison's  transition 
results  for  R^/ft  = 5 x 10'’  along  with  that  of  several  other  investigators. 

The  first  transition  reversal  loop  .17<T  /T  <.36  see>?s  to  be  fairly  well 

r w e 

established  although  more  results  would  be  desirable  to  definitely  show 
that  only  one  loop  exists  in  this  wall  cooling  range  rather  than  perhaps 
tow.  Also  shown  in  Figure  1 is  a calculation  of  Reshotko^  for  the 
cooling  required  for  complete  stabilization  of  2-D  disturbances. 

It  should  be  noted  that  this  result  by  Reshotko  is  not  based  on  a completely 

valid  solution  of  the  stability  equations  as  determined  by  Mack  (see  page 

14.1  of  Reference  6)  but  should  be  approximately  true  since  the  stability 

function  v (defined  in  Reference  6)  contains  no  zeros  in  the  boundary 
O f 1 

layer  where  T /T  = 0.38  so  that  according  to  Mack1  no  unstable  first- 
1 w e 

mode,  2-D  disturbances  are  possible  except  possibly  at  very  high  Reynolds 
numbers . 

Efforts  to  use  stability  theory  as  a guide  to  understanding  transition  in 
shock  tube  boundary  layers  have  not  been  usccessful  partly  due,  no  doubt, 
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to  the  fact  that  only  one  stability  analysis  has  been  performed  using 

velocity  and  temperature  profiles  characteristic  of  compressible  boundary 

layers  behind  a moving  shock.  This  analysis  performed  by  Ostrach  and 

Thornton  ^ in  1962  produced  minimum  critical  numbers  that  greatly  exceeded 

the  measured  transition  Reynolds  numbers  --  the  deviation  increasing  by 

orders  of  magnitude  with  more  cooling  (higher  shock  Mach  numbers).  Their 

f 8 1 

analysis  was  based  on  the  Dunn-Lin  asymptotic  approach  and  did  not  take 
into  account  3-D  disturbances.  Ostrach  and  Thornton  concluded  that  shock 
tube  transition  did  not  occur  through  amplification  of  Tol lmien-Schl icht ing 
waves  but  rather  was  caused  by  finite  disturbances  in  the  form  of  the  in- 
herently large  environmental  disturbances  that  are  present  in  shock  tubes. 

Mack's  discovery  of  the  existence  of  multiple  mode,  multiple  family 

solutions  to  the  parallel  flow  linear  stability  equations  for  the  case 

where  the  wall  is  supersonic  relative  to  the  phase  velocity  of  a disturbance 

f ii 

( c r/aw> 1 ) led  to  the  suggestion  by  Morkovin  “ that  the  Ostrach-Thornton 

analysis  o lght  to  be  redone  using  the  full  set  of  parallel  flow,  linear 

stability  equations  and  direct  numerical  integration  in  the  fashion  of 

Mack.  Since  Mack  had  shown  that  depending  on  the  amount  of  wall  cooling 

(T  /T  ) 2-D  first  mode  unstable  disturbances  could  be  stabilized  and  second 
w e 

mode  2-D  disturbances  destabilized,  it  was  thought  that  perhaps  the  intricate 
cooling  effects  on  transition  in  shock  tube  boundary  layers  could  be  cor- 
related with  the  stabilization  of  first  mode  disturbances  over  certain 
Tw/T  ran8es  ant*  destabilization  of  higher  modes  over  other  Tw./Te  ranges. 

This  suggestion  was  put  forth  by  Morkovin  prior  to  Boison's  work.  When 
Boison  discovered  the  existence  of  the  multiple  transition  reversal  loops 
in  his  shock  tube  transition  data  he  also  saw  the  possibility  that  these 
loops  might  be  explained  through  a stability  analysis  of  the  shock  tube 
laminar  boundary  layer  which  recognized  the  existence  of  multiple  mode 
solutions . 

In  early  1972,  an  effort  was  begun  by  the  author  to  redo  the  Ostrach- 
Thornton  analysis  using  University  of  Dayton  Research  Institute  (UDRI)  com- 
puter programs  that  had  successfully  been  applied  to  supersonic  boundary 
layer  stability  problems  for  flat  plates  This  initial  effort  was 

disappointing  insofar  as  higher  mode  solutions  for  the  shock  tube  laminar 
boundary  layer  could  not  be  found  and  the  first  mode  2-D  solutions  only 
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confirmed  the  results  of  Ostrach  and  Thornton.  In  this  initial  effort,  it 
was  found  that  the  higher  modes  are  associated  with  large  values  of  the 
product  of  wave  number  and  Reynolds  number  which  is  characteristic  of  higher 
modes  in  low  free-stream  Mach  number  which  is  characteristic  of  higher  modes 
in  low  free-stream  Mach  number  flows  with  high  cooling  rates.  It  was  also 
found  that  much  smaller  integration  step  sizes  were  required  to  successfully 
integrate  the  stability  equations  for  shock-tube  boundary  layers  compared 
to  integration  step  sizes  required  for  insulated  wind  tunnel  boundary  layers. 

SUBSONIC,  SONIC,  AND  SUPERSONIC  DISTURBANCES 

In  Figure  2 are  shown  three  curves  of  phase  velocities  versus  shock  Mach 
number  (M  ) . The  curve  labeled  cr  (Mw=l)  shows  tha  minimum  phase  velocity 
that  a disturbance  must  have  in  order  that  the  disturbance  be  moving  super- 
sonically relative  to  the  flow  at  the  wall.  The  second  curve,  labeled 
c^  = 1+1/M.,  shows  the  phase  velocity  that  a disturbance  must  have  in  order 
that  the  free  stream  is  moving  sonically  with  respect  to  the  disturbance, 
i.e.,  the  free  stream  is  moving  in  the  upstream  direction  at  M = 1 relative 
to  an  observer  moving  at  the  velocity  1+1/M-.  The  third  curve,  labeled 
cq  = 1-1/M,,  shows  the  phase  velocity  that  a disturbance  must  have  in  order 
that  the  free  stream  is  moving  sonically  with  respect  to  disturbance  but 
with  the  relative  velocity  between  the  disturbance  and  the  free  stream  being 
in  the  direction  of  flow.  These  three  curves  together  form  a region  in 
which  subsonic  disturbances  exist  for  which  the  local  Mach  number  of  the 
flow  is  supersonic  relative  to  the  phase  velocity.  This  region  of  phase 
velocities  encompasses  the  higher  mode  disturbances  that  can  exist  (according 
to  the  inviscid  theory)  are  subsonic  ones.  Above  M^  = 3.5  both  subsonic 
and  supersonic  multiple  mode  solutions  can  exist. 

INCOMING  AND  OUTGOING  DISTURBANCES 

Whenever  the  phase  velocity  of  a disturbance  is  supersonic,  that  is,  the 
disturbance  is  moving  at  a velocity  relative  to  the  free  stream  which  is 
greater  than  or  equal  to  the  free  stream  speed  of  sound,  (c^<l-l/M,)  or 
cr>l+l/M2),  the  two  solutions  to  the  inviscid  stability  equations  for  the 
free-stream  represent  Mach  lines  eminating  from  a point  disturbance  in  the 
free-stream.  One  characteristic  solution  represents  a reflected  or  out- 
going sound  wave  and  the  other  characteristic  solution  represents  an 
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incident  or  incoming  sound  wave1  J.  For  neutral  outgoing  Mach  waves,  energy 
is  transported  in  the  direction  of  increasing  y,  that  is,  into  the  free 
stream  whereas  for  neutral  incoming  waves,  energy  is  transported  in  the 
direction  of  decreasing  y,  that  is,  into  the  boundary  layer.  For  subsonic 
disturbances , the  inviscid  free-stream  solutions  no  longer  represent  sound 
waves,  but  represent  two  exponentially  varying  pressure  fields  caused  by 
inviscid  flow  over  a moving  wavy  wall.  The  solution  whose  characteristic 
value  has  a negative  real  part  represents  the  pressure  field  over  the  moving 
wavy  wall  (outgoing  solution)  and  the  solution  whose  characteristic  value 
has  a positive  real  part  represents  the  pressure  field  under  the  moving 
wavy  wall  (incoming  solution). 

In  the  viscous  theory  two  of  the  independent  solutions  are  almost  identical 
to  the  inviscid  solutions  except  for  a small  viscous  decay  term.  Ordinarily 
in  stability  theory  the  inviscid  solution  (or  the  viscous  counterpart) 
whose  characteristic  value  has  a positive  real  part  is  not  used  since  this 
solution  increases  exponentially  upwards  from  the  boundary  layer  and  thus 
does  not  satisfy  the  boundary  conditions  at  infinity.  However  this  solution 
along  with  the  other  solution  can  be  used  to  determine  the  response  of  the 
boundary  layer  to  disturbances  which  originate  outside  of  the  boundary  layer. 

In  the  present  analysis  incoming  disturbances  have  been  considered  as  well 
as  disturbances  which  originate  inside  the  boundary  layer.  As  weill  be 
shown  in  the  next  section,  the  wall  cooling  associated  with  shock  tube 
boundary  layers  flows  is  sufficient  to  effectively  completely  damp  out  all 
subsonic,  outgoing,  first-mode  disturbances.  Corresponding  higher  mode 
solutions,  some  of  which  can  be  amplified  are  of  such  a high  frequency  (in 
the  megahertz  range)  that  they  are  not  considered  to  be  important  in  causing 
transaction. 

SUBSONIC,  OUTGO INC  DISTURBANCES 

As  was  mentioned  in  the  Introduction,  the  first  efforts  showed  that  very 
small  integration  step  sizes  would  be  required  to  successfully  numerically 
integrate  the  si-ability  equations  for  the  shock-tube  boundary  layer  compared 
to  wind  tunnel  boundary  layers.  Figure  3 shows  the  neutral  stability  curve 
which  was  obtained  for  the  = 1.5  boundary  layer.  One  hundred  and  thirty- 
six  integration  steps  were  required  to  obtain  these  results.  The  minimum 
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critical  Reynolds,  R^_ , is  seen  to  be  13,180  and  compares  to  the  Ostrach- 
Thornton  value  of  14,000  for  the  same  value  of  M^.  The  present  calculations 
as  well  as  those  of  Ostrach  and  Thornton  were  for  2-D  waves.  Subsequent  cal- 
culations for  oblique  disturbances,  shown  in  Figures  4 and  S for  several 
Reynolds  numbers,  showed  that  M^  = 1.5,  oblique  disturbances  were  always 
more  highly  damped  than  2-D  disturbances.  Similar  calculations  performed 
for  = 3.0  also  show  that  3-D  disturbances  are  more  highly  damped  than 
2-D  disturbances.  Typical  results  at  = 3.0  are  shown  in  Figures  6 and  7. 
The  results  shown  in  Figures  4 to  7 are  for  disturbances  belonging  to  the  cq 
family  (or  conventional  family).  No  higher  mode  amplified  solutions  for 
this  family  of  solutions  are  possible  for  shock  tube  boundary  layers  since 
the  wall  cooling  is  sufficient  to  remove  the  generalized  inflection  point 
from  these  boundary  layers  . 

First  and  higher-mode  outgoing  subsonic  solutions  belonging  to  the  "regular" 
family  of  solutions  (solutions  which  have  a phase  velocity  of  c^  = 1+1/M, 
when  a = 0 and  which  are  always  amplified  when  c^  becomes  less  than  or 
equal  to  1)  have  also  been  investigated.  The  regular  family  of  solutions 
persist  to  low  subsonic  Mach  numbers,  since,  except  at  M = 0,  it  is  always 
possible  to  find  a c^  large  •’nough  so  that  a supersonic  relative  flow  region 
exists  somewhere  in  the  boundary  layer.  In  Figure  2,  the  curve  labeled 

A 

cr  = 1+1/M,  (M^  = 1)  shows  the  phase  velocity  which  this  family  of  solutions 
starts  out  at  (a=  0)  as  a function  of  shock  Mach  number.  For  this  family  of 
solutions  to  have  amplified  or  neutral  solutions  c must  become  less  than 


or  equal  to  1,  respectively 


[6] 


From  Figure  2 it  is  seen  that  in  shock  tube  boundary  layers  a supersonic 
relative  flow  region  for  subsonic  disturbances  can  only  exist  when  M^l.8. 

Thus,  regular,  amplified,  subsonic  solutions  are  not  possible  below  this 
Mach  number.  Some  typical  regular  family  solutions  are  shown  in  Figures  8 
and  9 for  M__  = 1.5,  2,  and  4.  In  Figure  8,  the  dispersion  relation  c^  versus 
u is  shown  for  both  fiscous  and  inviscid  solutions.  As  shown  in  Figure  9, 
the  viscous  solutions  are  all  damped  whereas  the  inviscid  solutions  are  all 
neutral.  The  only  exception  is  at  M^  = 4 where  the  inviscid  solutions  show 
a very  small  amount  of  amplification  for  oi>3.5.  For  a>3.5,  the  phase  velocity, 
c'r>  i less  than  one.  According  to  Mack,  a necessary  condition  for  an  ampli- 
fied inviscid  regular  solution  to  exist  is  that  c_  be  less  than  1. 
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Calculations  performed  to  date  indicate  that  an  amplified  regular  viscous 
solution  can  likewise  only  exist  if  c <1.  In  Mack's  terminology,  the  solu- 
tion for  c ^ = 1 is  called  the  regular  neutral  solution  and  the  corresponding 
value  of  a is  given  the  symbol  a^.. 

The  viscous  counterpart  to  denoted  by  (ajj)v  has  not  been  determined 
since  the  value  of  (a^)  is  so  high  that  smaller  step  sizes  than  even  0.02 
would  be  needed  to  reach  a condition  of  c = 1 for  the  regular  viscous  solu- 
tion. Additionally,  the  frequency  associated  with  this  solution  would  be  in 
the  megahertz  range  which  is  outside  the  range  of  frequencies  that  are  us- 
ually considered  to  be  important  in  transition. 

SUPERSONIC  OUTGOING  SOLUTIONS 

In  reference  6,  Mack  has  shown  that  with  sufficient  wall  cooling,  amplified, 
supersonic,  outgoing  solutions  belonging  to  the  cq  family  of  solutions  can 
exist.  However,  these  solutions  have  wave  numbers  which  are  greater  than 
ciu  so  that  again,  high  frequency  solutions  be  the  only  possible  amplified 
solutions . 

SUMMARY  OF  OUTGOING  WAVE  RESULTS 

The  results  of  stability  computations  for  outgoing  disturbances  in  shock  tube 
boundary  layers  encompassing  two-dimensional  and  three-dimensional  distur- 
bances, subsonic  and  supersonic  disturbances,  and  multiple  mode  solutions 
of  both  subsonic  and  regular  families  has  not  yielded  solutions  which  can 
explain  or  correlate  with  boundary  layer  transition  measurements  in  shock 
tube  boundary  layers.  Since  these  outgoing  solutions  represent  disturbances 
which  originate  within  the  boundary  layer,  one  must  conclude  that  within  the 
context  of  a small  disturbance  linear  boundary  layer  stability  theory,  out- 
going disturbances  in  shock  tube  boundary  layers  are  effectively  completely 
damped  out  for  the  range  of  shock  Mach  numbers  considered  in  this  study 
(Mg  = 1.5  to  4).  One  would  have  to  further  conclude,  again  subject  to  the 
limitations  on  the  validity  of  the  linear  theory,  that  were  it  possible  to 
eliminate  all  environmental  disturbances  in  a shock  tube,  extremely  high 
transition  Reynolds  numbers  should  be  attainable.  Even  at  a shock  Mach 
number  as  low  as  1.5,  linear  stability  theory  predicts  a critical  Reynolds 

g 

number  as  high  as  approximately  1.7  x 10  . 
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INCOMING  WAVE  SOLUTIONS 


Neutral  incoming  wave  solutions  have  been  used  in  conjunction  with  neutral 
outgoing  wave  solutions  by  Mack  to  determine  the  forced  response  of  the 
laminar  boundary  layer  to  free  stream  sound  waves. 

A similar  approach  has  been  applied  to  shock  tube  boundary  layers  in  the 
present  work.  To  date  no  evidence  has  been  found  that  the  forced  response 
analysis  can  explain  transition  in  shock  tube  boundary  layer  flows.  Wall 
cooling  has  the  same  effect,  for  shock  tube  boundary  layer  flows  as  it  has 
for  supersonic  wind  tunnel  flows,  that  is,  wall  cooling  tends  to  weaken  the 
response  of  the  boundary  layer  to  forced  oscillations. 

A new  type  of  solution  to  the  stability  equations  was  discovered  during  the 
course  of  the  outgoing  wave  study  and  which  shows  some  promise  of  providing 
a mechanism  for  explaining  transition.  These  solutions  are  related  to  the 
solutions  obtained  in  a forced  response  analysis  insofar  as  the  neutral 
solutions  of  the  new  type  represent  a special  class  of  forced  response 
solutions,  namely,  those  forced  response  solutions  for  which  no  reflected 
wave  is  necessary  in  order  to  satisfy  the  boundary  conditions  at  the  wall. 
These  new  solutions  are  incoming  wave  eigensolutions  and  were  originally 
discovered  when  it  was  noted  that  certain  damped  supersonic  incoming  wave 
eigensolutions  would  abruptly  end  in  a c^  versus  aplot  unless  one  allowed 
the  sign  of  the  real  part  of  the  characteristic  value  of  the  viscous  counter- 
part to  the  inviscid  free-stream  solution  to  switch  from  negative  to  positive. 
Figures  10  and  11  show  some  of  these  new  eigensolutions.  In  Figure  10, as 
a is  decreased  at  constant  R,  the  real  part  of  the  characteristic  value  of 
the  viscous  counterpart  to  the  inviscid  solution  changes  sign  from  negative 
to  positive  at  the  points  labeled  as  a "transitional"  region.  For  agreater 
than  a at  this  "transitional  region,"  the  amplitude  of  the  waves  decrease 
as  y increases  whereas  for  a less  than  a at  this  "transitional  region,"  the 
amplitude  of  the  waves  increases  as  y increases.  These  new  incoming  wave 
eigensolutions  must  be  interpreted  differently  than  outgoing  wave  eigen- 
solutions. For  the  incoming  wave  eigensolutions,  positive  c.  means  that 
the  strength  of  the  free-stream  disturbance  is  growing  in  time  while  negative 
c.  implies  that  the  strength  of  the  free-stream  disturbance  is  decreasing  in 
time.  Thus,  c.  is  an  attribute  of  the  free-stream  disturbance  and  is  not  by 
itself  related  to  the  instability  of  the  boundary  layer. 


There  are  finite  Reynolds  stresses  associated  with  these  incoming  wave  eigen- 
solutions.  Thus,  these  incoming  wave  eigensolutions  provide  a mechanism  for 
energy  redistribution  in  the  boundary  layer.  Since  there  is  a net  energy 
transport  from  the  disturbance  to  the  mean  flow,  these  incoming  wave  eigen- 
solutions offer  a potentially  important  mechanism  for  changing  the  character 
of  the  mean  flow  profile. 

These  incoming  wave  eigensolutions  have  been  found  to  exist  for  both  types 

of  supersonic  disturbances,  i.e.,  for  c^  ^l-l/M^  and  c^l  + l/M^.  For  incoming 

wave  eigensolutions  with  c^l-l/M.,,  an  especially  interesting  phenomena  has 

been  found.  Two  separate  families  of  solutions  have  been  found  to  exist. 

One  family  has  its  origin  at  cr  = 1 - 1 /M^  ancf  a = 0 while  the  other  family 

originates  from  subsonic  solutions.  Above  a certain  Reynolds  number,  labeled 

"changeover  Reynolds  number"  (R^) , the  two  families  switch  their  relative 

positions.  This  phenomena  is  shown  in  Figures  12  and  13  for  = 3.25.  In 

Figure  14,  the  variation  of  R ^ is  shown  as  a function  os  shock  Mach  number. 

The  physical  importance  of  this  changeover  Reynolds  number  appears  to  be 

that  for  Reynolds  numbers  less  than  the  changeover  Reynolds  number  the  forced 

response  analysis  shows  that  a relatively  strong  reflected  wave  is  present, 

i.e.,  significant  energy  is  carried  out  of  the  boundary  layer.  For  Reynolds 

numbers  greater  than  R . , the  strength  of  the  reflected  wave  is  relatively 

weak.  Thus,  when  the  Reynolds  number  is  greater  than  R^,  the  boundary 

layer  is  more  susceptable  to  mean  flow  profile  modification  than  when 

R<R  . . 
ch 

The  variation  of  R^  versus  Ms  shown  in  Figure  14  does  follow  the  general 
trend  of  the  first  transition  reversal  observed  by  Boison.  Thus,  it  would 
appear  that  this  "changeover  Reynolds  number"  might  have  the  same  physical 
significance  for  incoming  waves  as  the  critical  Reynolds  number  has  for 
outgoing  waves.  That  is,  the  "changeover  Reynolds  number"  seems  to  represent 
a Reynolds  number  which  must  be  reached  before  significant  transition 
mechanisms  can  take  effect. 

The  transition  measurements  shown  in  Figure  1 suggest  that  the  changeover 
Reynolds  number  associated  with  supersonic  and  sonic  waves  having  cf  <.1/M., 
may  be  responsible  for  the  transition  reversal  which  occurs  in  the  vicinity 
of  Tw/Te  - .35.  Some  other  mechanism  must  be  responsible  for  transition  for 
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Tw/Te>.35.  One  possibility  is  that  there  may  be  a similar  changeover 
Reynolds  number  phenomena  associated  with  waves  having  c^l  + l/M.,.  This 
possibility  is  currently  being  investigated. 

WALL  COOLING  F-OR  BOUNDARY  LAYF.R  CONTROL 

The  strong  stabilizing  effect  of  wall  cooling  on  outgoing  waves  suggests 
that  wall  cooling  is  a potentially  useful  method  for  delaying  the  onset  of 
transition  on  flight  vehicles.  The  results  presented  in  this  paper  suggest 
further  that  wall  cooling  is  very  effective  in  stabilizing  boundary  layers 
in  the  subsonic  flow  regime.  The  same  amount  of  wall  cooling  associated 
with  the  = 1.5  (M^  = .603)  boundary  layer  when  applied  to  a steady  flow 
boundary  layer  with  M = .603  yields  a critical  Reynolds  number  of  1.4  x 10 
which  is  only  slightly  less  than  the  critical  Reynolds  number  of  the  = 1.5 
shock  tube  wall  boundary  layer.  Work  in  progress  is  being  directed  toward 
quantifying  the  effect  that  wall  cooling  can  have  on  delaying  transition 
and  thus  reducing  drag  on  subsonic  aircraft. 
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Figure  2.  Supersonic  and  Subsonic  Wave  Phase  Velocities 
for  the  Shock-Tube  Boundary  Layer. 
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-Den’ensional  Disturbances. 


Figure  5.  Effect  of  Wave  No.  (a)  on  Phase  Velocity  (Cr  for  Varying  Reynolds 
Numbers  (R).  Wave  Angle,  ^ = HOO ( M = 1.5. 
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Figure  9.  Amplification  Factor  Versus  Wave  Number  for  Subsonic  Regular 
Family  of  Solutions,  M = 1.5,  2,  and  4. 


Figure  10.  Effect  of  Wave  Number  (a)  on  Amplification  (c. 
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TRANSITION  MEASUREMENTS  ON  A S°  HALF-ANGLE  CONE  AT 
MAGI  5 IN  A LUDWIEG-TUBE  WIND-TUNNEL 

by 

P.  Krogmann 

DFVLR  - AVA  Gottingen,  FRG 

ABSTRACT: 

Transition  of  the  laminar  boundary  layer  on  a sharp  5°  half-angle  cone  was 
observed  in  the  DFVLR-AVA  Ludwieg-Tube  Tunnel  at  Mach  5 by  means  of 
local  heat  transfer  measurements.  In  a range  of  unit  Reynolds  numbers 
from  Re/cm  = 10^  to  5 • 105  the  results  obtained  did  not  show  the  so-called 
'Unit  Reynolds  number  effect',  as  it  was  found  in  several  other  facilities. 
A variation  of  the  wall  to  stagnation  temperature  ratio  from  Tw/Tq  = 0.5 
to  0.9  had  no  effect  on  transition  Reynolds  number.  Small  variations  of 
angle  of  attack  strongly  affected  the  location  of  transition  on  the  most 
windward  and  leeward  cone  generator. 
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NOTATION: 

cp  specific  heat 

c phase  velocity 

d diameter  of  the  model 

h characteristic  tunnel  dimension 

I length 

Ma  Mach  number 

p pressure 

q heat  transfer  rate 

Re  Reynolds  number 

St  Stanton  number 

s wall  thickness  of  the  model 

T temperature 

t time 

U velocity 

x distance  along  cone 

a angle  of  attack 

g frequency 

*>  cone  half-angle 

X wavelength 

v kinematic  viscosity 

p density 

<f>  circumferential  angle 


SUBSCRIPTS : 

o stagnation  conditions 

00  free  stream  conditions 

e conditions  at  the  edge  of 

the  boundary  layer 

M model  material 

tr  transition 

w wall 
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INTRODUCTION: 


This  paper  presents  some  results  of  an  experimental  investigation  in- 
tended to  get  information  about  local  heat  transfer  and  transition  behaviour 
on  simple  body  shapes  in  supersonic  flow.  It  is  well-known  that  transition 
of  the  boundary  layer  is  affected  by  various  factors,  and  often  experimental 
transition  results  from  different  investigations  have  been  compared 
neglecting  those  factors  involved  within  the  experiments.  Transition 
Reynolds  number  varies  considerably  with  local  Mach  number,  pressure 
gradient,  nose  blunting,  and  wall-roughness,  [1],  [2],  [3],  One  of  the 
most  serious  (and  mysterious)  problems  in  transition  measurements  in  wind- 
tunnels  is  the  effect  of  stagnation  pressure  and  temperature  level , accord- 
ing to  which  the  transition  Reynolds  number  increases  and  with  unit 
Reynolds  number.  Beside  the  unit  Reynolds  number  effect  PATE  et  al . 

[4],  [5],  [6],  [7],  observed  an  influence  of  the  size  of  the  test  section 
on  transition  Reynolds  number.  Experiments  of  LAIJFER  [8]  showed  that  the 
turbulent  boundary  layer  along  the  tunnel  walls  is  the  source  of  aerodynamic 
noise.  Generally  the  unit  Reynolds  number  effect  is  related  to  this  noise 
radiated  from  the  turbulent  boundary  layer,  and  in  Reference  [4]  it  was 
mentioned  that  the  intensity  of  the  pressure  fluctuations  was  proportional 
to  the  size  of  the  test  section.  However,  transition  measurements  in  an 
aerobal listic  range,  where  disturbances  associated  with  wind-tunnel  flows 
should  not  be  present,  showed  a unit.  Reynolds  number  effect  even  stronger 
than  in  wind-tunnels,  [9],  [10], 

Another  difficulty  encountered  in  experimental  transition  investi- 
gations is  the  effect  of  the  temperature  ratio  T^/T^ . The  experiments  of 
References  [2],  [11],  [12],  showed  no  influence  of  Tw/T  on  the  transition 
Reynolds  number,  whereas  in  [13]  and  [14]  transition  Reynolds  number  de- 
creased moderately  with  increasing  Tw/T(),  and  an  opposite  trend  was 
observed  in  [IS],  [16],  Much  stronger  effects  occured  in  References 
[17],  [18],  [19],  where  at  low  temperature  ratios  a 'transition  reversal' 
or  even  a 're-reversal'  was  observed.  In  References  [19]  and  [20]  it 
was  also  shown  that  transition  is  sensitive  to  small  variations  in  angle 
of  attack  in  a manner  that  transition  was  promoted  on  the  leeward  side 
of  a slender  cone  and  delayed  on  the  windward  side. 
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In  the  present  investigation  the  location  of  transition  was  detected 
by  means  of  local  heat  transfer  measurements  at  different  unit  Reynolds 
numbers,  temperature  ratios,  and  angles  of  attack. 

2.  EXPERIMENTAL  DETAILS: 

The  experiments  were  carried  out  in  the  DFVLR-AVA  Ludwieg  Tube 
facility  at  Gottingen.  This  facility,  shown  as  a sketch  in  Figure  1,  con- 
sists of  three  test- legs  for  mach  numbers  from  Ma  = 3 to  a 12,  and  is  capable 
of  relatively  high  Reynolds  numbers.  The  measurements  were  made  mainly  at 
a free  stream  Mach  number  of  Mam  = 5 on  5°  half-angle  cones  and  partly  at 
Ma^  - 6.8  cn  a 10°  half-angle  cone  in  tunnel  B,  which  has  axisymmetric , 
contoured  nozzles  with  an  exit  diameter  of  0.5  m.  Further  information  on 
the  facility  may  be  taken  from  Figure  1 or  from  Reference  [2].  The 
variation  of  unit  Reynolds  number  was  accomplished  by  varying  stagnation 
pressure  and/or  stagnation  temperature,  and  the  model  was  at  room-temperature. 
The  models  used  were  electro-formed  cones,  made  of  nickel.  They  were 
equipped  with  thermocouples  along  a conical  ray  and  had  a final  surface 
finish  of  approximately  1 pro-  The  main  dimensions  of  the  models  are 
shown  in  Figure  2. 

For  the  local  heat  transfer  rate  measurements  the  so-called  'thin 
skin  technique'  was  applied.  The  thin  skin  (s«0.2  mm)  of  the  model,  when 
exposed  to  the  flow,  is  used  as  a calorimeter,  and  the  local  temperature 
rise  with  time  is  measured.  From  this  one  obtains  for  the  local  heat 
transfer  rate. 


(!)  q = PM  cpM  s (dT/dt) 


where  is  the  density  and  cp^  the  spec 
In  the  following  the  heat  transfer  rates 
non-dimensionalized  with  free  stream  and 
numbe rs 


fic  heat  of  the  model  material, 
obtained  from  Equation  (1)  were 
stagnation  conditions  to  Stanton 


(2) 


St  = rtr 


(To  - 
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RESULTS  AND  DISCUSSIONS: 


o. 

3.1  Lffect  of  Unit  Reynolds  Number 

Meat  transfer  measurements  have  proven  to  be  one  of  the  best  methods 
to  detect  transition  on  models  in  supersonic  flow.  Due  to  the  change  of 
the  boundary  layer  profile  at  transition  the  skin  friction  increases  con- 
siderably and,  therefore,  the  local  heat  transfer  rate.  In  this  paper 
the  start  and  the  end  of  transition  are  defined  as  the  location  of  the 
minimum  and  maximum  in  the  heat  transfer  distribution,  and  the  corresponding 
transition  Reynolds  number  is  based  on  the  distance  from  the  tip  of  the 
model.  In  Figure  3 the  transition  results  obtained  on  the  two  5°  half- 
angle cones  | = 17  cm  (Synb  . o o)  and  j = 52  cm  (Symb . A A)  are  compared 
with  results  from  other  facilities.  In  the  range  of  unit  Reynolds  number, 
based  on  local  flow  properties  at  the  edge  of  the  boundary  layer,  from 
(U/  Jt>  = 10'’  to  5 '10'’  cm  * the  transition  Reynolds  numbers  of  the  present 
investigation  are  independent  of  unit  Reynolds  number.  Results  from 
other  facilities  show  an  increase  of  transition  Reynolds  number  with  in- 
creasing unit  Reynolds  number.  'Hiis  figure  also  exhibits  the  effect  of 
tunnel  s i ze  on  transition.  For  identical  edge  Mach  number  unit  Reynolds 
number,  and  the  same  method  of  transition  detection  the  transition  Reynolds 
number  is  much  higher  in  a 40  x 40in  tunnel  (Symh.  e ) than  in  a 12  x 12in 
tunnel  (Symh.  V).  The  upper  left  curve  in  Figure  3 denotes  an  estimate 
of  transition  Reynolds  numbers  on  a slender  cone  after  two-dimensional 
measurements  in  a very  large  tunnel  (16  x 16  ft). 

The  effect  of  Reynolds  number  as  well  as  the  effect  of  different 
tunnel  size  generally  is  related  to  free  stream  disturbances  which  are 
radiated  from  the  turbulent  boundary  layer  on  the  tunnel  walls.  This  is 
a plausible  explanation  for  the  different  results,  but  it  is  not  an 
explanation  for  the  strong  Reynolds  number  effect  in  POTTER'S  data  [9], 
obtained  in  an  aerobal  1 isti c range,  Eat-’r  measurements  made  in  the  same 
facility  [10]  once  again  confirmed  this  trend.  Even  an  artificial  sound 
field  of  130  dB  (800  Mz)  had  no  effect  on  transition  Reynolds  number. 

IN  the  following  Figure  4 an  attempt  was  made  to  correlate  in  a 
simple  manner  transition  results  from  different  facilities.  The  only 
similarity  parameters  for  wind  tunnel  flows  are  the  Mach  number,  unit 
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Reynolds  number  and  a characteristic  dimension.  Thus,  for  a constant 
free-stream  Mach  number  the  transition  Reynolds  number  should  depend  only 
on  the  Reynolds  number  based  on  local  flow  conditions  and  a characteristic 
tunnel  dimension,  figure  1 shows  the  transition  results  of  the  fore- 
going figure  3 plotted  against  'tunnel  Reynolds  number'  based  on  test- 
section  diameter  or  width.  The  Reynolds  number  ranges  are  denoted  only  by 
two  symbols,  and  it  is  seen  that  the  results  from  the  12  x 12in  tunnel  and 
40  x 40in  tunnel  now  collapse  on  one  curve,  fven  the  estimate  of  transition 
Reynolds  number  in  a 16  x 16  ft.  tunnel  fits  good  to  the  other  results, 
for  the  high  tunnel  Reynolds  numbers  the  results  of  [7]  are  of  the  same 
order  of  magnitude  as  those  obtained  in  the  present  experiments,  and  the 
unit  Reynolds  number  effect  obviously  vanishes  at  still  higher  Reynolds 
numbers.  Due  to  these  facts  it  is  concluded  that  the  present  data  mere  or 
less  represents  the  limiting  value  of  transition  Reynolds  number. 

3.2  Effect  of  Temperature  Ratio  T /T 
Y w 0 

Various  trends  of  transition  behaviour  at  different  temperature 
ratios  have  been  mentioned  already  in  the  introduction.  Some  of  the  dis- 
crepancies in  the  transition  results  at  different  temperature  ratios  cer- 
tainly have  to  be  attributed  to  a unit  Reynolds  number  effect,  because 
the  experiments  were  not  performed  at  constant  Reynolds  number.  RESH0T0K0 
[22]  proposed  to  use  stability  theory  as  a guide  to  the  evaluation  of 

transition  data.  Among  others  the  dominating  parameter  in  stability  theory 

2 

is  the  dimensionless  frequency  8v/U  or  wavelength  AU/c  . After  RESHOTKO 

2 r 

the  transition  Reynolds  number  should  vary  with  U /v.  In  most  wind-tunnels 

a variation  of  free  stre<am  Reynolds  number  can  be  achieved  only  by  varying 

the  pressure  level  at  constant  stagnation  temperature  (therefore,  l)  = const.) 
2 

Therefore,  U/v  and  U /v  are  varied  in  the  same  way,  and  the  effects  of  these 
two  parameters  cannot  be  studied  independently. 

In  the  present  experiments  the  unit  Reynolds  number  was  held  constant 
at  (U/u)e  = 1.8  10‘'’  cm  ^ by  varying  the  stagnation  pressure  according  to 

the  stagnation  temperature  level.  By  this  the  temperature  ratio  was 
varied  from  T^/T^  = 0.5  to  0.9,  and  the  corresponding  variation  in  free 
stream  velocity  was  about  21%.  Figure  5 shows  the  transition  Reynolds 
numbers  obtained  plotted  against  temperature  ratio.  In  the  whole  range 
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of  r /T,  the  transition  Reynolds  number  is  unaffected.  In  addition, 
a variation  of  unit  Reynolds  number  by  changing  stagnation  temperature 
at  constant  pressure  level  had  no  effect  on  transition.  Figure  Sb . 

.3.3  Hffect  of  Angle  of  Attack 

The  flow  field  on  a cone  at  zero  incidence  is  ' n first  approximation 
two-dimensional  and  can  be  described  by  flat  plate  f , ow , if  an  appropriate 
transofrmat ion  is  applied.  However,  at  angle  of  attack  the  flow  field 
becomes  three-dimensional  and  correspondingly  complicated.  Due  to  cross- 
flow  components  and  pressure  gradients  the  flow  tends  to  separate.  At 
separation  skin  friction  and  heat  transfer  have  a minimum.  Thus,  the 
separation  point  can  be  easily  detected  by  local  heat  transfer  measurements. 
Figure  6 contains  the  Stanton  numbers  in  the  symmetry  plane  of  a 10°  half- 
; ngle  cone  at  ;ingle  of  attack  (Man  = b.8).  In  this  case  the  ''low  is  fully 
aminar  along  the  cone,  aid  the  increasing  heat  transfer  for  a > 10°  at 
the  downstream  measuring  stations  indicates  flow  separation.  For  higher 
Reynolds  number  at  Mach  5 the  flow  along  the  5°  half-angle  cone  at  zero 
incidence  is  still  laminar,  but  at  a 1°  the  heat  transfer  starts  to 
increase  at  the  aft  measuring  station  on  the  most  leeward  ray.  Figure  7. 

Th i s is  due  to  boundary  layer  transition,  and  the  transition  location 
rapidly  moves  upstream  with  increasing  angle  of  attack.  Effects  of 
separation  on  the  heat  transfer  become  evident  at  a > 5°  where  the  Stanton 
numbers  again  increase. 

The  rapid  movement  of  transition  location  with  angle  of  attack  is 
illustrated  in  Figure  8.  Here  the  transition  location  relative  to  that  at 
a = 0°  the  transition  location  has  moved  upstream  approximately  60%  on 
the  most  leeward  ray  and  40%  on  the  windward  ray.  For  a > 3°  the  position 
of  transition  on  the  leeward  side  becomes  fixed  at  a distance  from  the 
tip  of  about  one-fourth  of  the  initialposition  at  a = 0°. 

The  following  figures  show  the  heat  transfer  distributions  for  three 
constant  angles  of  attack.  The  Stanton  numbers  are  normalized  with  those 
of  the  most  windward  ray.  At  a = 5°,  Figure  9 the  high  heating  rates  on 
the  leeward  portion  of  the  model  exclusively  are  due  to  boundary  layer 
transition,  but  at  a = 10°  and  15°,  Figures  10  and  11  the  effects  of 
transition  and  separation  are  mixed  and  cannot  be  distinguished  independently. 
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CONCLUDING  REMARKS : 


4 . 


Local  heat  transfer  measurements  on  slender  cones  were  carried  out 
in  the  DFVLR-AVA  Ludwieg-Tube  wind-tunnel.  Boundary  layer  transition 
was  detected  from  heat  transfer  distribution,  and  transition  behaviour 
was  investigated  for  different  unit  Reynolds  numbers,  temperature  ratios 
T /T„  and  different  angles  of  attack. 

The  results  obtained  did  not  show  a unit  Reynolds  number  effect. 

In  a range  of  unit  Reynolds  numbers  from  Re/cm  = 103  to  5 • 103  the 
transition  Reynolds  numbers  were  independent  of  unit  Reynolds  numbers. 

Neither  a variation  of  the  temperature  ratio  from  T / T = 0.5  to 

w 0 

0.9  at  constant  unit  Reynolds  number  nor  a variation  of  T /T  at  constant 

w () 

stagnation  pressure  had  an  effect  on  transition. 

Experiments  at  angle  of  attack  have  shown  that  transition  is 
extremely  sensitive  to  small  variations  of  angle  of  attack.  On  the  most 
leeward  ray  the  transition  location  moved  upstream,  such  that  for  a = 5° 
the  transition  distance  was  approximately  constant  at  about  one-fourth  of 
that  found  for  ot  = 0°. 
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Figure  1.  Sketch  of  Ludwieg  Tube  Facility. 


JL 


241 


i 


Mode!  I:  9*10* 

I * 8.5cm 
d * 3.0cm 


Model  Ha.  9*5* 

I • 17.15cm 
d » XjDcm 


Model  R6.  9 »S* 

/ * Sl.icm 
d * 9.0cm 


Figure  2.  Model  1 Dimensions. 


t 


H? 

0 

6 


wmmam 

Symbol 

Facility 

mm 

Detection  cf  ( x 

Source 

— 

AEDC  12  x 12  m 

ij 

P mar 

C 7 3 



AEDC  12  x 12m. 

i 3 

Schlieren 

C 7 3 

— a — 

AEDC  tO  x iO in 

i 3 

P max 

C7  J 

0 

AEDC  Range 

i.3 

Shadowgr 

f 9 1 

t — .. — 

AEDC  16  x 16  ft 

i.3 

Estimate  after  2-C:.t  mecs. 

: 7 j 

— O— ■£> — 

LuC.vieg  Tube  SDcmo 

i.7 

9 max 

present 

Ludweg  TubeSOcmm 

i.7 

9 mm 

present 

_ 

..r.  ^ 

r~ 

r 

— - 't* 

r 

^1- 

. --0 

y --yny* 

O 0 
A A 

Model  1 * 17 
Model  1 x 52 

cm 

cm 

10* 


0 »5 


*■[*>] 8 • “* 


Figure  3.  Transition  Re-Numbers  from  Different  Facilities. 


243 


r = 4, 

r - 6 > 

x - 8< 

( - 10cm 

r = 11cm  

r - 12cm 
r = 13cm 
r - 14cm 
r = /5cm 
r = 16cm 


SOME  INVESTIGATIONS  FOR  TI1F.  EVALUATION  OF  STABILITY  AND  TRANSITION 
CRITERIA  FOR  BOUNDARY  LAYERS  ON  SWEPT  WINGS* 

by 

Ernst  II.  Hirschel  and  Vera  Jawtusch 
DFVLR,  Koln,  W.  Germany 


SUMMARY 

The  investigations  consist  of  three  parts:  (a)  calculation  of  the  quasi  two- 
dimensional  boundary  layer  on  infinite  swept  wings,  (b)  calculation  of  the 
laminar  three-dimensional  boundary  layer  on  finite  swept  wings,  (c)  appli- 
cation of  currently  known  stability  and  transition  criteria  to  the  calculated 
boundary  layers.  Part  (a)  of  the  investigations  is  being  made  in  order  to 
study  how  good  the  infinite  swept  wing  approximation  in  different  sections 
of  the  wing  is  compared  with  the  exact  three-dimensional  solution.  Part 
(b)  deals  with  the  problems  of  arranging  the  coordinate  system  on  the  wings 
surface,  the  presentation  of  the  metric  tensor,  the  interpolation  of  the 
external  boundary  condition  field,  the  formulation  of  the  boundary  layer 
equations  with  respect  to  curvature  effects,  and  finally  the  calculation  of 
the  boundary  layer.  In  part  (c)  stability  and  transition  criteria  are 
applied  to  the  boundary  layers  calculated  in  (a)  and  (b)  in  order  to  as- 
certain the  value  of  these  criteria.  Some  experimental  data  are  available, 
more  will  become  available  in  near  future  from  work  of  members  in  the 
Eurovisc  Working  Party  on  Transition  in  Boundary  Layers.  The  investiga- 
tions are  in  different  stages.  This  paper  contains  the  discussion  of 
details  of  the  investigation  concerning  the  boundary  layer  calculations, 
some  results  of  these  calculations,  and  some  comments  on  the  current  state 
of  the  work  to  part  (c). 


1.  INTRODUCTION 

At  the  DFVLR  in  Porz-Wahn,  near  Koln  (Cologne),  work  on  the  numberical 
integration  of  the  equations  of  three-dimensional  boundary  layers  has 
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started  late  in  1967.  Several  papers  by  Krause,  Hirschel,  and  Bothmann 

between  1967  and  1970  dealt  with  numberical  stability^!  the  development 

[ 2] 

of  an  implicite  finite-difference  method  , and  since  no  inviscid  flow- 
field  data  from  three-dimensional  bodies  were  available  at  that  time,  with 
problems  like  suction,  injection,  tangential  injection,  wake  simulation, 
hot  spot,  aerodynamic  boundary  layer  fence  and  so  on  in  three-dimensional 
boundary  layers  on  flat  configurations^’  . This  work  was  interrupted 

for  some  time,  but  continued  1972  in  two  different  directions.  One  direc- 
tion is  the  problem  of  turbulence  in  three-dimensional  boundary  layers, 
with  respect  to  the  mathematical  formulation,  especially  the  fourth  order 
Mehrstel lcn- integrat ion  method^’’ , and  the  other  the  problem  of  transi- 
tion from  laminar  to  turbulent  state  in  three-dimensional  boundary  layers, 
especially  on  swept  wings.  Here  first  in  cooperation  with  the  RAE  known 
stability  and  transition  criteria  were  applied  in  a parametrical  study  to 
calculated  quasi  two-dimensional  boundary  layers  (infinite  swept  wing 
case)  and  then  a broader  approach  to  the  problem  was  made. 

At  present  the  following  problems  are  studied:  (1)  boundary  layer  equations 
in  nonorthogonal  coordinate  systems  with  respect  to  strongly  curved  surfaces 
(leading  edge,  fuselage-wing  intersection,  etc.),  (2)  calculation  of  (laminar) 
boundary  layers  on  infinite  and  finite  swept  wings  with  and  without  sur- 
face curvature  with  regard  to  the  calculated  velocity  profiles  which  are  to 
be  used  in  stability  analysis,  (3)  linear  stability  in  three-dimensional 
boundary  layers,  (4)  application  of  known  stability  and  transition  criteria 
to  boundary  layers  on  finite  swept  wings  and  comparison  with  experiments, 

(5)  calculation  of  the  mean  flow  properties  in  transition  regions. 

The  work  on  items  3,  4,  and  5 is  coordinated  with  the  work  of  members  of 
the  Eurovisc  Working  Party  on  Transition  in  Boundary  Layers^1*1’  which 

has  working  connection  with  the  US  Transition  Study  Group  with  its  chair- 
man E.  Reshotko. 

In  the  following  some  results  and  experiences  are  discussed  from  items  2 
and  4 . 
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BOUNDARY  LAYLR  CALCULATIONS 


The  numerical  method'*"1  has  been  adapted  to  the  calculation  of  laminar 

boundary  layers  on  finite  swept  wings.  The  first  studies  have  been  made 

for  an  untapered  swept  wing.  Figure  1,  for  which  panel  method  calculations 
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of  the  inviscid  flow  field  were  available 


Figure  1.  Schematic  of  the  coordinate  system  on  an  untapered 

swept  wing.  The  coordinates  x and  y lie  in  the  surface, 
and  are  nonorthogonal , the  coordinate  z is  orthogonal  to 
the  surface. 

It  was  decided  to  use  a body  oriented  nonorthogonal  coordinate  system  since 
a streamline  oriented  system  has  to  be  recalculated  for  each  solution.  The 
metric  tensor  for  the  system  sketched  in  Figure  1 is  very  simple  if  the 
boundary  layer  thickness  can  be  considered  as  small  compared  to  the  local 
radius  of  curvature  of  the  surface: 


(2.1)  C = 


1 cos  a(x)sincp  0 

cosa(x)  sincp  1 0 

0 0 1 
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If  one  choses  to  calculate  in  the  wing  planform  it  reduces  to 

1 s i n cp  0 

(2.2)  G = sincp  1 0 

0 0 1 

The  finite-difference  molecule  used  is  the  step-scheme  suggested  in^, 
Figure  2.  It  has  the  advantage  that  skew  angles  of  the  stream-surfaces  in 
the  boundary  layer  up  to  135°  can  be  tolerated  (for  equal  stepsizes  Ax  and 
Ay)  without  violating  the  Courant-Friedrichs-Levy  condition,  since  otherwise 
a rearrangement  of  the  difference  molecule  becomes  necessary  in  order  to 
avoid  numerical  instability.  This  difference  molecule  has  found  applica- 
tion in  several  investigations,  for  instance^*'’  . 


Figure  2.  Finite  difference  molecule. 


I 

; 


In  the  present  case  the  calculation  sweeps  parallel  to  the  leading  edge 
from  the  inner  to  the  outer  wing  portion.  The  sweep  procedure  advances  in 
chord  direction,  starting  at  the  leading  edge. 

Initial  conditions  are  being  specified  at  the  leading  edge  and  the  symmetry 
line.  In  both  cases  the  same  approach-di fferenciating  the  momentum  equa- 
tion for  the  direction  normal  to  the  line  - is  used.  The  symmetry  line 
approach  has  been  used  in  the  first  calculations  only,  since  the  results 
for  this  area,  together  with  difficulties  concerning  the  convergence  of 
the  solution,  show  that  this  appraach  is  doubtful.  Here  results  from  item  1 
in  the  introduction  will  show  how  the  boundary  layer  should  be  treated  in 
such  areas  where  strong  lateral  curvature  exists  as  along  almost  the  whole 
summetry  line.  The  approach  used  for  the  results  contained  in  this  paper 
is  shown  in  Figure  3.  Again  the  leading  edge  solution  (in  the  present  case 
for  a symmetric  profile  at  small  or  zero  angle  of  attack)  has  to  be  found. 
Then  at  a suitable  spanwise  station  the  quasi  two-dimensional  infinite 
swept  wing  approach  is  being  applied  in  direction  parallel  to  the  x'-axis- 
not  in  direction  normal  to  the  leading  edge,  as  normally  done.  This  solu- 
tion together  with  the  leading  edge  solution  will  form  the  initial  condition 
for  the  three-dimensional  area.  The  error  introduced  by  this  approach 
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concerns  the  region  between  the  spanwise  station,  where  the  infinite  swept 
wing  solution  has  been  found,  and  that  streamline  in  the  boundary  layer 
originating  from  the  intersection  of  the  spanwise  station  with  the  leading 
edge,  that  lies  at  largest  distance  from  the  spanwise  station.  In  Figure  3 
this  is  first  the  external  streamline  and  later  the  limiting  w3ll-stream 
line  because  of  the  point  of  inflexion  in  the  external  streamline.  It  is 
possible  that  streamlines  between  these  lines  can  become  important, 
especially  near  the  point  of  inflexion  of  the  external  streamline.  Never- 
theless, this  will  be  a minor  effect  only. 

In  the  foregoing  discussion  the  region  of  influence  and  dependence  properties 
of  three-dimensional  boundary  layers  have  been  brought  into  use  in  connec- 
tion with  the  initial  solution  problem.  These  properties,  which  are  due 
to  the  fact  that  approximately  the  streamlines  are  characterictics  (for 
practical  purposes  the  projections  of  the  streamlines  into  the  overflowed 
surface  are  used)  have  been  discussed  first  by  Mager^1"^  and  Raetz^16^. 

The  Courant-Friedrichs-Levy  condition  reflects  this  fact  in  connection  with 
the  domain  of  dependence  of  the  difference-molecule,  which  has  to  include 

the  domain  of  dependence  of  the  differential  equation,  otherwise  no  numer- 
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ical  stability  can  be  ensured,  even  for  implicit  formulation  ’ 

A more  rigorous  use  of  the  region  of  influence  and  dependence  properties 
would  be  to  omit  the  infinite  swept  wing  solution,  and  simply  to  calculate 
the  streamlines  after  finding  the  solution,  creating  stepwise  at  the  border 
of  the  area  in  which  is  calculated  the  boundary  condition  in  form  of  a 
stream  surface.  Because  of  the  complicated  program  structure  necessary  to 
do  that,  the  infinite  swept  wing  approach  has  been  chosen  because  of  its 
much  simpler  use. 


3. 


SOME  RESULTS  OF  THE  BOUNDARY  LAYER  CALCULATIONS 


In  Figures  4 and  5 the  two  components  of  the  inviscid  velocity  u^  and  v^ 

at  the  surface  of  a finite  swept  wing  withcp=  30  at  zero  angle  of  attack 

are  given.  The  wing  has  a RAE  101  profile,  and  9 percent  thickness.  The 

span  of  the  wing  is  three  times  the  chord  length.  From  this  velocity  field, 

1 1 21 

which  has  been  found  by  panel-method  calculations  , the  finite-difference 
grid  has  been  determined  by  interpolation  in  such  a way  that  the  velocity 
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Figure  4.  Velocity  component  ue(x)  Figure  5.  Velocity  component  v (x) 

at  different  at  different  e 

stations  y = const  stations  y = const 

increments  Au  and  Av  are  bounded,  and  the  resulting  Ax  and  Ay,  too. 
e e 

Figure  5 shows  very  large  gradients  of  vp  in  y-direction  near  the  line  of 
symmetry  (N  = 1),  which  gave  rise  to  the  problems  already  mentioned  in 
chapter  2. 

The  present  boundary  layer  results  have  been  found  in  the  area  O^x  < 0.257, 
and  0.046  1 y<1.63.  x = 0 represents  the  leading  edge,  and  y = 0.046  the 


location  of  infinite  swept  wing  calculation,  see  Figure  3,  whose  results 
have  been  used  as  initial  conditions.  In  spanwise  direction  105  net  points 
have  been  used,  and  in  chord  direction  150.  The  boundary  layer  thickness 
has  been  covered  with  38  points  at  maximum.  No  transformation  has  been 
used  so  far  in  order  to  compensate  the  growth  of  the  boundary  layer  thick- 
ness. The  computation  time  per  net  point  was  0.012  seconds  on  a 
Telefunken  TR  440  computer,  whose  computation  speed  is  similar  to  that  of 
the  CDC  6400. 

Figures  6,  7,  and  8 show  for  the  spanwise  station  y = 1.10  the  three 
velocity  components  of  the  boundary- layer  flow  u,  v,  w as  function  of 
z for  different  stations  x in  chord  direction.  The  solid  line  depicts 
the  solution  if  the  curvature  terms  are  taken  into  account.  Equation  2.1, 
and  the  broken  line  the  solution  if  surface  curvature  is  neglected, 

Equation  2.2. 

The  figures  show  the  typical  development  of  a wing  boundary  layer.  The 
growth  of  the  boundary  layer  thickness  is  small  near  the  leading  edge, 
where  large  favourable  pressure  gradients  exist.  The  flow  component  in 
y-direction,  Figure  7,  is  first  outward  directed,  turns  then  inward,  and 
will  be  directed  outward  again  further  downstream.  This  is  due  to  the 
inflexional  behaviour  of  the  external  stream  lines,  which  nearly  always 
exists  on  swept  wings.  The  normal  component  of  the  velocity  w mirrors 
in  the  tangent  3w/3z  at  the  outer  edge  of  the  boundary  layer  the  accelera- 
tion of  the  whole  external  flow  field.  Near  the  leading  edge  Sw/Sz^  is 
negative  because  of  the  strong  acceleration.  For  larger  x it  becomes 
smaller  and  finally  will  be  positive  when  the  external  flow  is  decelerated. 

The  solution  shows  appreciable  differences  especially  in  the  spanwise 
velocity  component,  if  the  curvature  of  the  wing  surface  is  neglected. 

This  is  of  importance  if  the  stability  of  the  flow  is  to  be  considered, 
regardless  of  the  uncertainty  of  the  criteria  available  today.  An 
analysis  of  boundary  layer  parameters  and  shape  functions  calculated 
from  these  profiles  is  under  way. 


Figure  6.  Profiles  of  the  tangential  component  u(z) 
of  the  velocity  in  the  boun  ary  layer  at 
y = 1.1,  and  different  stations  x. 


Figure  7.  Profiles  of  the  tangential  Figure  8. 

component  v(z)  in  the  boundary 
layer  at  y = 1.1,  and  different 
stations  x. 


Profiles  of  the  normal 
component  w(z)  in  the 
boundary  layer  at  y=  1.1, 
and  different  stations  x. 
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In  Figure  9 the  total  wall  shear  stress  is  given  as  function  of  the  span- 
wise  direction  for  different  stations  x in  chord  direction.  The  broken  line 
again  depicts  the  solution  for  the  flat  wing.  The  differences  between  the 
solutions  are  large  near  the  leading  edge,  where  large  curvature  exists,  and 


Figure  9.  Total  wall  shear  stress  T (y)  at  different  stations  x. 

w 

diminish  further  downstream,  showing  the  strong  parabolic  behaviour  of 
the  solution  in  this  way. 

For  y '“'0.05  the  curves  exhibit  the  incompatibility  of  the  infinite  swept 
wing  approximation,  which  has  been  used  as  initial  condition  at  y = 0.046, 
with  the  true  solution.  Large  gradients  in  y-direction  exist  for  v <0.1. 

For  y >0.8  approximately  infinite  swept  wing  conditions  seem  to  appear. 

Almost  no  gradients  are  present  in  y-direction,  which  also  can  be  seen 
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from  the  external  flow  data  . An  infinite  swept  wing  calculation  at 
y = 0.964  showed  also  few  differences  in  the  velocity  profiles  to  those 
of  the  finite  wing  calculation.  This  is  also  true  for  the  leading  edge 
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area  since  the  leading  edge  solution  for  the  finite  wing  has  been  used  as 
initial  data  for  the  infinite  swept  wing  calculation. 

Figure  10  shows  both  the  external  and  the  limiting  wall  streamlines  on  the 
wing  for  the  different  cases  calculated.  Since  the  external  streamlines 
have  an  only  weak  inflexional  behaviour  the  crossover  of  the  limiting  wall 


Figure  10.  Streamlines  on  the  wing. 

stream  lines  takes  place  far  downstream  of  the  leading  edge.  The  location 
of  the  calculated  limiting  wall  streamlines  is  relatively  strong  affected 
if  wall  curvature  is  neglected  in  the  boundary  layer  calculation.  The  in- 
finite swept  wing  approximation  gives  a slightly  changed  location  of  the 
external  streamline  showing  that  the  gradients  of  the  external  flow  in  y- 
direction  have  not  completely  vanished  at  y = 0.964. 
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4. 


APPLICATION  OF  KNOWN  STABILITY  AND  TRANSITION  CRITERIA 


The  transition  laminar-turbulent  in  three-dimensional  boundary  layers, 

[17] 

especially  on  wings  is  poorly  understood  today.  M.  G.  Hall  gave  an 
overlook  over  existing  criteria  which  have  been  put  to  use  in  parametrical 
studies  such  as^and^*^.  One  problem  is  that  other  transition  mechanism 
exist  beside  the  classical  Tol 1 mi en-Sch 1 i cht i ng  instability  with  transition 
following,  namely  transition  following  cross-flow  instability,  and  leading 
edge  contamination.  These  mechanism  in  turn  can  be  affected  and  changed  by 
Tay 1 or-Gort ler  instabilities  and  other  curvature  effects,  by  laminarisation, 
surface  effects  and  combinations  of  all.  The  understanding  of  most  of 
these  particular  mechanism  is  also  poor ^ ^ . Many  of  the  criteria  avail- 
able are  empirical,  containing  data  from  only  few  experiments. 

After  finishing  the  development  of  the  method  for  the  calculation  of 
laminar  three-dimensional  boundary  layers,  it  will  be  used  for  the  calcu- 
lation of  wing  flows  which  have  been  investigated  experimentally.  Applying 
the  known  criteria  it  is  hoped  to  obtain  an  evaluation  of  these  criteria 
together  with  the  possibility  to  improve  them. 

Up  to  now  some  investigations  of  these  kind  have  been  made  using  the  in- 
finite swept  wing  approach.  Unfortunately  the  experimental  data  available 
so  far  were  not  very  well  suited  with  respect  to  this  approach.  The  re- 
sults allow  no  definite  conclusions  about  the  value  of  the  criteria. 

In  Figure  11  typical  results  are  given  from  such  an  investigation.  The 
lower  curve  shows  the  measured  pressure  distribution  c^  (x*/c)  in  one  cross 
section  of  a finite  swept  wing  (^^,55°)  with  curved  (!)  leading  edge^19^. 

The  upper  curve  shows  the  measured  wall  shear  stress  c^-  (x*/c)  at  the  same 
station  exhibiting  clearly  the  transition  region.  Using  the  pressure  dis- 
tribution on  infinite  swept  wing  calculation  has  been  made  and  the  criteria 
discussed  in  References  17,  8,  and  18,  have  been  applied. 

Results:  (a)  Leading  edge  contamination  is  possible  with  R,,  « 150>R  = 100. 

* ® pent 

(b)  Relaminarisation  is  possible  for  x*/c  < 0.025.  (c)  No  cross-flow 

instability  seems  to  be  existent  since  X ss  36  <X  . = 120  +20.  The 

max  crit 

position  of  is  included  in  Figure  11.  (d)  Tol Imien-Schl ichting 

iTi  (1  /C 
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Figure  11.  Results  of  application  of  stability  and  transition 
criteria . 

instability  appears  just  behind  the  weak  suction  peak  for  a Reynolds 
number  2.02  • 10h.  (e)  At  this  Reynolds  number  no  transition  position 

(using  Granville's  criterium)  has  been  found  because  separation  was  cal- 
culated. (f)  For  higher  Reynolds  numbers  the  transition  positions  have 
been  calculated,  and  included  in  Figure  11.  (g)  An  extrapolation  of  these 

positions  to  Re  = 2.02  • 10(>  gives  a fair  agreement  of  the  calculated 
transition  point  with  the  measured  one  at  x*/c  0.5. 

5.  CONCLUSION 

Out  of  several  problem  areas  of  the  large  problem  "transition  in  three- 
dimensional  boundary  layers"  the  calculation  of  laminar  boundary  layers 
on  swept  wings,  and  the  investigation  of  known  stability  and  transition 
criteria  have  been  discussed. 

The  calculation  of  three-dimensional  laminar  boundary  layers  is  fairly 
well  advanced.  Difficulties  lie  mostly  in  the  external  flow  field 
representation  and  in  the  geometry  of  the  wing  or  body. 

Large  difficulties  exist  concerning  the  understanding  of  the  stability 
and  transition  mechanism  in  the  boundary  layers  under  considerations. 

Even  the  formulation  of  reliable  prediction  criteria  has  not  been  accom- 
plished so  far.  Much  more  experimental  and  analytical  work  is  necessary 
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in  order  to  get  more  information  about  the  possible  flow  situations.  The 
thoughts  and  results  discussed  in  this  paper  present  part  of  the  work  on 
these  problems  at  the  DFVLR. 
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SUMMARY 

The  laminar  hypersonic  boundary  layer  at  a flat  plate  in  the  region  of 
viscous  interaction  is  investigated  for  the  case  of  a strong  rise  of  the 
temperature  of  the  plates  surface  at  a certain  distance  downstream  from 
the  leading  edge.  The  temperature  rise  takes  place  in  a range  of  some 
boundary  layer  thicknesses.  The  theoretical  investigation  by  means  of  a 
finite-difference  solution  of  the  governing  equations,  which  are  found  by 
an  order  of  magnitude  analysis  from  the  Navier-Stokes  equations,  and  the 
energy  equation,  shows  that  already  for  a relatively  small  temperature 
rise  the  boundary  layer  assumptions  are  not  longer  valid.  A pressure  rise 
occurs  both  in  tangential  and  normal  direction  near  the  plates  surface. 
Depending  on  the  amount  and  the  steepness  of  the  prescribed  wal 1 -temperature 
rise  a pressure  wave  is  formed,  which  lies  almost  parallel  to  the  outer 
shock  wave,  and  resembles  for  certain  conditions  also  very  much  a shock 
wave.  This  pressure  wave  marks  clearly  the  influence  region  which 
develops  downstream  of  the  region  where  the  wall  temperature  is  being 
changed.  Once  this  wave  is  established  the  boundary  layer  assumptions 
are  again  valid  since  the  normal  pressure  gradient  is  zero  over  the  whole 
boundary-layer  region  between  the  surface  of  the  plate  and  this  wave. 
Particular  results  of  the  solution  are  compared  qualitatively  with  results 
from  an  experimental  investigation  of  the  turbulent  boundary  layer  on  a 
nozzle  wall  with  heat  addition  at  a location  at  large  distance  from  the 
nozzle  throat. 
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INTRODUCTION 


i 

1 . 

The  present  theoretical  study  has  been  suggested  by  an  experimental  investi- 
' gation  by  Pfeiffer  and  Will^,  who  made  measurements  in  the  boundary  layer 

of  a hypersonic  nozzle  with  and  without  heating  of  a part  of  the  nozzle 
wall.  The  term  "without  heating"  refers  to  the  normally  present  nozzle 
wall  condition,  that  is  cooled  wall  according  to  the  operation  conditions 
of  the  wind  tunnel.  The  objective  of  the  work  was  to  find  out  how  the 
1 turbulent  boundary  layer  is  influenced  by  a strong  heat  addition  through 

the  nozzle  wall. 

| 

The  possible  mechanism  affecting  a turbulent  boundary  layer  have  been  dis- 

[2]  * 

cussed  in  , here  we  will  concentrate  on  the  results  of  the  theoretical 
investigation  only. 

After  studying  the  possible  mechanism  affecting  the  turbulent  boundary 
layer  it  was  decided  to  limit  the  investigation  to  the  laminar  case  since 
the  argument  was,  if  there  is  a strong  influence  of  the  heating,  as  the 
experiment  indicated,  it  must  show  up  in  the  laminar  case  too,  at  least 
qualitatively. 

2.  PROBLEM 

In  the  present  theoretical  investigation  it  is  studied  how  a stationary, 
laminar  two-dimensional  hypersonic  boundary  layer  is  influenced  by  heat 
addition  through  the  wall.  In  accordance  to^a  fully  developed  boundary 
layer  at  a cooled  wall  at  constant  temperature  is  considered.  At  a station 
x()  the  wall  temperature  rises  over  a distance  of  two  to  six  boundary 
layer  thicknesses  to  a level  1.5  to  2 higher  than  upstream  of  the  station 
x().  Figure  1.  Considered  is  the  boundary  layer  at  an  infinitely  thin 
flat  plate  in  the  region  of  viscous  interaction. 

! 

Compressible  boundary  layers  with  heat  addition  through  the  wall  have  been 
studied  extensively  in  boundary-layer  theory  (see  for  instance  Reference  3). 

■ 

In  the  present  case  it  is  the  question  how  a strong  gradient  of  the  wall 
temperature  dT^/dx  will  affect  the  boundary  layer.  It  is  to  conjecture 


The  present  paper  is  a shortened  and  revised  English  version  of  Reference  2. 
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Figure  1.  Schematic  of  the  flow  field. 

that  the  boundary  layer  assumptions  will  be  violated  if  the  gradient  is 

large  enough.  This  seems  to  be  very  probable,  since  a heat  addition  is 

[4] 

equivalent  to  a mass  addition  , which  leads  to  displacement  effects  and 
to  the  creation  of  pressure  gradients. 

The  experiment ^ has  been  made  at  a Mach  number  M = 8.68  and  a unit 
Reynolds  number  Re  = 3.9  • 106  m 1 . The  resulting  boundary  layer  is  a 
hypersonic  boundary  layer  with  a relatively  high  density.  It  therefore 
appeared  possible  in  order  to  study  the  heating  effects  to  use  the  approach 
for  hypersonic  slip-flow  boundary  layers,  which  takes  into  account  the 
momentum  equation  normal  to  the  surface,  rather  than  the  Navier-Stokes 
equations.  Very  high  gradients  dT^/dx  certainly  cannot  be  treated  with 
this  approach,  since  in  that  case  the  pressure  gradient  9p/9x  in  the 
tangential  momentum  equation  can  no  longer  be  neglected,  as  has  been  done 
in  the  method^,  which  has  been  employed  for  this  problem.  The  large  ad- 
vantage of  the  hypersonic  slip-flow  boundary  approach  over  the  Navier- 
Stokes  approach  is  that  the  first  leads  to  an  initial-boundary  value  prob- 
lem, which  can  be  solved  with  a numerical  marching  procedure,  whereas  the 
latter  leads  to  a pure  boundary  value  problem,  whose  solution  demands  a 
much  larger  effort. 

3.  THE  MATHEMATICAL  MODEL 

Hypersonic  slip-flow  boundary  layers  are  characterized  by  the  fact  that  all 
flow  variables  including  the  pressure  have  large  gradients  ir.  ection 
normal  to  the  surface.  The  order  of  magnitude  analysis  of  th^  Navier- 
Stokes  equations  shows  for  such  flows  that  the  momentum  equation  for  the 


direction  normal  to  the  wall  has  to  be  carried  along  in  the  analysis  if  the 
square  of  the  reference  Mach  number  is  of  the  order  of  a reference  Reynolds 
number:  M?  = 0(Re  -) . If  this  holds,  the  momentum  equation  for  the 
tangential  direction  reduces  moreover  to  the  boundary- layer  equation  with- 
out the  pressure  gradient.  A set  of  governing  equations  of  this  kind  has 
been  used  first  by  Rudman  and  Rubin ^ for  the  investigation  of  the  merged 
layer  flow.  The  possibility  to  neglect  the  pressure  gradient  term  3p/3x 
has  first  been  discussed  by  Lees  ^ . Cheng,  et  al.^  tried  to  retain 
3p/3x  in  the  system  of  equations,  but  experienced  numerical  problems.  The 
reason  for  this  is  that  while  retaining  3p/3x  in  the  system  of  equations, 
but  experienced  numerical  problems.  The  reason  for  this  is  that  while 
retaining  3p/3x  in  the  system  of  equations,  it  becomes  el  1 iptical -parabol ic 

in  the  subsonic  region,  while  without  3p/3x  it  always  is  of  hyperbolic- 

9 

parabolic  character  and  can  be  solved  with  a numerical  marching  pro- 
cedure. The  system  of  governing  equations^  ’ and  also^  , describes 
the  flow  from  the  surface  of  the  flat  plate  up  to  the  undisturbed  outer 
flow,  including  the  shock  wave.  In  the  present  study  the  flow  is  calcul- 
ated with  the  method^beginning  at  the  leading  edge  through  the  merged 
layer  into  the  region  of  viscous  interaction.  In  the  region  of  viscous 
interaction  the  one-layer  approach  is  still  used,  although  the  shock  wave 
is  fully  developed,  and  the  slip  flow  is  down  to  two  or  three  percent. 

4.  RESULTS 

The  flow  parameters  from^,  which  have  been  used  in  this  investigation 
are:  medium  air,  free-stream  Mach  number  M^  = 8.68,  unit  Reynolds  number 
Re^.  = 2.33  ’lO^m  1 (all  not  nondimensional ized  variables  are  marked  with 
a bar),  static  temperature  of  the  free  stream  T = 53  K,  static  pressure 
of  the  free  stream  p^  = 1.832  • 10  3 bar,  mean  free  path  in  the  free  stream 
= 0.564  • 10  3 cm.  The  reference  length  is  the  length  of  the  merged 
layer  L = 0.07  cm.  The  wall  temperature  is  T - 361  K - constant  for 
0 <.  x S xQ.  Downstream  of  xQ  = 4L  the  wall  temperature  rises  sinoidal  over 
the  distance  AL/L  by  the  amount  AT^  remaining  again  constant  after  that. 

The  length  AL/L  and  the  temperature  rise  AT^  have  been  varied  in  order  to 
find  their  influence  on  the  flow  field.  Table  1 shows  the  pairs  investi- 
gated. The  mean  temperatur  rise  AT  /AL  = dT  /dx  has  its  smallest  value 
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Table  1.  Pairs  of  the  parameters  AL/L,  AT^  . 


case 

1 

2 

3 

4 

5 

6 

7 

8 

9 

al/l 

3 

2 

1 

3 

2 

1 

3 

2 

1 

AT 

w 

[K] 

172 

172 

172 

345 

345 

345 

517 

517 

517 

in  case  1 and  the  highest  in  case  9.  In^  the  temperature  rise  was 

AT  = 517  K. 
w 

With  the  parameters  of  ^ very  small  scales  of  the  flow  field  are  deter- 
mined. The  thickness  of  the  whole  layer  investigated  is  6'  = 0,07  cm  at 
xf?  = 41.,  and  6'  = 0,13  cm  at  x = 8L.  The  boundary  layers  thicknesses  are 
6=  0,04  cm  and  5=  0,08  cm,  respectively. 


Since  in  the  method ^ temperature- j ump  boundary  conditions  are  employed 

along  with  the  slip-flow  conditions,  the  temperature  of  the  gas  at  the  wall 

T is  different  from  the  wall  temperature  T . In  Figures  2 and  3 the 
gw  w 

influence  of  the  heating  on  the  wall  pressure  p^  = Pw/P0O  and  the  temperature 


Figure  2. 


Temperature  of  the  gas  T and  pressure  p at  the  wall  as 
function  of  x,  case  1 . 


T = T /T  is  shown  for  case  1 and  case  9.  Included  in  the  figures 
gw  gw  00 

is  the  temperature  of  the  wall  T^  = f /f,,  . 


273 


-i 


Figure  3. 


Temperature  of  the  gas  T 
function  of  x,  case  9. 


and  pressure  p^  at  the  wall 


as 


In  Figures  2 and  3 the  results  are  given  for  both  the  heated  and  the  un- 
heated wall.  The  term  "unheated"  means  as  already  stated  in  the  introduc- 
tion "operation  condition"  which  actually  is  a cooled  wall  condition. 

Due  to  the  temperature- jump  allowed  T ang  T are  different.  In  the 

gw  w 

unheated  case  T is  larger  than  T but  approaches  the  latter  asymptotically, 
gw  w 

In  the  heated  case  the  situation  is  reversed,  but  further  downstream  T 

gw 

approaches  T^  again.  The  pressure  of  the  gas  at  the  wall  is  still  de- 
creasing :n  the  unheated  case  according  to  viscous  interaction  theory. 

While  heating  the  wall  it  rises  in  the  heating  region  and  the  curve 
appears  downstream  of  this  region  almost  parallel  to  the  curve  of  the 
pressure  in  the  unheated  case.  The  pressure  rise  differs  markedly  in 
both  cases. 

In  Figure  4 the  profiles  of  the  static  temperature  T = T/T  in  y-direction 
(=  normal  to  the  plates  surface)  are  given  at  different  stations  x for 
case  9. 


The  profiles  for  the  unheated  case  show  the  typical  properties  of  hyper- 
sonic viscous  interaction  flows.  At  the  outer  edge  the  temperature  rise 
takes  place  in  the  shock  wave,  and  agrees  well  with  the  corresponding 
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Figure  4.  Profiles  of  the  static  temperature  T in  y-direction  at 
different  stations  x,  case  9. 

Rankine-Hugoniot  value^'0^.  It  follows  the  inviscid  layer  beneath  the 
shock  wave,  which  has  no  discernable  energy  dissipation  and  displays 
therefore  a temperature  plateau,  and  finally  near  the  surface  we  have 
the  typical  temperature  maximum  of  a hypersonic  boundary  layer.  Rising 
the  wall  temperature,  here  case  9,  alters  the  temperature  distribution 
strongly-  The  maximim  is  now  a relative  maximum  at  the  wall,  in  the 
whole  boundary  layer  region  the  temperature  is  higher  than  before,  but 
the  temperature  plateau  remains  unchanged  in  its  larger  part,  indicating 
a region  of  influence  of  the  area,  in  which  the  temperature  rises,  which 
lies  between  x = 4 and  x = 5 in  this  case. 

The  profiles  of  the  static  pressure  p = p^  in  Figure  5 show  more  clearly 
what  happens  to  the  flow  field. 

In  the  unheated  case  we  again  have  the  typical  profiles  which  appear  in 
a viscous  interaction  flow.  The  pressure  decreased  beneath  the  shock 
wave  at  the  outer  edge  throughout  the  inviscid  layer  toward  the  region 
near  the  wall.  There  the  familiar  feature  3p/3y  = 0 of  the  classical 
boundary  layer  appears. 

If  the  wall  is  heated  the  pressure  at  the  surface  rises  as  has  already 
been  shown  in  Figures  2 and  3.  Near  the  wall  the  flow  exhibits  larger 
pressure  gradients  3p/3y  i 0 for  4 <x  < 7.  For  x >7  again  a pressure 
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Figure  5.  Profiles  of  the  static  pressure  p in  y-direction  at  different 
stations  x,  case  9. 

plateau  appears  near  the  wall.  The  pressure  rises  in  the  direction  to- 
ward the  outer  edge,  goes  through  a maximum  and  drops  then  quite  steeply 
to  the  pressure  for  the  unheated  case  at  the  lower  edge  of  the  inviscid 
layer.  Figure  5 shows  that  this  pressure  distribution  is  very  similar  to 
that  of  the  shock  wave  at  the  outer  edge. 

The  pressure  drop  has  different  steepness  in  the  different  cases.  Figure 
shows  for  the  station  x = 7.8  the  pressure  profiles  for  all  nine  cases. 
One  can  see  that  for  increasing  AT  and  decreasing  Al,  the  pressure  drop 
becomes  steeper. 

Although  it  was  not  possible  in  the  frame  of  this  investigation  to  cal- 
culate further  downstream,  it  appears  from  the  present  results  that  an 
embeded  shock  wave  is  created,  if  the  amount  of  heat  added  as  well  as 
the  gradient  dT^/dx  is  large  enough.  In  any  case  a pressure  wave  is 
created,  which  lies  almost  parallel  to  the  outer  shock  wave  at  the  outer 
edge  of  the  boundary  layer,  and  which  defines  the  region  of  influence 
of  the  area  where  the  temperature  has  been  risen.  No  statements  are 
possible  at  this  time  about  the  behaviour  of  this  pressure  wave  further 
downstream. 

Figure  6 further  shows  that  the  parameter  At  govern  the  rise  of  the 

w 

pressure  niveau.  The  distance  AL  govern  the  steepness  of  the  imbedded 
shock  wave  toward  the  outer  edge. 
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Figure  6.  Profiles  of  the  pressure  p in  y-direction  at  the  station 
x = 7.8  for  all  cases  from  Table  1. 

The  added  amount  of  heat  is  also  governed  by  the  temperature  rise. 
Figure  7 shows  the  heat-flux 

t4-n  qw  = (qw/(Rref  f°°  (-k3T/3y  - (y-  1)  ►£  Prpu3n/3y)w 

as  function  of  x for  the  different  cases.  Note  that  the  heat  flux  con 
tains  a slip-flow  term  (see  for  instance  Reference  11). 


Figure  7.  Wall  heat  transfer  q as  function  of  x for  all  cases. 


The  figure  shows  similar  to  Figure  6 the  influence  of  AT  . The  maximum 

w 

of  is  always  reached  shortly  before  AL  is  reached.  This  is  due  to  the 
slip-flow  part  of  q^,  which  always  carries  heat  out  of  the  flow.  The 
integration  (results  are  given  in  Table  2) 
x 


(4.2)  Q = 


(V  (C)  - qw 

1 o 


(?))  ^ 


(i  numbers  the  different  cases; 
o the  unheated  case;  x.  = 41., 
x i = 7.81.) 


shows  that  the  influence  of  T is  not  so  prounced  as  it  appears  from 
Figure  6.  This  is  due  to  the  fact  that  Xi  lies  too  close  to  x(),  as  can 
be  seen  from  Figure  7. 


Table  2.  Integrated  heat  flux  Q. 


case 

i — 

2 

3 

4 

5 

6 

7 

8 

9 

Q 

1,22 

1,42 

1,67 

.,9 

Interesting  is  the  fast  drop  of  the  heat  flux  after  *he  maximum  is  reached, 
although  the  wall  temperature  remains  on  the  new  higher  level.  A return 
to  the  initial  low  wall  temperature  (finite  hot  spot)  would  drastically 
change  the  picture,  also  with  respect  to  the  imbedded  shock  wave. 

I he  profiles  of  the  tangential  velocity  component  u = u/ud  at  different 
stations  x in  Figure  8 exhibit  near  the  surface  a small  acceleration, 
whereas  in  the  larger  region  of  the  boundary  layer  a velocity  defect  is 
present.  This  velocity  defect  is  due  to  the  rise  of  the  density  in  the 
boundary  layer  because  of  the  heating.  Classical  boundary  layer  theory 
does  not  reveal  this  feature,  since  there  pressure  variations  are  not 
accounted  for.  The  profiles  show  a strong  inflexional  behaviour  which 
will  certainly  lead  to  a fast  transition  to  the  turbulent  state. 

In  Figure  9 profiles  of  the  velocity  component  normal  to  the  wall 
v = v /RcTj  /ucx>  are  given  at  different  stations  x.  As  for  the  pressure 
profiles  one  sees  here  also  the  region  of  influence  for  the  heated  case. 

The  steepness  of  the  drop  of  the  profiles  for  the  heating  case  increases 
for  increasing  AT  /AL,  too. 
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Figure  8.  Profiles  of  the  tan- 
gential velocity  com- 
ponent u in  y-direction 
at  different  stations  x, 
case  9. 


Figure  9.  Profiles  of  the  normal 
velocity  component  v 
in  y-direction  at  dif- 
ferent stations  x, 
case  9. 


Comparing  the  present  computed  results  with  the  experimental  results  in 
Reference  '-j,  one  can  see  certain  qualitative  agreement.  In  Reference  1 a 
stronger  acceleration  of  the  tangential  velocity  component  near  the  wall 
has  been  observed  for  the  case  of  heat  addition.  The  deceleration  is  ob- 
served in  the  experiment  in  the  vicinity  of  M < 1,  whereas  the  calculation 
shows  this  at  M < 0,2.  It  is  possible  that  the  slip-flow  conditions  used 
in  the  calculation  play  a role.  In  Reference  1 a pressure  rise  has  also 
been  observed,  but  it  is  not  so  strong  as  the  calculated  one,  and  not 
visible  that  clear. 


5.  CONCLUSION 

The  theoretical  investigation  of  a laminar  hypersonic  boundary  layer  past 
an  infinitely  thin  flat  plate  shows,  if  heat  is  added  through  the  plates 
surface  at  a certain  position  down-stream  of  the  leading  edge,  that 
pressure  changes  near  the  surface  appear,  and  a pressure  wave  is  formed, 
which  indicates  the  region  of  influence  of  the  area,  where  the  tempera- 
ture has  been  risen.  If  the  wall  temperature  has  a very  large  gradient 
dT  /dx,  the  pressure  wave  resembles  a shock  wave.  In  any  case  a larger 
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region  in  the  boundary  layer  exists  where  the  boundary  layer  assumptions 
are  no  longer  valid.  A similar  result  was  found  in  Referenc  1,  where  a 
turbulent  nozzle  boundary  layer  with  heat  addition  was  investigated. 

The  present  results  don't  allow  final  statements  about  the  influence  of 
local  heat  addition  such  as  in  hot  spots.  The  investigation  has  been 
made  for  the  case  of  a hypersonic  boundary  layer  which  allowed  certain 
simplifications,  which  eased  the  solution  of  the  problem  considerably. 
More  serious  limitations  are  given  because  of  the  employment  of  slip- 
flow,  and  temperature- j ump  conditions  at  the  wall,  and  perhaps  due  to 
the  very  small  boundary  layer  thicknesses.  The  boundary  layer  stability 
problem  which  is  connected  with  the  point  of  inflexion  profiles  in  the 
tangential  velocity  component  in  the  heat  addition  case  has  not  been 
treated. 

For  the  experimental  data  in  Reference  1 other  limitations  are  present: 
the  geometry  of  the  flow  was  very  complicated,  since  only  a part  of  the 
nozzle  in  circumferential  direction  was  heated,  and  the  ratio  of  boundary 
layer  thickness  and  nozzle  diameter  was  very  large  with  6/R  ~ 0.4. 

In  order  to  get  a more  reliable  understanding  of  the  phenomena,  which  are 
undoubtly  present,  experiments  are  necessary  in  laminar  and  turbulent 
boundary  layers  in  a larger  Mach  number  region,  and  not  only  for  hot 
spots  which  extend  to  infinity  behind  the  temperature  rise,  as  investi- 
gated here,  but  also  for  finite  hot  spots.  Theoretical  investigations 
using  the  Navier-Stokes  equations  will  be  possible  only  while  employing 
asymptotic  analysis.  Further  numerical  experiments  employing  the  Navier- 
Stokes  equations  can  certainly  clear  up  more  the  mechanism  and  can  es- 
pecially break  down. 
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At  the  previous  DEA  Meeting  in  1975  a set  of  partial  differential 
equations  describing  plane  and  axisymmetric  turbulent  flows  was 
discussed  (1).  The  equations  include  relations  between  mean 
velocity  field,  Reynolds'  stress,  turbulent  energy,  and  turbulent 
length  scale.  They  were  transformed  into  ordinary  differential 
equations  by  simila. ity  assumptions  and  solved  numerically.  The 
following  flow  cases  were  treated: 

1.  The  free  plane  jet  in  a fluid  at  rest, 

2.  the  asymptotic  plane  wake, 

3.  the  free  mixing  layer, 

4.  the  fully  developed  plane  flow  in  a channel, 

5.  the  free  round  jet  in  a fluid  at  rest, 

6.  the  fully  developed  flow  in  a cylindrical  pipe. 

Systematic  variations  of  the  coefficients,  which  were  introduced 
with  the  closure  assumptions  of  the  equations,  were  studied.  One 
set  of  values  of  the  coefficients  for  all  treated  cases  was  obtained 
by  comparison  of  the  solutions  with  experimental  data.  The  work 
was  interrupted  for  nearly  one  year.  When  resuming  the  investiga- 
tions, some  new  aspects  appeared  and  lead  to  a change  of  two  of  the 
coefficients.  The  coefficient  k of  the  diffusion  terms  was 

q 

given  a higher  value,  and  as  a consequence  of  this  the  coefficient 
of  a production  term  in  the  length  scale  equation  was  slightly 
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lowered.  The  change  in  k^  yields  a physically  more  acceptable 
behavior  of  the  solutions.  For  further  details  reference  is  made 
to  the  papers  (2)  or  (3).  The  set  of  coefficient  now  reads: 

c = 0.165;  c = 0.8;  k = 0.8;  C,  = 0.98;  C = 1.2;  £,  = - 1.5 

L j 

ctj  =»  0.387;  k « 0.548. 

The  profiles  of  longitudinal  or  axial  velocity  u,  turbulent  energy 
E,  and  turbulent  length  scale  L computed  with  this  set  are  plotted 

with  a pertinent  similarity  coordinates  in  the  following  figures. 

Experimental  values  for  mean  velocity  and  turbulent  energy  are 
indicated  by  dashed  lines.  In  some  cases  Prandtl's  mixing  length 
is  shown  as  a dash  pointed  line  with  the  mark  1 . 
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Profiles  of  mean  velocity,  turbulence  energy  and  turbulence 
length  for  the  fully  developed  piane  flow  through  a channel' 


Profiles  of  mean  velocity,  turbulence  energy  and  turbulence  length 
for  the  round  free  jet 


Profiles  of  mean  velocity,  turbulence  energy  and  turbulence 
length  for  the  fully  developed  flow  through  a circular  pipe 


Profiles  of  mean  velocity,  turbulence  energy  and  turbulence  length 
for  the  plane  free  jet. 
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Profiles  of  mean  velocity,  turbulence  energy  and  turbulence  length 
for  the  plane  wake. 


Profiles  of  mean  velocity,  turbulence  energy  and  turbulence  length 
for  the  free  mixing  layer  for  different  velocity  ratios. 
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Boundary  - layer  Equations 


Continuity.  A in*  As 


— pu  + — p v ■ 0 , v - v ♦ 
dx  dy  ( 


X-Momentum: 


du  _ du  dp  4 f_/  p,  i 

> s dir  * P v 57  ' '4li*d7H,,T' 


Y- Momentum-. 


dP_ 

dy 


Energy  _ _ dh  _ dh 

pu  — + p V — 

dx  dy 


♦ - FI,  it  f 

dy  (\Pr  Prt  / dV 
The  IKET  approach  is  used  to  compute  the  eddy  viscosity 
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IKET  Equation: 

— f 1/2  pu  q2  dy  • - f (puv'  + p u v ) "aT  dy 
J Q • 0 ’ 


K »» 

r 6 

dy  * J 
'o 

ip'u'(5  r«  * 

- d u \ 

v d y / 

- . * p d u 

* P I2  T, 

♦ p ( v J 2 

dv  \ . 

rj  I 

ft  - 

- I P e dy  + 

'o 

E 

where  p e ■ viscous  dissipation  of  turbulent  energy 

1/2  q2  * 

1/2  tu  )2 

+ tv')2  + 

(w')^J  ■ 

Turbulent  Kinetic  Energy 

with  E defined  as 


E 


I 


p'  v'  - 1/2  p v 'q2  - 1/2  p ' q2  v * 

v 


II 


I Free-Stream  Turbulence  Entrained  by  the  Boundary  Layer 
1 1 Direct  Absorption  ol  Free  Stream  Acoustic  Energy  by  the  Boundary  Layer 
• E Triggers  Transition 


* 

t 
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Turbulence  Model  (Kolmogorov  Prandtl) 


*1  * Mj  — - • • p u '»'  - oXj  v' 

i y 


M,  - P k 


U2  q*,  Length  Scale  lor 

Turbulent  Shear 


0^  at  Empirical 
Cn  P *V2 


Cq  at  Empirical.  t^at  length  Scale  lor 
Dissipation  ol 
Turbulent  Energy 


Turbulent  Structural  Scales 


- u'»"  * aj  q^  • 2aj  k • Tj  / p 

(ul2  • *2  q2 

tvT2  * a}  q^ 

tw  1*  • (l  - a2  ay  q? 


Empirical 


»i  • *i<y» 


Two  layer  length  Scale  Model 
Inner  Region  with  Near  Wall  Damping: 

• Y 

*D  ’ V D0 
*1  • *,  od 

Dp  - 1 - exp  I - Ap  R,l 

DD  • I - exp  ( A0  R,l 

Da  • l - exp  I - Aa  R,l 

*p  *0  Aa  at  Empirical 

local  Turbulence  Reynolds  Number: 

r(  • P It 1/2  y . ^ 

M 2a,  p dy 

Outer  Region: 

• V 

1D  • X0  6 
aj  • a, 

X 0 . a | Empirical 

The  outer  region  value  ol  namely  Y.  is  to  be  determined  trom  the  IKU  equation. 
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Turbulence  Model  Constants 


s 

0. 2383 

cD 

0. 3777 

at 

0.150 

a2 

0.566 

a3 

0.150 

AP 

0.0160 

ad 

0.18885 

! Aa 

0.0469 

X0 

0.2069 

Prl 

0.90 

Within  the  inner  region 

* y [ 1 * exp 

aj  • a,  1 • exp 

/ \ S 

p fM  y 

d u 

\ 2a ! 

/ Aa  S 

M 

Mm  y 

d y 

d U 

l 231 

M 

d y 

Iteration  using  Newton's  Method  for  systems  required 
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Numerical  Solution  of  the  Compressible  Turbulent 
Boundary-Layer  Equations 

• Implicit  finite-difference  method. 

• Variable  grid  point  spacing  in  both  streamwise  and  body  normal 
directions. 

• Arbitrary  wall  temperature  or  adiabatic  wall. 

• Outer  edge  conditions  input  from  a separate  source;  an  inviscid 
analysis  for  example. 

• Sutherland's  Law  for  laminar  viscosity  (with  Pr  • 0.70). 

• Thermally  and  calorically  perfect  gas  model. 

• Global  iteration  for  1^  ■ Y required. 

• Transition  can  be  calculated  using  the  acoustic  energy  entrained  or 
turbulent  flow  forced  at  a specified  location. 
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I KET  Calculation  o(  Turbulent 
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Hollow  Cylinder,  VKF  Tunnel  A 


Edge  Mach  Number  and  Pressure  Distribution 


Displacement  Thickness  Distribution  for  Hot  Wall  Condition 
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ABSTRACT 

Inviscid  computations  for  supersonic  flow  about  cones  have  proven 
to  be  unstable  at  angles  of  attack  greater  than  twice  the  cone  half  angle. 
This  limitation  is  overcome  in  the  present  study  by  inclusion  uf  the 
viscous  effects  in  the  governing  equations.  Solutions  are  obtain. d for 
supersonic  viscous  flow  over  a sharp  cone  using  the  Navier-Stokes  equations 
subject  to  a conical  symmetry  assumption.  "Hie  integration  is  carried  .>ut 
by  MacCormack's  method  for  a 10°  half  angle  cone  at  angles  of  attack 
including  24°  in  nominal  M = 8 flow.  A physically  based  technique  (normal 
stress  damping)  is  demonstrated  for  controlling  starting  tiansients  a\d 
for  reducing  or  eliminating  numerical  oscillations  at  shock  discontinuities. 
Results  are  presented  which  show  good  engineering  agreement  with  the 
experimental  study  of  Tracy.  The  general  features  which  appear  in  the 
experimental  flow  field  also  exist  in  the  calculation,  at  a cost  of  only 
40%  additional  computer  time  per  mesh  point  over  a comparable  inviscid 
calculation. 


t 


* 


The  material  reported  herein  is  based  on  the  author's  dissertation  to 
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NOMENCLATURE 


c Local  speed  of  sound 

e Total  internal  energy  (C^T  + v2/2) 

K Thermal  conductivity 

k (y  - l)/2y 

m Couiant  number 

p Pressure 

Heat  transfer 
R Gas  constant 

r Radial  coordinate 

T Temperature 

t Time 

u Velocity  in  r direction 

v Velocity  in  9 direction 

V Total  velocity  (u2  + v2  + w2)  2 

w Velocity  in  <J)  direction 

^ Free  stream  quantity 

a Angle  of  attack 

g Damping  multiplier 

Y ratio  of  specific  heats  (C  /Cy) 

0 Coordinate,  conical  angle 

X Second  coefficient  of  viscosity  (-2/3  y) 

y Absolute  viscosity 

0 Density 

0 Normal  Stress 

t Shear  Stress 

Coordinate,  circumferential  angle 

Subscripts 

c Cone  half  angle 

1 Time  step  number 

j ,k  Mesh  point  location 

n Normal  direction 

p Pitot  quantity 

s Surface  quantity 

t Total  quantity 

1,2,3  Pertaining  to  r,  9,  4>,  direction 


X 
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1. 


INTRODUCTION 


Supersonic  flow  about  cones  has  been  a subject  of  interest  to  aero- 
dynamicists  for  many  years,  both  from  their  occurrence  as  a nose  shape 
for  many  aerodynamic  configurations  and  from  their  use  as  a reentry  ve- 
hicle shape  in  current  ICBMs.  As  a result  of  this  interest,  many  attempts 
have  been  made  to  accurately  solve  the  flow  field  about  conical  shapes 
with  special  emphasis  on  the  lift-producing  circular  cone  at  angle  of 
attack.  The  present  study  evolved  from  an  attempt  to  produce  high  angle 
of  attack  cone  flow  solutions  using  the  inviscid  Euler  equations.  Al- 
though successful  results  were  obtained  for  angles  of  attack  up  to  and 
including  times  the  cone  half  angle,  much  difficulty  was  encountered 
at  higher  angles  of  attack  with  the  inviscid  boundary  conditions  in  the 
vicinity  of  the  lee  side  imbedded  shock  wave.  It  was  then  shown  that  a 
more  accurate  and  less  difficult  representation  of  conical  body  flows 
could  be  produced  through  the  inclusion  of  viscous  effects  in  the  govern- 
ing equations.  This  is  done  in  a manner  that  allows  solution  of  the 
governing  equations  without  undue  amounts  of  computer  time.  The  inique 
developed  should  then  be  a candidate  for  replacing  inviscid  calculation 
techniques  for  many  applications. 

This  paper  deals  first  with  the  approximation  to  the  Navier-Stokes 
equations  and  then  with  application  of  MacCormack's  finite  difference 
technique.  The  solution  technique  is  described  along  with  a new  method 
for  controlling  starting  transients  and  spurious  oscillations  around  shock 
wave  discontinuities.  The  numerical  results  of  the  calculations  are 
then  compared  with  supersonic  cone  flow  experimental  data  for  singles  of 
attack  including  24°  for  a 10°  half  angle  sharp  cone. 

2.  FLUID  FLOW  EQUATIONS 

The  Navier-Stokes  equations  for  a perfect  gas  can  be  written  in 
conservation  law  form  for  a spherical  coordinate  system  as  follows: 

\ + ^r  4 *e  * % + * s 0 (1) 
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where 


D = r2  Sin6 


E = r2  Sin6 


F = r Sin0 


(5  = r 


H = r Sin6 


P 

pu 

pv 

pw 

pe 

pu 

pu2  - Oil 
puv  - T 1 2 

PUW  - T ! 3 

pue  + qr  - u Pi i - VT12  - wi!  3 
PV 

puv  - T2  1 
pv2  - 022 
pwv  - T2  3 

pve  + q0  - UT21  - vo22  - WT23 
pw 

PUW  - T 3 1 
PVW  - T 3 2 
PW2  - 033 

pwe  + <[  - UT  3 i - VT  3 2 - waJ3 

0 

-(pv2-o22)  - (pw2-o3s) 

-COt0  (pw2-0  3 3)  + (pUV-T 1 2) 
COte  (PVW-T23)  ♦ (pUW-T 1 3) 

0 


The  stress  terms  t. . and  T. . will  be  defined  in  detail  later.  The  equations 
13  ij 

are  nondimentionalized  by  use  of  free  stream  total  pressure  and  density 
and  by  the  maximum  adiabatic  velocity  for  free  stream  total  temperature. 


Solution  of  the  equation  set  in  the  form  shown  above  would  require 
very  large  amounts  of  machine  time  and  capacity  even  for  simple  aerodynamic 
configurations.  This  has  led  researchers  in  the  past  to  simplify  the 
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equation  set  through  removal  of  the  stress  terms  (inviscid  flow)  and/or 
by  reducing  the  number  of  dimensions  to  be  considered  in  the  problem. 

One  class  of  flows  which  has  been  examined  in  detail  through  use  of  the 
Euler  equations  is  that  of  supersonic  inviscid  flow  over  conical  type 
bodies.  These  flows  have  the  unique  property  that  derivatives  of  all  flow 
quantities  are  zero  along  rays  passing  through  the  apex  of  the  conical 
surface . 


Examination  of  experimental  studies  of  supersonic  flow  over  conical 

bodies^  reveals  that  this  behavior  is  approximately  correct  downstream 

from  nose  regions  even  when  viscous  effects  are  present.  Therefore,  in 

[4] 

concert  with  an  idea  first  broached  by  Anderson  for  axial  comer  flow, 
the  conically  symmetric  flow  assumption  is  applied  to  all  terms  in  the 
above  equation  set. 


The  resulting  equation  set  is: 

+ Fq  ♦ G.  ♦ H = 0 

t a <J> 

whe  re : 


(2) 


(a)  0,F,  and  G are  unchanged  except  in  the  definition  of  the  stress 


terms . 

(b) 
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2 pu 
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These  equations  are  non-dimensional i zed  as  follows,  with  dimensional 
quantities  denoted  by  primes: 


1 = u" 

< 

II 
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max 

max 
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It  is  significant  that  when  time  is  nondimensional i zed  by  the 
parameter  r/vmax  the  metric  r in  equation  (2)  cancels  except  for  the  r 
contained  in  the  Reynolds  number.  This  results  in  all  spherical  radius 
scaling  being  contained  in  the  Reynolds  number.  The  net  effect  is  that 
the  calculation  is  carried  out  at  a single  ( , ) spherical  surface  with 
the  distance  of  this  surface  from  the  cone  apex  effectively  determined 
by  the  Reynolds  number.  (Figure  1) . 


The  nondimensionalized  stress  terms  are  as  follows  after  appli- 
cation of  the  conical  symmetry  assumption: 
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The  heat  transfer  terms  are  defined  as  follows: 


1 3T  1 3T 

q0  = * 2RePr  30  q<|>  2RePr  34> 

where  Pr  = C 

iLE. 

K 

The  equation  set  utilized  in  the  calculation  then  contains  no 
derivative  terms  with  respect  to  r (conical  symmetry  assumption)  and  has 
no  explicit  dependence  on  the  r dimension  except  as  appears  implicitly 
in  the  Reynolds  number. 

3.  THE  NUMERICAL  METHOD 

The  utility  of  MacCormack ' s ^ finite  difference  scheme  for  the 
solution  of  inviscid  supersonic  flows  has  been  demonstrated  in  numerous 
studies^6  More  recent  studies  have  also  shown  it  to  give  excellent 

results  for  two-dimensional  viscous  flows  with  separation.  ^10  This 
scheme  is  applied  in  the  manner  set  forth  in^6  , so  no  detailed  develop- 
ment will  be  given  here.  The  resulting  MacCormack  predictor  and 
corrector  steps  for  equation  (2)  are  as  follows: 


Predictor 

- D1 

3.k  J , 

_ (p  * 

k A0  1 j+l.k 
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where  n,  indicates  that  the  flow  quantities  are  evaluated  at  the  pre- 
dictor level  and  D1 . , implies  D(iAt,  j A8 , k A4>)  . The  conservation  law 
3 >k 

form  of  the  equations  requires  first  derivatives  of  the  flow  quantities 
at  each  mesh  point  in  the  computational  domain  in  order  to  form  the 
stress  terms.  These  derivatives  are  obtained  in  two  ways,  depending  on 
whether  their  direction  agrees  with  the  direction  of  the  exterior  derivative. 
If  their  direction  agrees,  one  sided  first  differences  opposite  to  the 
direction  of  the  exterior  differences  are  used  at  each  mesh  point.  If 
not,  central  first  differences  are  used.  This  results  in  no  increase 
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in  the  number  of  mesh  points  needed  over  the  inviscid  solution  (except 
for  "corner"  points)  and  gives  standard  central  second  differences  for 
the  second  derivatives  when  combined  into  the  Lax  Wendroff  form. 


A complete  stability  analysis  for  MacCormack's  method  as  applied  to 
the  Navier-Stokes  equations  has  not  been  accomplished.  However,  useful 
estimates  of  allowable  step  sizes  can  be  made  through  the  use  of  linear 
theory  and  physical  arguments.  Claiming  that  the  physical  propagation  of 
information  cannot  outstrip  the  numerical  propagation  of  information 
cannot  outstrip  the  numerical  propagation  results  in  the  following  Courant- 
Friedrich-Lewy  (C.F.L.)  condition : 


At  ri  < 
cfl — 


where 


M , M (AB^AQ.^ 

A0  A4>  A0A  i}) 


■ <^> 


The  present  study  did  not.  make  continuous  use  of  the  CFL  limit  to  control 
the  time  step  size.  Instead,  the  time  step  size  for  each  run  was  frozen 
at  a value  which  would  insure  no  difficulty  with  the  stability  limit  due 
to  the  use  of  normal  stress  damping  (described  in  section  5) . Based  on 
experience  gained  in  the  study  it  can  be  stated  that  the  time  step  should  be: 


At  = m Min(Atcfl,  At^,  At^) 


where  M < 1 
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The  portion  of  this  analysis  due  to  the  stress  terms  is  similar  to 
that  in  Reference  14.  In  the  present  study  A0<<A<J>.  The  viscous  effects 
on  stability  are  therefore  primarily  determined  by  the  0 step  size.  In 
case  A0=A<J>,  more  terms  must  be  checked  to  insure  stability.  The  validity 
of  the  analysis  must  then  also  be  determined  for  non-split  operators. 

4.  THE  SOLUTION  TECHNIQUE 

A body  fixed  coordinate  system,  with  the  origin  at  the  cone  apex 
(Figure  1)  was  used  for  the  calculation.  A finite  difference  mesh  is 
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impressed  on  the  (0,4>)  spherical  surface  at  a distance  r from  the  cone 
apex.  It  is  on  this  surface  that  the  calculation  takes  place,  with 
viscous  effects  scaled  by  the  Reynolds  number  based  on  the  radius  of  the 


surface  from  the  cone  apex.  Viscosity  is  obtained  by  Sutherland's  formula. 
Mesh  spacing  on  the  surface  was  even  for  all  runs.  Lateral  symmetry  was 
used  to  reduce  the  extent  of  calculation  to  180°  of  the  surface  in  the 
4>  direction. 

The  finite  difference  mesh  was  initialized  with  free  stream  values 
of  the  flow  quantities  at  all  points  except  for  the  body  surface.  Velocities 
there  are  set  identically  to  zero  and  temperature  is  set  to  the  experiment- 
ally determined  value.  Pressure  at  the  surface  is  determined  by  evaluating 
the  0 momentum  equation  at  the  body  surface  conditions  and  then  substituting 
second  order  accurate  one-sided  finite  differences  into  the  result.  This 
is  then  used  to  update  pressure  and  (through  use  of  the  equation  of  state) 
density  after  both  the  predictor  and  the  corrector  steps  of  the  integration. 
An  ellipse,  outboard  of  the  anticipated  bow  shock  location,  is  also 
impressed  on  the  mesh  to  use  as  a cutoff  for  the  calculation  in  the  free 
stream  region.  The  numerical  integration  then  taked  place  in  time  with 
the  steady  state  solution  resulting  after  transients  disappear  from  the 
f 1 ow  f i e 1 d . 

The  convergence  criteria,  used  to  determine  when  the  steady  state 
was  reached,  measured  differences  of  pressure,  density,  velocity  and 
energy  between  time  steps  and  stopped  the  calculation  when  these  differ- 
ences reached  the  fifth  significant  figure  for  all  points  in  the  flow 
field.  Although  this  criteria  is  severe,  previous  experience  by  the  author 
with  inviscid  conical  flows  revealed  that  instabilities  can  arise  in  the 
calculation  even  after  changes  in  the  flow  field  pressure  become  small 
as  seen  on  a plotter  or  CRT  display  device.  This  criteria  gave  run  times 
nearly  twice  as  long  as  would  have  been  necessary  to  obtain  engineering 
values  of  surface  pressure  and  should  therefore  remove  possible  doubts 
concerning  the  stability  of  the  solutions  obtained. 

The  outer  boundary  condition  for  the  integration  is  the  far  field 
free  stream.  The  bow  shock  wave  was  therefore  captured  which  is  allowed 
through  use  of  conservation  form  of  the  governing  equations.  However, 


315  J 


at  high  angle  of  attack  and  Mach  number,  the  bow  shock  strength  becomes 
such  that  the  numerically-produced  undamped  oscillations  at  the  shock 
discontinuity  will  cause  negative  temperatures  in  the  upstream  flow  with 
subsequent  solution  instability.  This  instability  occurs  at  a Mach  number 
normal  to  the  shock  wave  of  approximately  three  with  dependence  on  mesh 
size  and  Reynolds  number.  This  value  has  been  confirmed  by  Petty  ^ 
as  well  as  in  the  present  study.  In  order  to  overcome  this  difficulty, 
a technique  of  numerical  damping  using  the  normal  stress  terms  in  the 
governing  equations  was  developed.  This  technique  is  described  in  the 
following  section. 

5.  NORMAL  STRESS  DAMPING 

Previous  studies using  shock  capturing  finite  difference  tech- 
niques have  encountered  oscillations  in  the  vicinity  of  strong  shock 
waves  which  can  cause  solution  instabilities.  To  overcome  this  difficulty, 
artificial  terms  have  been  added  to  the  governing  equations  to  provide 
necessary  damping.  In  the  present  study,  using  the  viscous  equations 
and  shock  capturing,  oscillations  were  again  encountered.  This  indicated 
that  the  natural  viscous  terms  are  inadequate  to  overcome  the  series 
truncation  error  at  the  existing  mesh  spacing.  To  damp  these  oscillations 
without  additional  programming  complexity,  the  norma]  stress  terms  (which 
are  in  general  large  only  near  shock  waves)  were  altered  by  increasing 
the  second  coefficient  of  viscosity  (A^  - 2/3p)  . This  resulted  in  elimin- 
ation or  reduction  of  the  oscillations  where  desired.  In  addition  to 
improving  the  shock  structure,  it  was  found  that  normal  stress  damping 
was  extremely  effective  in  removing  instabilities  caused  by  starting 
transients  which  result  from  ill-suited  initial  conditions.  The  details 
of  implementation  and  conditions  for  proper  use  of  this  technique  are 
given  below. 

As  shown  in  equation  (4),  the  normal  stress  terms  contain: 

°n  = XRe(V*^  = * §Re  (2u  Sin9  + (vsin6)0  + V 

Normal  stress  damping  results  when  2u  sin0  is  removed  and  the 
remainder  of  the  term  is  multiplied  by  a factor  3,  where  3 is  negative 
(i.e.  ).  (A  positive  B does  not  produce  the  damping  effect  and  makes 
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the  calculation  unstable  except  near  one).  The  damping  terms  occur  both 
in  the  energy  equation  and  in  the  H matrix  resulting  from  the  coordinate 
transformation.  It  was  found  that  the  most  accurate  solutions  resulted 
from  use  of  the  damping  multiplier  in  the  derivative  term  only  (F^  or  G^) 
of  the  momentum  equation  most  nearly  normal  to  the  shock  wave  for  which 
damping  is  desired.  Inclusion  of  the  multiplier  in  the  H matrix  or  the 
energy  equation  produced  some  displacement  of  the  solution.  Also,  it 
should  be  noted  that  in  the  steady  limit, 

an  = f (V-V)  = f (V-  ^E) 

(through  use  of  the  continuity  equation).  This  implies  that  normal  stress 
damping  cannot  be  used  in  the  vicinity  of  compressible  flow  boundary  layers 
without  regard  for  possible  changes  in  the  density  gradients. 


In  the  present  study,  the  damping  multiplier  (0)  was  unity  over  the 
lee  40°  (4)  = 140°  - 180°)  of  the  flow,  where  viscous  effects  predominate. 
It  was  then  varied  smoothly  around  the  cone  from  <J>  = 140°  in  accord  with 
the  equation:  [ 1 


■ 1 - 6' 


s U - s U = 140 


= 0°  - P 


= 140 


where  s indicates  body  surface  values  and  varied  from  15  (a  = 8 ) to 
150  (a  = 24°).  B was  constant  in  the  0 direction. 


An  example  of  the  use  of  normal  stress  damping  is  given  in  Figure  2 
for  axisymmetric  cone  flow.  The  plot  is  a comparison  of  the  computed 
static  pressure  in  the  0 direction  with  and  without  the  inclusion  of 
normal  stress  damping.  In  this  case  the  damping  is  tailored  in  the  0 
direction  by: 

ps  P 

6 = 1 - (p1)  A1  - (jj-)  A2 

oo  oo 

where  A1  = 9,  A2  = 2.  Although  a small  offset  in  pressure  occurs  outside 
the  boundary  layer,  the  surface  pressure  and  shock  position  do  not  change 
appreciably  when  damping  is  applied. 

Since  shock  wave  discontinuities  should  ideally  be  fitted  for 
greatest  accuracy,  the  most  recommended  use  for  normal  stress  damping 
is  controlling  time  like  transients  which  cause  calculation  instabilities, 
especially  in  regions  of  strong  expansion  of  the  flow.  In  a cone  flow 


317 


solution  completed  (but  net  included  here)  at  the  conditions  M = 14.2, 

0c  = 5.6  , a = 10°,  Re^  = .59  x 10^,  instabilities  were  encountered  during 

initial  starting  in  the  lee  side  expansion  region  which  could  not  be 

overcome  until  normal  stress  damping  was  used.  Once  the  initial  transients 

were  damped  out,  the  normal  stress  damping  was  removed  on  the  lee  side 

and  the  solution  proceeded  to  convergence.  The  same  type  of  difficulty 

f 1 8 ] 

was  encountered  in  a laser  diffuser  study  . Once  normal  stress  damping 
was  used,  the  solution  was  started  successfully  and  proceeded  to 
conve rgence. 

6.  NUMERICAL  RESULTS 

A previous  standard  of  comparison  for  calculations  of  laminar 
viscous  cone  flows  has  been  the  experimental  study  of  Tracy  . This 
study  was  performed  using  a 10°  half  angle  sharp  cone  in  nominally 
M = 8 flow.  Data  were  presented  at  angles  of  attack  from  0°  to  24°  at 

4°  intervals,  with  Re  = 0.4  x 10^  and  Tw/T  = 0.04. 

X too 

Solutions  at  Tracy's  conditions,  using  implicit  finite  difference 
techniques,  have  been  obtained  for  the  ot  = 12°  case  by  Lubard  and 
He  1 1 iwe  1 1 and  for  cases  including  a = 20°  by  Lin  and  Rubin^’^^. 

The  present  study  has  demonstrated  converged  solutions  for  angles  of 
attack  of  0°,  8°,  12°,  20°,  24°.  These  solutions  are  presented  and 
compared  with  both  the  experimental  data  and  previous  available  solutions. 

Figures  3 through  6 show  the  surface  pressure  distributions  of 
Tracy  compared  with  the  results  of  the  present  study.  The  agreement  is 
generally  good  except  near  the  windward  centerline  in  the  three  higher 
angles  of  attack.  This  discrepancy  is  attributed  to  an  approximate  0.5° 
uncertainty  in  true  angle  of  attack  as  noted  by  Tracy  and  to  possible 
surface  pressure  tap  effects  where  the  boundary  layer  is  very  thin  in 
relation  to  the  tap  diameter.  The  a = 20°  solution  was  reconverged  at 
a = 20.5°  to  test  the  first  possibility.  The  surface  pressure  at  the 
windward  centerline  regained  only  half  of  the  4.7%  difference  between 
the  experimental  value  and  the  a = 20°  solution.  The  windward  centerline 
surface  pressure  for  the  ot  = 12°  case  obtained  by  Lubard  and  Helliwell 
is  essentially  the  same  as  that  obtained  in  the  present  study. 
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Sample  circumferential  pitot  surveys  are  presented  in  Figures  7 
through  9.  The  angle  in  the  9 direction  for  comparison  with  experiment 
is  defined  by 

e , 9c  . Tan'1  (jL) 

where  Y is  the  normal  distance  to  the  cone  surface  in  inches.  Agreement 
of  the  calculated  values  with  experimental  data  is  good  except  in  the 
vicinity  of  the  captured  shock  and  in  a small  region  near  the  lee  center- 
line.  Since  the  pitot  surveys  were  made  at  constant  height  above  the  cone 
surface,  they  will  in  most  cases  intersect  the  bow  shock  at  some  point 
in  the  circumferential  traverse.  This  appears  in  the  plots  as  a sharp 
rise  from  the  free  stream  value  (8.7x10  to  the  maximum  value  for  each 
trace.  Probe  effects  cause  the  character  of  this  rise  to  appear  remarkably 
like  that  of  the  captured  shock  waves  obtained  in  the  present  study,  with 
decrease  in  transition  slope  and  loss  of  peak  pressure  caused  by  the 
necessary  damping  present  in  the  calculations.  Note  that  the  pitot  pressure 
transition  centerpoint  (the  shock  location  criteria  used  by  Tracy)  of  the 
captured  shock  is  virtually  the  same  as  would  be  determined  from  the 
experimental  pitot  survey  and  that  the  pitot  pressure  quickly  returns  to 
the  proper  magnitude  on  the  high  pressure  side  of  the  shock.  The  pitot 
pressure  discrepancy  near  the  lee  centerline  can  be  evaluated  more  clearly 
from  Figure  10,  which  compares  pitot  pressure  on  the  lee  centerline  for 
the  a = 24°  case.  The  discrepancy  extends  for  approximately  6°  to  7° 
to  either  side  of  the  lee  centerline  for  this  case.  It  is  attributed  to  a 
combination  of  the  locally  large  pitot  pressure  drop  due  to  finite  model 
nose  radius  and  to  nose  effects  resulting  from  the  non-conical  merged  layer 
region.  Any  persistent  experimental  nose  effects  would  tend  to  be  con- 
centrated along  the  lee  centerline  as  they  are  swept  back  along  the  cone. 

To  demonstrate  the  pressure  distribution  obtained  through  the  shock 
layer,  Figure  11  shows  static  pressure  in  the  9 direction  at  60°  intervals 
around  the  cone  for  the  a = 12°  case.  The  elevation  above  the  cone  sur- 
face is  given  in  radians  in  this  and  subsequent  computer  generated  plots. 

As  noted  in  Section  5,  the  damping  was  not  tailored  in  the  0 direction 
for  these  runs,  so  excess  smearing  of  the  shock  is  evident  on  the  free 
stream  side.  No  appreciable  harm  is  seen  to  result  from  this  smearing. 
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The  velocity  vector  plots  in  Figures  12  through  14  provide  an  indi- 
cation of  cross-flow  streamline  patterns  and  illustrate  the  relative 
magnitude  of  cross-flow  velocity  for  all  but  the  lowest  momentum  regions. 

The  reverse  flow  region  is  thin  in  the  a = 12°  case  (Figure  12)  with  the 
vortical  singularity  (defined  for  this  study  as  the  cross  flow  stagnation 
point  toward  which  streamlines  converge)  occurring  near  the  edge  of  the 
viscous  layer  3.2°  above  the  cone  surface.  The  cross-flow  separation 
point  is  17°  from  the  lee  centerline  with  the  experimental  point  occurring 
at  24°.  This  difference  is  attributable  to  lack  of  resolution  of  the 
reverse  flow  region  at  this  in  the  present  study,  as  both  Lin  and  Rubin 
and  Lubard  and  Helliwell  obtained  a value  nearer  that  of  experiment.  This 
was  supported  in  the  present  study  by  the  fact  that  the  separation  points 
in  the  higher  runs  (with  more  mesh  points  in  the  reverse  flow  regions) 
were  virtually  identical  to  those  of  experiment. 

At  a = 20°  (Figure  13)  the  extent  of  the  reverse  flow  region  and  the 

position  of  the  cross-flow  separation  point  have  reached  limiting  values, 

as  no  substantial  changes  in  these  can  be  seen  in  the  a = 24°  run  (Figure  14) . 

This  was  noted  for  the  separation  point  in  both  experiment  and  theory  by 
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Lin  and  Rubin1  . However,  the  extent  of  the  viscous  region  and  the 
location  of  the  vortical  singularity  continue  to  change  as  a increases. 

The  vortical  singularity  is  near  the  edge  of  the  viscous  layer  for  all  cases 
in  the  present  study  in  which  it  is  lifted  off. 

Although  agreement  with  experiment  so  far  has  been  shown  to  be 
good,  perhaps  the  best  evaluation  of  the  validity  of  the  conical  flow 
assumption  for  engineering  solutions  can  be  made  through  a pictorial 
representation  of  the  flow  field  features.  Figures  15  and  16  compare  the 
overall  results  of  the  present  study  with  the  calculation  of  Lubard  and 
Helliwell  and  Tracy's  data.  As  shown  in  Figure  15,  the  position  of  the 
bow  shock  and  viscous  layer  edge  of  the  present  study  for  this  case  are 
essentially  those  obtained  by  Lubard  and  Helliwell.  Both  studies  tend  to 
underestimate  shock  and  viscous  layer  position  at  this  when  compared 
with  experiment.  This  is  considered  to  be  primarily  due  to  the  failure 
to  account  for  nose  tip  effects  as  noted  above.  A weak  supersonic 
region  is  present  in  the  cross  flow  plane  and  is  shown  by  the  solid  lines 
between  viscous  layer  and  bow  shock.  The  vortical  singularity  position 


is  shown  by  the  open  oval  symbol  on  the  lee  centerline.  The  structure 
of  the  a = 24°  case  is  more  interesting  (Figure  16).  Supersonic  cross 
flow  is  seen  to  exist  over  most  of  the  field  and  is  terminated  by  a com- 
plex sonic  line/shock  wave.  The  position  of  this  line  is  nearer  the 
lee  centerline  than  shown  by  Tracy.  The  small  amplitude  oscillations 
present  on  the  imbedded  sonic  line/shock  as  i t nears  the  bow  showk  can 
be  seen  (through  careful  examination  of  Figure  14)  to  be  caused  by 
oscillations  in  velocity  propagating  through  the  supersonic  cross  flow 
region  from  the  vicinity  of  the  bow  shock.  The  present  study  did  not  have 
sufficient  resolution  to  determine  the  existence  of  the  lambda  portion 
of  the  imbedded  shock,  as  shown  by  Tracy.  However,  its  signature  may  be 
surmised  in  the  hump  present  near  <p  = 150°  in  the  calculated  viscous 
layer.  The  curious  flat  top  present  in  the  calculated  viscous  layer  as 
compared  to  experiment  is  again  attributed  to  the  failure  of  the  numerics 
to  model  non-conical  nose  effects. 

In  summary,  the  calculation  is  seen  to  model  all  features  present 
in  the  experimental  study,  with  the  exception  of  the  non-conical  nose 
effects.  The  computer  times  are  not  excessive,  ranging  from  1.4  hours 
for  the  a = 12°  case  to  1.6  hours  for  the  a = 24°  on  the  CDC  6600.  These 
times  are  based  on  a very  stringent  convergence  criteria  and  represent 
an  increase  in  time  per  mesh  point  calculated  of  only  40%  over  a comparable 
inviscid  computer  program. 

7.  CONCLUSIONS 

Explicit  finite  difference  solutions  have  been  demonstrated  for 
supersonic  viscous  cone  flow  at  moderate  and  high  angles  of  attack. 

These  points  are  presented  concerning  the  utility  of  the  present  technique: 

I 

(a)  Agreement  with  experiment  is  generally  quite  good.  Solution 
of  the  Navier-Stokes  equations  subject  to  the  conical  symmetry  assumption 
is  shown  to  model  all  features  present  in  the  experimental  flow,  with 

the  exception  of  nose  effects. 

(b)  Inviscid  cone  flow  calculations  at  angles  of  attack  greater 
than  twice  the  cone  half  angle  have  proven  to  be  unstable  near  the  point 
where  the  high  strength  imbedded  lee  side  shock  waves  reach  the  cone 
surface.  The  present  technique  does  not  exhibit  that  limitation,  as  the 
imbedded  shock  wave  is  physically  modeled  near  the  surface. 
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(c)  Normal  stress  damping  is  shown  to  provide  a physically  based 
means  to  control  spurious  oscillations  around  shock  waves  without  additional 
computer  time.  It  is  also  very  effective  for  control  of  starting  transients 
due  to  ill-suited  initial  conditions. 

The  present  technique,  considering  the  good  agreement  with  experiment 
and  the  removal  of  angle  of  attack  limitations,  provides  a viable  alter- 
native to  the  use  of  the  inviscid  equations  for  the  calculation  of  conical 
flows.  A solution  of  this  type  could  also  be  used  to  provide  an  accurate 
initial  surface  for  space  marching  techniques. 
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Figure  1.  Finite  Difference  Mesh. 
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Figure  3.  Surface  Pressure  Distribution 
at  n = 8°. 


Figure  4.  Surface  Pressure  Distri- 
bution at  a = 12°. 
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Figure  5.  Surface  Pressure  Distribution 
at  a = 20°. 


Figure  6.  Surface  Pressure  Distribution 
at  a = 24°. 
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Figure  7.  Pitot  Pressure  Surveys, 
a * 12°. 


Figure  8.  Pitot  Pressure  Surveys, 
a * 20°. 
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Figure  9.  Pitot  Pressure  Surveys, 
a = 24°. 


Figure  10.  Pitot  Pressure  Along  Lee 
Centerline,  a = 24  . 


Figure  11.  Static  Pressure  Distri- 
butions at  60  Circum- 
ferential Intervals 
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Figure  16.  Comparative  Features  of 
the  Cross  Flow  Field, 
a = 24°. 
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NUMERICAL  STUDY  OF  SUPERSONIC  TURBULENT 
INTERACTING  BOUNDARY  LAYERS* 


by 

A.  Polak,  M.J.  Werle,  and  S.D.  Bertke 
University  of  Cincinnati,  Cincinnati,  Ohio 


1.  INTRODUCTION 

The  problem  of  turbulent  boundary  layer  separation  continues  to  be  a 
major  element  in  the  design  of  efficient  aerodynamic  systems.  This 
report  summarizes  the  results  of  an  attempt  to  solve  such  a problem 
numerically.  Specifically,  the  separation  and  reattachment  of 
a supersonic  turbulent  boundary  layer  from  a flat  surface  with  the 
necessary  adverse  pressure  gradient  field  induced  by  a two  dimensional 
ramp-type  compression  surface  or  a sine-wave  shaped  protuberance  is 
considered.  The  method  applied  to  the  solution  of  this  problem  is  a 
direct  extension  of  that  developed  by  Werle  and  Vatsa  (Ref.  1)  for  the 
laminar  supersonic  separation  problem.  This  approach  uses  the  familiar 
interacting  boundary  layer  equations  solved  with  a novel  solution 
technique  wherein  a time-like  relaxation  method  produces  the  sought 
after  "steady-state"  solution  of  the  governing  equations. 

In  the  present  investigation  it  was  found  that  the  numerical  method 
of  Werle  and  Vatsa  (Ref.  1)  could  be  adapted  to  the  turbulent  case 
and  in  the  process  made  more  efficient.  However,  the  present  numerical 
results  were  found  to  severely  misrepresent  experimental  data.  After 
careful  comparison  of  the  present  results  for  flow  over  a compression 

*This  work  was  supported  in  part  by  the  Naval  Air  Systems  Command 
through  Naval  Surface  Weapons  Center  and  in  part  by  the  NASA 
Langley  Research  Center. 
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ramp  with  available  numerical  solutions  to  the  Navier  Stokes  equations 
(Ref.  2)  it  is  concluded  that  the  interacting  boundary  layer  model 
fails  most  probably  because  it  does  not  account  for  the  penetration  of 
the  separation  shock  deep  into  the  viscous  boundary  layer. 

2.  METHOD  OF  SOLUTION 

The  basic  approach  is  numerical  in  nature.  It  centers  around  the 
numerical  solutions  of  the  turbulent  interacting  boundary- layer  equa- 
tions. The  method  is  essentially  an  implicit  finite  difference  scheme 
written  for  the  similarity  form  of  the  governing  equations  and  marches 
from  some  initial  station  aft  along  the  surface  to  the  terminal  point 
of  interest.  To  account  for  the  boundary  value  nature  of  the  problem 
Werle  and  Vatsa  (Ref.  1)  have  added  the  time  dependent  concept, 
similar  to  the  one  used  for  the  solution  of  elliptic  partial  differ- 
ential equations.  The  present  extension  of  this  approach  to  the 
turbulent  boundary  layers  involves  inclusion  of  an  eddy  viscosity 
model  into  the  solution  scheme.  Two  such  models  are  considered,  the 
equilibrium  eddy  viscosity  model  as  delineated  by  Cebeci  and  Smith 
(Ref.  3)  and  the  relaxation  model  as  applied  by  Shang  and  Hankey 
(Ref.  2). 

In  an  effort  to  develop  an  efficient  and  numerically  stable  scheme 
capable  of  handling  flow  fields  of  present  interest  a number  of 
modifications  to  the  numerical  algorithm  were  made.  Specifically, 
the  following  important  steps  have  been  taken. 

a.  The  numerical  stability  and  convergence  rate  of  the  algorithm 
has  been  enhanced  by  introducing  a new  difference  representa- 
tion in  the  continuity  equation.  It  has  only  recently  been 
recognized  (Ref.  4)  that  the  longitudinal  derivatives  in  the 
continuity  equation  provide  a path  for  interacting  flows  to 
propagate  information  upstream.  To  accommodate  this  numeri- 
cally requires  the  use  of  some  sort  of  a forward  difference 
procedure . 

b.  The  reliability  of  the  present  algorithm  was  enhanced  by 
adopting  the  "upwind  differencing"  concept.  In  the  reversed 
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flow  region  upwind  differencing  is  used  in  the  longitudinal 
direction  for  the  convective  terms  in  order  to  satisfy  the 
stability  requirements.  This  eliminates  the  so-called 
"artificial  convection"  concept  used  earlier  (Refs.  1 and  5). 
This  modification  is  significant  because  the  velocities  in 
the  reversed  flow  regions  are  larger  in  the  turbulent  case 
than  in  the  laminar.  Furthermore,  the  upwind  differencing 
scheme  was  found  helpful  in  the  direction  normal  to  the 
surface  in  the  convection  dominated  outer  regions  of  the 
boundary  layer. 

The  calculation  commences  with  certain  initial  conditions  and  then 
through  the  time  dependent  approach  (Ref.  1)  the  steady  state  solu- 
tion for  a given  set  of  boundary  conditions  is  sought.  In  the  pre- 
sent calculations  the  initial  conditions  were  set  by  taking  the 
ramp  angle,  or  the  amplitude  of  the  sine-wave  protuberance  to  be 
zero  (a  flat  plate)  in  the  first  sweep.  Subsequent  time  sweeps  are 
conducted  with  the  ramp  angle,  or  wave  amplitude  increased  gradually 
by  a small  amount.  After  the  desired  geometry  is  reached  (after 
the  first  10-15  sweeps)  the  time-like  relaxation  process  is  continued 
until  the  flow  properties  are  relaxed  to  their  final  state. 

3.  SUMMARY  OF  RF.SULTS 

Examples  from  the  calculated  results  are  presented  for  supersonic 
separated  flows  over  a compression  ramp  and  for  flow  over  a sine- 
wave  protuberance.  These  geometries  are  sketched  in  Figure  1. 

To  obtain  the  current  solutions  in  the  separated  region  it  is  first 
necessary  to  obtain  initial  conditions  at  some  point  ahead  of  the 
ramp-plate  or  protuberance-plate  junctures.  These  are  obtained  from 
a 1 aminar-t ransi t ional -ful ly  turbulent  calculation.  Temperature  and 
velocity  profiles  and  displacement  surface  derivatives  are  punched 
onto  data  cards  to  serve  as  the  initial  input  data  for  the  separation 
studies.  Whenever  comparisons  are  made  with  other  calculation  methods 
and/or  experimental  data  it  is  essential  that  these  profiles  be 
practically  the  same. 
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3.1  Compression  Ramp 


The  first  example  considered  here  serves  also  as  a test  case  of  this 
study  of  supersonic  ramp  induced  separation.  In  this  case  initial 
flow  profiles  obtained  at  s = 0.9  were  used  to  initialize  a region  of 
calculation  extending  from  s = 0.9  to  s = 1.2  with  a longitudinal  step- 
size  of  0.006.  There  were  65  points  distributed  across  the  boundary 
layer  in  a geometrically  expanding  grid.  A "sharp"  version  of  the 
ramp  was  employed  with  ramp  angle  of  25°  and  ramp  actually  starting  at 
s = 0.996. 

To  attain  the  ramp  angle  configuration  of  25°,  calculations  were 
initialized  at  ramp  angle  of  0°  and  the  time-like  relaxation  process 
continued  with  the  ramp  angle  increased  3°  after  each  pass  through 
the  mesh.  Thus  after  9 time  iterations  the  configuration  reached 
and  held  its  final  state  and  the  fluid  state  continued  to  relax  to 
its  final  state.  This  process  is  shown  in  Figure  2 when  the  surface 
pressure  at  the  corner  location  is  shown  as  a function  of  time 
iteration  number.  These  calculations  were  performed  with  an  equilibrium 
eddy  viscosity  model  with  the  downstream  boundary  condition  taken  as 
the  inviscid  pressure  level  there.  Note  that  once  the  ramp  attains  its 
final  level  (9  iterations)  it  takes  approximately  50  more  iterations 
for  the  pressure  to  attain  its  "steady  state".  Other  flow  properties 
relax  more  slowly  and  usually  60  iterations  were  needed  after  the 
configuration  was  frozen  to  attain  a totally  satisfactory  "steady 
state"  solution.  These  calculations,  with  a grid  of  3,000  points  were 
performed  in  less  than  five  minutes  of  computer  time  on  the  IBM  376-168. 

The  resulting  surface  pressure  distributions  obtained  from  the  present 
approach  using  an  equilibrium  eddy  viscosity  model  are  compared  with 
experimental  data  (Ref.  6)  and  Navier  Stokes  solutions  (Ref.  2)  in 
Figure  3.  The  accompanying  skin  friction  distributions  are  shown  in 
Figure  4.  The  pertinent  observation  from  these  results  is  that  both 
the  interacting  boundary  layer  and  Navier  Stokes  solutions  misrepresent 
the  experimental  data. 

It  has  been  reasoned  by  previous  investigators  of  turbulent  viscous 
interactions  that  the  fault  for  this  deficiency  is  to  be  found  in  the 
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eddy  viscosity  model  itself.  Shang  and  Hankey  (Ref.  2)  have  found 
that  the  use  of  the  so-called  "relaxation  eddy  viscosity"  concept 
provided  nearly  perfect  alignment  of  the  numerical  Navicr  Stokes  results 
and  experimental  data.  The  extreme  case  of  this  model  is  to  simply 
use  the  "frozen"  eddy  viscosity  concept  whereby  the  eddy  viscosity 
profile  is  held  fixed  downstream  from  a point  ahead  of  the  strongly 
interacting  region.  Results  from  the  use  of  this  model  are  shown  in 
Figures  5 and  6 for  both  the  present  method  and  the  Navier  Stokes 
solution  of  Ref.  2.  It  is  clearly  seen  that  while  the  Navier  Stokes 
codes  show  a sensitivity  to  this  concept  the  interacting  boundary  layer 
method  does  not . 

After  careful  scrutiny  of  all  the  aspects  of  the  numerical  results  it 
was  found  that  the  principle  difference  in  the  two  results  seemed 
completely  isolated  in  the  embedded  shock  wave  structure  observed  in 
the  Navier  Stokes  calculations.  The  present  version  of  the  interacting 
boundary  layer  concept  does  not  allow  for  any  penetration  of  the  shock 
into  the  viscous  region  with  all  the  flow  compression  taking  place  at 
the  outer  edge  of  the  boundary  layer  only.  It  appears  that  the  next 
stage  of  development  for  the  interacting  boundary  layer  model  must 
involve  inclusion  of  a shock  wave  like  structure  into  the  viscous 
flow  region  solution. 

3.2  Sine-Wave  Protuberance 

An  attempt  is  currently  being  made  to  extend  an  earlier  study  (Ref.  7) 
of  laminar  separated  boundary  layers  over  two-dimensional  protuberances 
to  the  turbulent  regime.  The  main  interest  in  this  study  is  focused 
on  very  thick  separated  turbulent  boundary  layers.  In  such  a case  the 
protuberance  is  buried  deeply  in  the  boundary  layer  and  the  flow 
disturbance  at  the  boundary  layer  edge  is  smaller  than  in  the  case  of 
thin  boundary  layers.  Separation  shocks,  if  they  occur  will  be  much 
weaker,  hence  the  difficulty  mentioned  earlier  for  sharp  corner  ramps 
is  not  expected  to  arise.  However,  a new  problem  not  yet  resolved 
has  emerged.  This  has  to  do  with  a very  slow  convergence  rate  of  the 
time-like  relaxation  solution  method.  For  moderately  thick  turbulent 
boundary  layers  a "steady  state"  solution  is  obtained  in  about  60 
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time  iterations  (five  minutes  of  computer  time).  For  the  identical 
free  stream  conditions  but  very  thick  boundary  layer  the  computer 
time  level  is  unacceptable  at  the  present  (about  240  iterations  are 
required,  or  20  minutes  of  CPU  time). 

Two  case  studies,  one  for  a relatively  thin  (6  = 0.01,  6/h  = 0.33) 
and  the  second  for  a very  thick  separated  turbulent  boundary  layer 
(6  = 0.187,  6/h  = 3.1)  are  presented.  In  botli  cases  the  free  stream 
flow  conditions  correspond  to  a set  of  NASA  test  data  (Ref.  8).  The 
free  stream  Mach  number  and  static  temperature  are  2.5  and  T^  = 252°R 
respectively.  The  Reynolds  number  based  on  free  stream  conditions  and 
a reference  length  L*  = 15.25  cm  is  Re^  = 1.647  x 10*’.  The  sine-wave 
protuberance  profile  is  given  by  y = y{ 1 - cos [^-  (x  - xq)]}  , where  he 
is  the  height  and  w is  the  width  of  the  protuberance.  In  both  case 
studies  w = 0.24.  Calculations  were  performed  with  T /T  = 0.81,  Pr  = 
0.72,  and  Pr^  = 0.9  and  an  equilibrium  eddy  viscosity  model. 

For  the  first  example  an  initial  profile  was  produced  from  a flat 
plate  laminar-transitional-turbulent  calculation  at  the  station  x = 

3.0,  with  41  normal  grid  points  distributed  according  to  a geometrical 
progression.  Subsequently,  with  this  profile  a calculation  for  a sine- 
wave  placed  between  x = 3.55  and  x = 3.79,  with  h = 0.03  was  made.  In 
the  longitudinal  direction  71  grid  points  were  taken  with  a stepsize 
As  = 0.02.  The  full  height  of  the  protuberance  was  achieved  gradually 
after  11  time  iterations.  Figure  7 shows  that,  as  in  case  of  the 
compression  ramp,  the  fluid  state  relaxes  to  a final  state  in  about 
60  iterations.  The  resulting  skin  friction  distribution  is  shown  in 
Figure  8.  A separation  bubble  appears  at  the  forward  junction  of  the 
plate  and  protuberance. 

For  the  second  case  of  the  thick  separated  turbulent  boundary  layer  the 
initial  profile  was  obtained  from  a noninteracting  calculation  to 
correspond  to  the  boundary  layer  as  it  develops  along  the  wall  of  the 
UPWT  Langley  Tunnel.  The  location  of  the  initial  profile  is  at  s = 72.96 
with  the  corresponding  displacement  thickness  of  2.8  cm.  The  ADI 
algorithm  was  subsequently  employed  between  this  station  and  s = 74.56 
using  81  grid  points  in  the  s direction  (As  = 0.02)  with  53  point 
variable  mesh  in  the  normal  direction.  Figure  9 shows  the  slow 
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eddy  viscosity  model  itself.  Shang  and  Hankey  (Ref.  2)  have  found 
that  the  use  of  the  so-called  "relaxation  eddy  viscosity"  concept 
provided  nearly  perfect  alignment  of  the  numerical  Navier  Stokes  results 
and  experimental  data.  The  extreme  case  of  this  model  is  to  simply 
use  the  "frozen"  eddy  viscosity  concept  whereby  the  eddy  viscosity 
profile  is  held  fixed  downstream  from  a point  ahead  of  the  strongly 
interacting  region.  Results  from  the  use  of  this  model  are  shown  in 
Figures  5 and  6 for  both  the  present  method  and  the  Navier  Stokes 
solution  of  Ref.  2.  It  is  clearly  seen  that  while  the  Navier  Stokes 
codes  show  a sensitivity  to  this  concept  the  interacting  boundary  layer 
method  does  not . 

After  careful  scrutiny  of  all  the  aspects  of  the  numerical  results  it 
was  found  that  the  principle  difference  in  the  two  results  seemed 
completely  isolated  in  the  embedded  shock  wave  structure  observed  in 
the  Navier  Stokes  calculations.  The  present  version  of  the  interacting 
boundary  layer  concept  does  not  allow  for  any  penetration  of  the  shock 
into  the  viscous  region  with  all  the  flow  compression  taking  place  at 
the  outer  edge  of  the  boundary  layer  only.  It  appears  that  the  next 
stage  of  development  for  the  interacting  boundary  layer  model  must 
involve  inclusion  of  a shock  wave  like  structure  into  the  viscous 
flow  region  solution. 

3.2  Sine-Wave  Protuberance 

An  attempt  is  currently  being  made  to  extend  an  earlier  study  (Ref.  7) 
of  laminar  separated  boundary  layers  over  two-dimensional  protuberances 
to  the  turbulent  regime.  The  main  interest  in  this  study  is  focused 
on  very  thick  separated  turbulent  boundary  layers.  In  such  a case  the 
protuberance  is  buried  deeply  in  the  boundary  layer  and  the  flow 
disturbance  at  the  boundary  layer  edge  is  smaller  than  in  the  case  of 
thin  boundary  layers.  Separation  shocks,  if  they  occur  will  be  much 
weaker,  hence  the  difficulty  mentioned  earlier  for  sharp  corner  ramps 
is  not  expected  to  arise.  However,  a new  problem  not  yet  resolved 
has  emerged.  This  has  to  do  with  a very  slow  convergence  rate  of  the 
time-like  relaxation  solution  method.  For  moderately  thick  turbulent 
boundary  layers  a "steady  state"  solution  is  obtained  in  about  60 
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convergence  rate  for  the  skin  friction  at  s = 73.44.  When  compared 
to  the  previous  case  this  represents  a fourfold  increase  in  computer 
time  for  the  same  number  of  mesh  points.  The  skin  friction  distribu- 
tion for  this  case  is  shown  in  Figure  10.  It  is  seen  that  ahead  of 
the  protuberance  the  skin  friction  drops  and  a small  separation  region 
develops  on  the  front  face  of  the  wave. 

Experimental  data  for  identical  flow  conditions  with  a train  of 
waves  are  available  (Ref.  8).  A corresponding  calculation  for  a 
train  of  wave,  can  in  principle  be  accomplished  at  this  time,  but 
would  require  a substantial  increase  in  the  number  of  grid  points, 
thus  in  computer  time.  Therefore,  the  detailed  comparison  with  these 
data  are  postponed  until  the  improvement  in  the  convergence  rate 
is  achieved. 

4.  CONCLUSIONS  AND  RECOMMENDATIONS 

The  capability  of  the  numerical  method  to  handle  turbulent  separated 
flows  was  demonstrated.  While  this  method  is  efficient  it  appears 
that  for  the  ramp  induced  separation  problem  the  interaction  model 
must  be  adjusted  to  accommodate  the  phenomenon  of  shock  wave  penetra- 
tion into  the  boundary  layer.  This  aspect  of  the  separation  process 
was  apparently  not  important  in  the  laminar  flow  problem  (Ref.  1) 
because  of  the  relatively  weak  shocks  occurring  there.  Neither  is 
this  issue  believed  to  be  dominant  for  flow  of  thick  turbulent  boundary 
layers  over  protuberances  such  as  considered  here.  However,  before 
the  method  can  be  considered  operational  for  handling  flow  fields  over 
a train  of  protuberances  typical  of  present  interest,  the  convergence 
rate  of  the  time-like  relaxation  method  must  be  increased. 
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Figure  5.  Comparison  of  Theoretical  and  Experimental  Surface 
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Figure  6.  Comparison  of  Theoretical  Skin  Friction  Distribu- 
tions For  ARL  Ramp  - Frozen  Eddy  Viscosity  Model* 
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Figure  8.  Skin  Friction  Distribution  - Thin  Boundary  Layer. 


Figure  9.  Convergence  Properties  of  Skin  Friction  - Thick 
Boundary  Layer. 
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Figure  10.  Skin  Friction  Distribution  - Thick  Boundary  Layer. 
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ABSTRACT 

Numerical  solutions  of  the  Navier-Stokes  equations  are  presented 
for  the  interactions  of  a shock  wave  and  a turbulent  boundary  layer.  The 
turbulent  closure  is  provided  by  a relaxation  eddy  viscosity  model  which 
approximates  the  response  of  turbulence  to  a severe  pressure  gradient. 

The  relaxation  eddy  viscosity  model  was  successfully  applied  for  a series 
of  compression  ramp  configurations  in  a previous  investigation  by  the 
authors.  In  the  present  analysis,  further  verification  of  the  eddy 
viscosity  model  is  attempted  by  investigating  shock  impingement  on  a 
turbulent  boundary  layer.  Computations  were  performed  for  shock  generators 
varying  from  7.93°  to  12.17°,  at  a free-stream  Mach  number  of  2.96  and  a 
Reynolds  number  of  1.2  x 10^.  Numerical  results  obtained  with  MacCormack's 
scheme  were  compared  with  experimental  measurements  of  the  surface  pressure 
distribution  and  the  location  of  the  separation  and  reattachment  points. 

The  density  distribution  throughout  the  entire  interacting  flowfield  was 
also  compared  with  experimental  results  obtained  from  holographic  inter- 
ferograms.  In  general,  all  essential  features  of  the  experimental  obser- 
vation were  duplicated  by  the  numerical  computation. 
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NOMENCLATURE 
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Skin  friction  coefficient 

Van  Driest  damping  factor.  Equation  14 

Specific  energy 

Specific  internal  energy,  CyT 

Vector  fluxes  in  mean  flow  equations 

Maximum  vertical  dimension  of  the  computational  domain 
Length  of  the  leading  plate,  1 ft. 

Static  pressure 
Molecular  Prandtl  number 
Turbulent  Prandtl  number 

Distance  along  the  surface 
Time 

Temperature 

Velocity  components  in  Cartesian  coordinates 
Maximum  velocity  in  the  shock  layer 

Vector  of  conserved  properties  in  mean  flow  equations 
Cartesian  coordinates 
Boundary  layer  thickness 

Deflection  angle  of  the  shock  generator  referenced  to  the 
unperturbed  free stream 

Eddy  viscosity  coefficient 

Relaxation  eddy  viscosity  length  scale.  Equation  21 
Molecular  viscosity  coefficient 
Components  of  the  stress  matrix 


Subscripts 


e 

Denotes 

prope  rties 

evaluated 

at 

the 

external 

stream 

o 

Denotes 
of  the 

properties 

interaction 

eval uated 
region 

at 

the 

location 

immediately  upstream 

w 

Denotes 

properties 

evaluated 

at 

the 

wal  1 

QO 

Denotes 

properties 

evaluated 

at 

the 

unperturbed  freestream 
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INTRODUCTION 


1 . 

In  recent  years  significant  progress  has  been  made  in  the  numerical 
analysis  of  supersonic  flows  with  strong  viscous- inviscid  interaction. 

Two  geometries  which  have  received  considerable  attention  are  the  flat 
plate-ramp  configuration  and  shock  impingement  on  a plate.  The  sufficiently 
large  pressure  gradient  generated  either  by  the  ramp  geometry  or  the 
incident  shock  wave  induces  boundary  layer  separation.  The  complex  flow- 
field  is  characterized  by  the  strong  interaction  of  the  viscous  dominated 
region  adjacent  to  the  wall  with  the  inviscid  freestream.  Qualitative 
similarity  has  been  observed  for  laminar,  transitional  and  turbulent  flows. 

All  available  techniques  in  fluid  mechanics  research  have  been  used 

to  describe  laminar  viscous-inviscid  interactions.  Numerical  solutions 

either  by  means  of  interacting  boundary- 1 aye  r equat  i ons  ^ ' ’ “ ’ ^ or  Navier- 

Stokes  equations  ^ have  produced  convincing  results  and  reached 

favorable  agreement  with  experimental  measurements.  Analytical  results 

also  have  been  obtained.  In  this  regard,  the  mathematical  structure  of 

f 8 1 

the  separation  region  has  been  given  by  Stewartson  and  Williams  while 
numerical  investigations  based  upon  the  asymptotic  theory  have  been 
successfully  carried  out  by  Burggraf  et  al. 

Unfortunately,  for  turbulent  flow  we  have  not  as  yet  been  able  to 
solve  the  interacting  flowfield  as  conclusively.  The  major  difficulty 
can  be  easily  identified  as  the  lack  of  an  accurate  turbulence  model  for 
the  viscous-inviscid  interacting  flowfield.  In  spite  of  the  inherent 
shortcoming,  Wi 1 cox ^ 1 ^ fi rst  demonstrated  the  feasibility  of  numerically 
solving  the  turbulent  interacting  problem.  In  his  work,  an  explicit  time- 
marching first-order  finite  difference  scheme  (AFTON  2pt  code)  incorporating 
Saffman’s  turbulence  model  was  used.  Baldwin  and  MacCormack  ^ 1 also 
numerically  solved  a shock  boundary  layer  interaction  problem  in  the 
hypersonic  regime  using  two  different  eddy  viscosity  models . ^ ^ 

In  their  work,  a multi-layered  grid  spacing  was  used  to  achieve  suitable 
numerical  resolution  near  the  wall.  Horstman,  Kussoy,  Coakley,  Rubesin, 
and  Marvin  performed  a combined  experimental  and  numerical  investigation 
of  a chock-wave  induced  flow  separation  over  an  axisymmetric  configuration. 
They  devised  a modification  of  the  diffusion  eddy  viscosity  model  by  use 
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of  their  experimental  measurements.  The  comparison  between  data  and  cal- 
culations by  the  modified  eddy  viscosity  model  reflects  reasonable  agree- 
ment. Shang  and  llankey  * ^ also  adopted  MacCormack's  numerical  scheme 

to  solve  the  viscous-inviscid  interaction  problem  in  a compression  comer 
with  a relaxation  eddy  viscosity  model.  The  numerical  results  in  com- 
parison  with  Law's  data1  J indicated  an  improvement  over  Wilcox's  cal- 
culation^*^ of  the  compression  ramp  fmainly  in  the  prediction  of  the 
upstream  pressure  propagation)  and  a substantial  improvement  over  the 
result  by  the  conventional  equilibrium  eddy  viscosity  mode  1 . ^ *** ’**’’*  *^ 

The  relaxation  eddy  viscosity  model  is  first  of  all  an  engineering 

approximation.  In  concept,  it  approximates  the  experimental  observation 

that  in  a highly  decelerated  or  accelerated  turbulent  flow,  the  Reynolds 

shear  stress  remains  nearly  frozen  at  its  initial  value  while  being 

convected  along  streaml  ines  ^ ***  ’ “(*  ^ and  then  exponentially  approaches  a new 

equilibrium  state.  In  practical  implementation,  the  relaxation  eddy 

[21 1 

viscosity  model  parallels  Bradshaw's1  extra-rate-of-strain  correction 

I and  also  is  similar  to  Rose  and  Johnson's  suggestion  for  a mixing  length 

[221 

correction.  An  outstanding  feature  of  this  turbulence  model  is  its 

simplicity  in  that  only  one  additional  parameter  is  required  (A,  a time- 
lik<  length  scale  which  describes  the  exponential  decay  of  the  eddy 
viscosity  distribution)  and  as  a result  pays  no  penalty  in  computing  time. 
In  numerical  computation,  an  initial  streamwise  location  for  which  the 
relaxation  phenomenon  is  initiated  also  requires  specification.  The  relax- 
ation eddy  viscosity  model  has  been  successfully  demonstrated  for  a series 
of  compression  ramp  configurations.  Further  substantiation  of  this  con- 
cept is  still  needed,  particularly  if  an  exact  description  of  the  tur- 
bulent structure  is  not  feasible  for  some  time  to  come. 

The  objectives  of  the  present  effort  are  to  demonstrate  the  sensi- 
tivity of  the  relaxation  length  scale  in  the  turbulence  model  and  to 
develop  an  engineering  method  capable  of  predicting  the  turbulent  viscous- 
inviscid  interactions  including  flow  separation.  Since  there  are  few 
numerical  results  ^*  *’* '^’ **^  and  essentially  no  analytical  work  to  compare 
and  verify  accuracy,  the  substantiation  must  be  obtained  from  comparison 
with  experimental  measurements.  However,  one  should  realize  that  the 
resolution  of  suspected  three-dimensional  influences  has  not  as  yet  been 
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completely  delineated  for  all  the  existing  experiments.  ■p1crefore> 

the  specific  comparison  o f expo rimenta  1 data  and  numerical  calculations 
must  concentrate  on  the  essential  features  of  the  interaction  problem. 

2.  GOVERNING  EQUATIONS 


The  governing  equations  of  the  present  analysis  are  the  unsteady 
compressible  Navier-Stokes  equations  in  terms  of  mass-averaged  variables. 

The  turbulent  closure  is  provided  by  the  relaxation  eddy  viscosity  model  and 
the  turbulent  I’randtl  number. 


[11,13,15] 
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The  mean  specific  total  energy  is  as  follows: 


[15,16,17] 
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e 


= CyT  + (iT  + v“)/2  ( 8) 

Auxiliary  relationships  included  in  the  system  of  equations  are  the 
equation  of  state  for  a perfect  gas  and  Sutherland's  viscosity  equation. 

The  associated  boundary  conditions  are  prescribed  as  follows:  The 

initial  condition  and  upstream  boundary  condition  are  prescribed  at  the 
freestream  value  for  all  the  dependent  variables. 


U (0,  x,  y)  = 1^ 

IJ  (t,  x.,  y)  = 


( 9) 


At  the  downstream  boundary,  the  component  of  the  graJient  of  the  dependent 
variables  in  the  streamwise  direction  is  set  to  zero: 


3x  (10) 

The  outer  boundary  conditions  for  the  present  analysis  consists  of 
two  segments , ^ ^ upstream  and  downstream  of  the  incident  shock.  The 
boundary  condition  on  the  former  is  satisfied  by  permitting  the  flow  to 
approach  its  unperturbed  freestream  value. 

U(t,x,h)  = (11) 

The  boundary  condition  on  the  segment  downstream  of  the  incident 
shock  is  fulfilled  by  the  Rankine-Hugoniot  relations. 

lJ(t,x,h)  = UfM^,  6s. g)  (12) 

The  anticipated  reflected  shock  is  permitted  to  pass  through  the 
downstream  segment  of  the  computational  domain.  Therefore,  no  additional 
prescribed  boundary  condition  is  required. 


The  boundary  conditions  on  the  solid  contour  are  given  as  the  non- 
slip condition  for  velocity. 


u(t ,x,0) 
v(t  ,x,0) 

and  the  adiabatic  wall 
3T, 


= 0 
= 0 
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The  pressure  at  the  wall  is  obtained  by  satisfying  the  compatible 
condi  t ion . 
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EDDY  VISCOSITY  MODEL 

The  relaxation  eddy  viscosity  model  consists  of  a system  of  three 

equations.  The  local  equilibrium  eddy  viscosity  coefficient  is  described 

[141 

by  the  Cebeci -Smi th 1 s model 
In  the  inner  region: 


.2  2n2  1 3ui 

e ...  = pk  y D Ur- 
eq(i)  K 3y 
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where  k is  the  von  Karman  constant  (0.4)  and  D is  the  Van  Driest  damping 
factor: 

H tw  | 


D = 1 - exp  (-y 
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The  outer  region,  Clauser's  defect  law  gives 


e . . = 0.0168  pu  6. 
eq(o)  max  l 


(18) 


(19) 


6^  is  the  kinematic  displacement  thickness  (also  the  basic  scaling 


for  the  outer  layer) 
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One  notes  that  the  reference  velocity  is  taken  as  u 


(20) 

in  the  cal- 


max 

culation  of  the  kinematic  displacement  thickness  (6p  to  prevent  a possible 
numerical  anomaly  in  the  transient  phase  of  the  computations.  More  import- 
antly, one  must  also  appreciate  that  the  outer  edge  of  an  interacting 
boundary  layer  cannot  be  readily  defined,  and  for  this  reason  the  inter- 
mittency  correction  of  the  wake  region  is  also  omitted. 

In  the  relaxation  eddy  viscosity  model,  the  flow  "history"  effects, 
or  more  precisely,  the  Reynolds  stress  relaxation  phenomenon,  is  described 
by  a simple  algebraic  equation  for  the  eddy  viscosity  coefficient 

e * £ ♦ (e  - e ) e (21) 

o eq.  o v ’ 
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where  denotes  the  relaxing  eddy  viscosity  coefficient.  The  local 

equilibrium  value  of  the  eddy  viscisity  r is  generated  by  equations  (17) 

eq 

and  (19).  The  distance  between  the  initial  station  and  the  calculated 
station  is  indicated  as  Ax.  while  the  parameter  X is  the  relaxation  length 
scale.  The  value  for  is  defined  as  the  eddy  viscosity  at  an  upstream 
location  for  which  the  relaxation  phenomena  is  initiated.  This  reference 
station  for  defining  was  selected  at  x/L  = .9027  for  all  the  computations 
presented  which  corresponds  to  about  seven  boundary- layer  thicknesses 
upstream  of  the  intersection  of  the  shock  wave  and  the  wall. 

The  relaxation  parameter  X,  which  is  a measure  of  the  memory  of  stress- 
containing  eddies  is  the  only  free  parameter  to  describe  numerically  the 
relaxation  phenomenon.  In  the  present  analysis,  the  sensitivity  of  the 
relaxation  length  scale  will  be  demonstrated  by  utilizing  two  values 
of  X;  namely  X = 105  and  X = 206  . The  former  has  been  used  exclusively 
in  References  16  and  17. 

Equation  (21)  is  a particular  solution  of  a rate  equation  suggested 
[21  1 

by  Bradshaw  in  his  study  on  the  effects  of  streamline  curvature  in 

turbulent  flow.  Equation  (21)  is  also  similar  to  the  relaxation  equation 

[22] 

for  the  mixing  length  suggested  by  Rose  and  Johnson.  According  to 

[21 1 

Bradshaw  , the  relaxation  length  parameter  X is  a function  of  y to  take 
into  account  different  turbulent  scalings  in  the  inner  and  outer  regions. 

He  postulated  that  the  fine  eddy  structure  near  the  wall  quickly  achieves 
an  equilibrium  state  while  the  outer  region  requires  a longer  period  to 
readjust.  However,  in  carrying  out  this  concept  for  turbulent  interactions 
in  a previous  investigation  , little  numerical  difference  was  observed. 

4.  NUMERICAL  PROCEDURE 

MacCormack  ' s ^ ^ altemating-direction-expl  icit  numerical  scheme 

is  adopted  in  the  present  analysis.  Two  numerical  damping  terms  are  in- 
cluded specially  designed  to  eliminate  nonlinear  instabilities.  One  of 
these  recently  implemented  by  MacCormack  and  Baldwin,  is  applied  to  the 
convective  terms  ^ while  for  flowfieids  containing  severe  pressure  gradients 
such  as  in  this  boundary- layer-shock  wave  interaction,  a fourth-order 
smoothing  term  ^ ,f>  ’ 7’ 1 is  necessary.  The  detailed  description  of  the 
numerical  smoothing  procedure  can  be  obtained  in  Reference  4. 
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A major  difficulty  encountered  in  the  numerical  analysis  is  the 
determination  of  the  resolution  required  for  engineering  accuracy.  The 
basic  requirement  is  to  adequately  resolve  all  significant  features  of  the 
flow.  The  commonly  accepted  criteria  of  a mesh  Reynolds  number  of  the 
order  of  two  is  impractical  for  the  present  analysis  ^ but  also  seems 
to  be  unnecessary.^11’1'^  For  turbulent  flow  the  high  velocity  gradients 
near  the  wall  dictate  an  extremely  fine  mesh  spacing  to  achieve  adequate 
numerical  resolution.  The  exponential  stretching  of  the  grid-spacing 
immediately  adjacent  to  the  wall  combined  with  a coarser  constant  step- 


size  in  the  outer  region  is  used  in  the  normal  direction  of  the  main 
(4 , 16, 17] 


In  the  present  analysis,  the  entire  flowfield  is  divided  into  two 
overlapping  computational  domains.  In  the  first  domain,  the  development 
of  a turbulent  boundary  layer  over  a flat  plate  is  calculated.  The  in- 
teracting region  is  contained  within  the  second  computational  domain  which 
overlaps  the  first  region.  The  calculations  are  joined  at  x = .8749  ft. 
from  the  leading  edge.  A 64x30  calculation  mesh  system  is  employed  for 
both  computational  domains.  The  mesh  point  distribution  in  the  normal 

coordinate  includes  18  points  in  an  exponentially  varying  inner  region 
-4 

(Ay  min  =10  ft.)  and  12  points  in  the  constant  step-size  outer  region 

-3 

with  Ay  of  3.65x10  ft.  However,  for  the  interaction  zone  (the  second 
computational  domain)  the  grid-spacing  in  the  streamwise  direction  is 
reduced  from  that  of  the  first  computational  domain  by  a factor  of  three 
to  give  a Ax  of  3.98x10  1 ft.  Thus,  the  computational  inviscid-viscous 
interaction  zone  has  a physical  dimension  of  about  206  x 56. 

The  present  calculation  was  performed  on  a CDC  6600  computer  for 
which  nearly  full  use  was  made  of  the  available  memory  core.  Increasing 
the  dimensions  of  the  inviscid-viscous  interaction  zone  is  still  possible 
by  simply  overlapping  additional  computational  domains.  A similar  procedure 
also  can  be  used  to  perform  a partial  truncation  error  analysis.  However, 
one  feels  that  the  basic  issue  of  numerical  resolution  should  be  a 
separate  and  systematic  effort  and  is  beyond  the  scopy  of  the  present  study. 
The  convergence  criteria  required  to  obtain  the  asymptotic  steady  state 
solution  was  defined  to  be  one  tenth  of  one  percent  change  in  consecutive 
skin  friction  coefficient  calculations.  The  criterion  is  reached  generally 
in  about  two  hours  for  the  cases  investigated. 
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S.  DISCUSSION  OF  RESULTS 

As  indicated  earlier,  a primary  objective  of  the  study  is  to  investi- 
gate the  sensitivity  of  the  previous  deve loped^ relaxation  eddy 
viscosity  model  through  comparison  with  experimental  data  for  the  shock 

impingement  problem.  Numerical  solutions  were  obtained  for  the  experimental 
1241 

conditions  of  Law.  General  features  of  the  computed  flowfield  were 

found  to  be  very  similar  to  that  of  the  ramp  configuration.  (See  Figure  1). 

Numerical  solutions  are  presented  in  three  groups.  First  the  entire 
flowfields  of  the  compression  ramp  and  shock -boundary  layer  interaction  are 
presented.  The  second  group  of  results  are  intended  to  reveal  the  numerical 
sensitivity  of  the  relaxation  length  parameter,  A,  by  comparing  the  sur- 
face pressure  and  location  of  the  separation  and  reattachment  points  with 

[241 

experimental  measurements.  In  the  last  group,  detailed  flowfield 

prediction  in  terms  of  the  density  contour  are  compared  with  the  holographic 
interferograms . 

In  Figure  1,  two  density  contour  graphs  are  presented  together  for 
the  entire  flowfield  around  a 25°  compression  ramp  and  a shock -boundary 
layer  interaction.  The  incident  shock  is  induced  by  a 12.27°  shock  wave 
generator  so  that  the  inviscid  pressure  rise  will  be  identical  to  the 
25°  ramp.  The  computed  density  contour  graphs  reproduce  all  the  essential 
features  of  the  supersonic  interacting  flowfield.  For  the  compression 
ramp,  a well-defined  turbulent  boundary  layer  is  separated  from  the  leading 
plate  by  the  upstream  pressure  propagation.  The  separation  shock  penetrates 
well  within  the  turbulent  boundary  layer.  As  the  flow  negotiates  the 
comer  and  subsequential  ly  reattaches  on  the  ramp,  the  reattachment  shock 
wave  system  also  appears.  The  separation  shock  and  reattachment  shock 
waves  eventually  coalesce  downstream  of  the  reattachment  point.  The  shock- 
boundary layer  interacting  flowfield  possesses  nearly  the  identical 
general  characteristics  to  that  of  the  compression  ramp.  The  expansion 
region  imbedded  between  the  separation  shock  and  the  reattachment  shock 

waves  of  the  shock -boundary  layer  interaction  is  substantially  larger  and 

[2  3] 

more  obvious  than  the  ramp  configuration.  In  this  sense.  Green  has 
correctly  pointed  out  that  the  wave  system  produced  by  an  incident  oblique 
shock  may  be  considered  to  be  a variant  of  the  compression  ramp  configuration. 
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An  obvious  short-coming  of  the  numerical  solution  is  also  revealed 
in  the  calculation  of  the  incident  shock.  In  "shock  capturing",  the  thin 
incident  oblique  shock  wave  is  smeared  into  a region  with  finite  dimensions. 
In  future  work  it  is  recommended  that  this  drawback  be  remedied  by  imple- 
menting a "shock  fitting"  scheme  for  the  incident  shock . A 

"shock  fitting"  scheme  in  conjunction  with  the  Navier-Stokes  equations  was 
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successfully  demonstrated  recently  by  Tannehill,  Moist  and  Pakich1 
in  their  work  on  viscous  blunt  body  flows  with  an  impinging  shock. 


Although  the  computed  incident  shock  yields  the  accurate  shock 
wave  angle,  the  smearing  of  the  shock  creates  a difficulty  in  the  dcter- 
mination  of  an  accurate  coordinate  reference  point.  lor 

that  reason,  the  separation  point  is  used  as  the  coordinate  origin  con- 
sistently throughout  the  analysis. 


The  surface  pressure  distribution  and  regions  of  flow  separation  of 
a 25°  ramp  and  shock-boundary  layer  interaction  generated  by  a 12.27°  wedge 
are  presented  together  with  the  experimental  data^®’^  in  Figure  2.  The 
compression  ramp  data  and  numerical  solution  were  recorded  for  a Reynolds 
number  of  107.  The  shock  impingement  data  were  collected  for  a Reynolds 
number  of  1.2xl07.  The  Mach  number  is  identical  for  both  cases.  The 
overall  agreement  between  the  experiment  and  the  computed  pressure  dis- 
tribution is  acceptable  with  the  ramp  configuration  results  being  slightly 
better  than  for  shock  impingement.  The  maximum  deviation  between  the 
pressure  data  and  the  calculated  value  is  about  15%  based  upon  the  down- 
stream pressure.  For  both  cases,  the  most  serious  discrepancy  between  data 
and  computed  results  is  in  the  region  between  the  pressure  plateau  and 
re attachment  point. 

In  the  next  group  of  presentations  (Figures  3,  4,  5,  and  6),  the 
sensitivity  of  the  relaxation  length  parameter,  X,  in  predicting  the 
surface  pressure  distribution  and  location  of  separation  and  reattachment 
is  demonstrated.  The  data  were  obtained  for  four  different  incident  shock 
strengths  by  changing  flow  deflection  angles  of  the  shock  generator. 

The  deflection  angles  are  given  as  7.93°  (Figure  3),  8.90°  (Figure  4), 

9.87°  (Figure  5),  and  10.83°  (Figure  6).  Two  numerical  computations  with 
different  relaxation  length  scales  X = 106q  and  A = 206q  were  performed 
for  all  the  cases  considered. 


353 


The  differences  between  the  calculations  of  A = 106  and  A = 206 

o o 

are  concentrated  around  the  flow  separation  and  the  reattachment  regions. 

Doubling  the  relaxation  length  parameter  A produces  only  a maximum  change 

in  pressure  level  and  the  size  of  the  reverse  flow  region  of  about  20 

percent.  The  calculations  with  A = 206q  produces  better  agreement  with 

Law's  data  than  the  numerical  solutions  with  A = 106  . Serious  disparity 

o 

appears  only  in  the  prediction  of  the  pressure  plateau  and  in  the  reattach- 
ment region  (Figures  3,  4,  5,  and  6).  Part  of  the  discrepancy  is  possibly 
caused  by  the  approximation  of  Reynolds  stress  by  the  eddy  viscosity 
coefficient,  particularly  in  the  separated  region.  Detailed  experimental 
measurements  of  the  Reynolds  stress  are  needed  in  the  reverse-flow  region 
to  resolve  this  issue. 

The  difference  between  the  numerical  results  is  exclusively  produced 

by  the  different  relaxation  length  scales.  However,  the  possible  source 

of  the  differences  between  the  numerical  results  and  experimental  results 

cannot  he  easily  identified.  According  to  Green  ^“'^and  Law,^"^  substantial 

variations  exist  between  experimental  measurements  performed  under  supposedly 

[23  28  291 

similar  conditions  in  different  facilities.  ’ ’ This  problem  is 

particularly  acute  for  shock  wave-boundary  layer  interaction  investigations. 
Nevertheless,  it  is  generally  agreed  that  the  discrepancies  are  primarily 
due  to  three-dimensional  effects,  but  a specific  evaluation  has  not 
been  accomplished.  It  can  be  stated,  however,  that  the  numerical  results 
are  well  within  the  experimental  uncertainty  of  the  measurements. 

As  in  the  investigation  of  compression  ramps,  one  can  follow  the 
progression  of  increasing  incident  shock  strength  to  observe  the  develop- 
ment of  a pressure  plateau  and  the  "dual ’minima"  behavior  in  the  skin  friction 
coefficient  distributions  (Figure  3 through  Figure  6).  The  overall  agree- 
ments between  data  and  the  numerical  prediction  is  considered  to  be  acceptable 
for  engineering  application. 

On  Figures  7,  8,  9,  and  10,  comparisons  are  made  between  measured 
and  calculated  flowfield  density  distributions.  The  calculated  density 
contours  are  compared  with  the  experimental  holographic  interferograms 
and  the  calculated  density  profiles  at  several  selected  streamwise  loca- 
tions are  compared  with  measured  profiles  obtained  from  the  interferograms. 

The  holographic  interferograms  contain  the  three-dimensional  effects  which 
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emanate  from  the  comer  region  near  the  wind  tunnel  sidewalls.  Upstream 
of  the  interaction  region,  these  effects  are  minimal.  However,  in  the 
interaction  zone  and  downstream  the  errors  can  be  quite  significant  if 
three-dimensional  effects  are  not  accounted  for.  The  detailed  data 
reduction  procedure  for  obtaining  density  profiles  from  the  interfero- 
grams  is  discussed  in  Reference  30.  Although  this  procedure  estimates 
the  three-dimensional  effects,  actual  measurements  of  density  can  be  as 
much  as  15  to  20%  error.  However,  spatial  resolution  is  quite  accurate, 
to  within  0.005  inches.  The  numerical  solutions  duplicate  the  essential 
features  of  the  flowfield  and  in  general  are  within  the  uncertainty  envelope 
of  the  experimental  data. 

The  density  contour  plots  and  interferograms  are  in  general  agreement. 
The  computed  density  contours  (Figures  7,  8,  9,  and  10)  indicate  clearly 
the  incident  shock  penetrates  deeply  into  the  turbulent  boundary  layer. 

The  severe  adverse  pressure  gradient  causes  boundary  layer  separation. 

The  separation  not  only  induces  an  upstream  pressure  propagation  but  also 
triggers  a family  of  compression  wavelets  which  coalesce  to  form  the 
separation  shock.  An  imbedded  expansion  region  immediately  follows  to 
compensate  for  the  over  compression.  As  the  separated  shear  layer  re- 
attaches to  the  plate,  the  shear  layer  realigns  with  the  plate  and  induces 
a second  group  of  compression  wavelets  which  coalesce  to  form  the 
reattachment  shock.  Far  downstream  of  the  shock  impingement  point,  the 
turbulent  boundary  layer  reemerges  into  a highly  compressed  region.  The 
separation  and  reattachment  shock  eventually  coalesce  to  form  the  classic 
reflected  shock  wave.  The  numerical  results  accurately  predict  the  incident 
shock  strength  and  overall  pressure  rise  (See  Figures  3,  4,  5,  and  6)  for 
the  inviscid  pressure  asymptotes).  However,  the  contour  plots  and  density 
profiles  reveal  considerable  shock  smearing  produced  by  the  present  coarse 
grid  size  employed  in  the  inviscid  region.  (In  principle,  an  improvement 

in  the  definition  of  the  incident  shock  wave  is  possible  by  adopting  a 
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"shock  fitting"  scheme).  For  the  impinging  shock  of  relatively  weak 

strength  a good  agreement  of  density  profiles  between  experiments  and 
calculations  is  obtained.  In  summary,  this  present  effort  demonstrates 
the  feasibility  of  computing  the  interaction  of  a shock  wave  with  a turbulent 
boundary  layer. 
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CONCLUSION 


6 . 


After  completing  the  compression  ramp  study  further  verification 

of  the  relaxation  turbulence  model  was  deemed  appropriate.  Therefore,  shock 
impingement  on  a turbulent  boundary  layer  was  studied.  A comparison  of 
the  numerical  solutions  with  experimental  measurements  by  Law  ^ ’“^was 
made.  A parametric  study  of  the  relaxation  length  scale  >,  showed  the 
value  of  20  6q  to  be  superior  to  10  as  previously  used  for  the  study 
of  compression  ramps.  Comparison  of  the  pressure,  skin  friction  distribution, 
and  density  contours  with  experiment  exhibited  good  engineering  agreement. 

Improvements  on  the  present  analysis  were  identified  and  recommended 
for  future  work. 


a.  Due  to  the  large  step  size  of  the  grid,  the  incident  shock 

was  smeared  which  propagated  an  error  downstream.  A "shock  fitting 

. [25,26,27]  . . , _ .. 

scheme  is  recommended  to  eliminate  this  deficiency. 

b.  An  improvement  of  the  turbulence  model  in  the  separated  region 
is  recommended  in  order  to  improve  the  agreement  in  the  pressure  plateau 
regi  on . 
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figure  1.  Density  Contour  Graph  of  a Compression  Ramp  (25°)  and  Shock- 
Turbulent  Boundary  Layer  Interaction  (12.27  ) for  the  Same 
Inviscid  Pressure  Rise. 
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Figure  2.  Comparison  of  Surface  Pressure  Distribution  Between  a Com- 
pression Ramp  (25°)  and  Shock-Turbulent  Boundary  Layer 
Interaction  (12.27  ) 
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Skin- Friction  Coefficient  and  Surface  Pressure 
6s. g = 9.87°. 


Skin-Friction  Coefficient  and  Surface  Pressure 
6s. g = 10.83°. 
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Figure  8.  Comparison  of  Density  0 
and  Density  Profiles,  6: 
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ABSTRACT 

A rational  theory  is  developed  to  determine  the  pressure  drag  of  an 
airfoil  in  subsonic  flow.  The  pressure  drag  results  from  an  integration 
of  the  pressure  distribution  over  the  contour  of  the  airfoil.  This 
pressure  distribution  is  the  same  as  that  resulting  from  the  potential 
flow  over  the  same  airfoil  except  for  a small  region  in  the  neighborhood 
of  the  trailing  edge.  The  difference  in  the  pressure  distributions 
results  from  an  interaction  between  the  turbulent  boundary  layer  and  the 
inviscid  outer  flow.  The  calculation  of  this  difference  follows  a triple- 
deck approach  suggested  by  Melnick  for  the  flow  in  the  neighborhood  of  the 
trailing  edge.  The  flow  in  the  outer  layer  or  upper  deck  is  inviscid  but 
rotational.  Calculation  of  this  flow  field  requires  the  solution  of  a 
Poisson  differential  equation  which  yields  the  correction  to  the  potential 
flow  pressure  distribution. 

A result  of  the  theory  is  the  relationship  of  the  pressure  drag  and  the 
Reynolds  number.  It  is  shown  that  the  pressure  drag  decreases  more 
rapidly  than  the  friction  drag  as  the  Reynolds  number  increases.  Numer- 
ical results  are  given  for  the  symmetric  Joukowsky  airfoil.  The  theory 
developed  here  for  symmetric  airfoils  and  incompressible  flow  an  be 
extended  to  asymmetric  airfoils  and  compressible  flows. 
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INTRODUCTION 


I . 

The  total  resistance  of  a body  is  composed  of  the  friction  drag  and  the 
pressure  drag.  The  friction  drag  results  from  the  integration  of  the 
wall  shear  stress  over  the  surface  of  the  airfoil  and  the  pressure  drag 
is  due  to  a corresponding  integration  of  the  appropriate  component  of 
static  pressure  around  the  airfoil.  It  is  well  known  that  the  classical 
Prandtl  boundary  layer  theory  can  provide  a determination  of  the  friction 
drag  at  high  Reynolds  numbers  with  great  accuracy  as  long  as  no  separation 
occurs  along  the  body.  However,  to  the  present  time,  no  rational  theory 
has  been  proposed  for  calculating  the  pressure  drag  for  the  flow  around 
a body  for  subsonic  flow  without  boundary  layer  separation. 

In  previous  theories,  the  pressure  distributions  around  bodies  were 
determined  neglecting  the  boundary  layer  effects  and  then  the  pressure 
drag  for  inviscid  subsonic  flow  was  shown  to  be  zero.  This  is  called 
d'Alembert's  Paradox.  Therefore,  the  pressure  drag  results  from  the 
boundary  layer  and,  in  fact,  is  a boundary  layer  effect  of  higher  order 
since  the  Prandtl  boundary  layer  theory  cannot  be  used  to  calculate  the 
pressure  drag. 

The  pressure  drag  is  a typical  example  of  a viscous  interaction  effect. 

As  a result  of  the  finite  thickness  of  the  boundary  layer,  a pressure 
distribution  in  the  region  near  the  trailing  edge  of  the  airfoil  occurs 
which  is  different  from  the  pressure  distribution  in  the  inviscid  flow. 

This  difference  in  the  pressure  near  the  trailing  edge  of  the  airfoil  is 
responsible  for  the  pressure  drag.  In  the  case  of  those  bodies  on  whose 
surface  no  boundary  layer  separation  occurs,  the  pressure  drag  can  become 
\0%-20%  of  the  total  drag  depending  on  the  geometry  of  the  airfoil  and 
on  the  location  of  transition. 

Prandtl ^ had  in  principle  discussed  how  a boundary  layer  theory  of 
higher  order  could  be  formulated  to  explain  displacement-thickness  effects. 
Accordingly,  the  boundary  layer  for  an  inviscid  outer  flow  is  first 
calculated.  The  resulting  distribution  of  the  displacement  thickness 
along  the  airfoil  determined  in  this  way  is  then  added  to  the  airfoil 
thickness.  For  this  fictitious  airfoil,  a new  pressure  distribution  can 
be  obtained  using  inviscid  theory.  The  boundary  layer  which  results  from 
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this  new  airfoil  will  have  a displacement  thickness  that  is  somewhat 
different  from  the  former  so  that  a subsequent  correction  is  required. 
Using  this  method,  the  final  pressure  distribution  can  be  obtained  only 
using  an  iterative  technique.  This  final  distribution  will  depend 
critically  on  the  strong  interaction  between  the  outer  flow  and  the 
boundary  layer. 

It  turns  out  that  the  theory  which  has  been  discussed  above  breaks  down 
near  the  trailing  edge  of  the  airfoil.  The  reason  is  as  follows:  the 
inviscid  flow  contains  a singularity  at  the  trailing  edge  of  the  profile. 
Here  we  consider  only  symmetric  profiles  with  zero  angle  of  attack  with 
a cusp  at  the  trailing  edge  (the  trailing  edge  angle  is  equal  to  0 - see 
Figure  1).  The  airfoil  has  the  same  properties  as  a symmetric  Joukowsky 
profile  in  the  region  near  the  trailing  edge.  A finite  velocity  exists 
at  the  trailing  edge,  but  the  gradient  dU/dx  directly  behind  the  trailing 
edge  is  infinitely  large,  see  Figure  1 and  Equation  (24b).  This 
singularity  leads  to  the  result  that  in  the  second-order  theory  dis- 
cussed above,  the  wake  can  be  described  by  a distribution  of  sources 
whose  intensity  at  the  trailing  edge  becomes  infinitely  large.  As  a 
result  of  this,  the  velocities  at  the  trailing  edge  become  infinitely 
large  and  this  result  is  physically  impossible. 

In  order  to  avoid  this  basic  difficulty,  several  empirical  engineering 

[21 

approximations  have  been  proposed.  So,  for  example,  Thwaites1  ' suggests 
that  the  calculations  of  the  pressure  distribution  for  the  inviscid  flow 
should  not  be  made  on  the  contour  of  the  airfoil  itself,  hut  at  the  dis- 
tance of  the  boundary  layer  thickness  from  the  surface.  The  distribution 
of  the  boundary  layer  thickness  and  the  thickness  of  the  wake  can  then 
be  obtained  from  a classical  boundary  layer  calculation.  From  this 
method,  it  is  shown  that  the  correction  for  the  pressure  distribution 
occurs  only  in  a very  small  region  near  the  trailing  edge.  It  is 
important,  therefore,  to  obtain  this  correction  through  analysis  of  the 
local  flow  in  the  region  of  the  trailing  edge.  It  is  also  necessary  to 
take  into  account  the  interaction  between  the  inviscid  outer  flow  and 
the  boundary  layer  on  the  surface,  in  the  neighborhood  of  the  trailing 
edge. 
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It  is  well  known  from  the  theory  of  the  laminar  boundary  layer,  that  in 
those  places  where  singularities  occur  (leading  edge  of  the  flat  plate, 
cusp  profiles,  separation)  the  boundary  layer  in  the  region  close  to 
the  singularity,  generally  consists  of  three  different  layers.  11115 

[3] 

so-called  triple  deck  concept  has  been  described  by  K.  Stewartson  . 

The  calculations  of  these  different  layers  can  be  obtained  using  the 
method  of  matched  asymptotic  expansions  in  order  to  solve  the  singular 
perturbation  problem.  The  flows  in  which  the  triple  deck  concept  is 
useful  are  specific  problems  in  which  strong  interaction  occurs  between 
the  inviscid  outer  flow  and  the  boundary  layer.  This  interaction  takes 
place  in  the  outer  layer  (upper  deck)  in  which  the  frictional  effects 
can  be  neglected.  The  details  regarding  the  corresponding  theories  of  the 
flows  in  the  region  of  the  trailing  edge  of  the  flat  plate  or  over  cusp 
airfoils  can  be  found  in  References  4 to  7. 

In  recent  years,  these  perturbation  methods  have  also  been  applied  to 
the  turbulent  boundary  layer.  With  the  help  of  the  method  of  matched 
asymptotic  expansions,  the  classical  turbulent  boundary  layer  could  be 
described  in  a general  asymptotic  theory  for  turbulent  perturbations  at 
large  Reynolds  numbers  (see  References  10  to  12).  It  has  been  shown 
that  the  law  of  the  wall  and  the  velocity-defect  profile  are  the  first 
order  terms  in  an  asymptotic  expansion  of  the  velocity  profile  for  large 
Reynolds  numbers.  From  this,  it  is  possible  to  obtain  fully  developed 
turbulent  boundary  layers  as  first  order  solutions  which  are  valid  for 
the  limiting  case  of  Re  -+  00 . 

The  concept  of  the  triple-deck  boundary  layer  has  also  been  applied  to 
turbulent  boundary  layers  in  which  strong  interactions  occur  between  the 
outer  flow  and  the  boundary  layer. 

T.C.  Adamson,  Jr.  and  A.  Feo^  and  R.E.  Melnick  and  B.  Grossman  ^ 
have  studied  the  interaction  of  shock  waves  with  the  turbulent  boundary 
layer.  R.E.  Melnick  and  R.  Chow ^ ^ studied  the  problem  of  trailing  edge 
in  order  to  calculate  friction  correction  to  the  lift.  It  is  important 
then  to  study  the  application  of  the  triple-deck  model  for  the  turbulent 
boundary  layer  at  the  trailing  edge  in  order  to  determine  the  pressure 
drag  of  airfoils  in  subsonic  flow. 


A rational  theory  will  be  developed  to  calculate  the  pressure  drag  of 
symmetrical  airfoils  using  the  concept  of  the  triple-deck  model  for  the 
turbulent  boundary  layer  in  the  region  of  the  trailing  edge.  Incompressible 
flow  will  be  assumed  in  order  to  simplify  the  analysis.  An  extension  to 
asymmetric  airfoils  as  well  as  to  compressible  flow  is  possible  in  prin- 
ciple and  will  be  completed  in  the  near  future.  The  development  of  the 
theory  in  this  paper  follows  closely  the  work  of  R.E.  Melnick  and 
R.  Chow.  ^ 

II.  THE  TRIPLE -DECK  FOR  THE  TRAILING  EDGE 

It  can  be  seen  in  Figure  1 that  the  pressure  drag  results  from  a modifica- 
tion of  the  pressure  distribution  given  by  the  inviscid  flow  in  the  region 
of  the  trailing  edge.  It  is  sufficient,  therefore,  to  consider  only  the 
neighborhood  of  the  trailing  edge  in  a region  whose  dimensions  will  be 
of  the  order  of  magnitude  of  the  boundary  layer  thickness  at  the 
trailing  edge.  The  flow  in  the  neighborhood  of  the  trailing  edge  is 
shown  schematically  in  Figure  2.  The  turbulent  boundary  layer  entering 
the  trai ling-edge  region  consists  of  two  layers:  the  inner  layer  where 

the  law  of  the  wall  is  valid  and  the  outer  layer  where  the  law  of  the 
wake  is  valid.  According  to  the  asymptotic  theory  of  turbulent  boundary 
layers  discussed  above,  the  perturbation  parameter 


is  described  by  the  dimensionless  friction  felocity.  Here  the  value 
of  the  friction  velocity  at  the  trailing  edge  is  given  by  index  o and 
evaluated  at  the  entrance  of  the  boundary  into  the  trai ling-edge  region. 
The  thickness  of  the  boundary  layer  is  then  given  by  the  order  of 
magnitude  e 

6 

~ = 0(e)  (2) 

where  the  chord  length  of  the  airfoil  L is  the  non-dimensional i zing 
length.  Correspondingly,  the  stretching  of  the  interaction  region  is 
also  of  the  order  of  magnitude  e . It  can  be  seen  in  Figure  2 tni<  the 
boundary  layer  in  the  interaction  region  consists  of  the  follow  ng 
three  layers: 
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1.  An  outer  layer  in  which  the  inviscid  flow  is  rotational.  In 
this  region,  the  interaction  between  the  inviscid,  irrotational  outer 
flow  (potential  flow)  and  the  turbulent  boundary  layer  takes  place.  The 
normal  distances  from  the  wall  in  this  layer  are  also  of  the  order  of 
magnitude  e. 

2.  An  inner  layer  adjacent  to  the  wall  which  is  a continuation  of 
the  wall  layer  of  the  incoming  turbulent  boundary  layer.  In  this  layer, 
the  total  stress  in  the  boundary  layer  is  a constant,  that  is,  independent 
of  the  distance  from  the  wall. 

3.  A middle  (or  blending  layer)  layer.  This  layer  is  necessary  in 
order  to  match  the  Reynolds  stresses  that  appear  in  the  outer  flow  with 
the  stresses  that  appear  in  the  inner  layer. 

It  will  be  seen  that  the  outer  layer  in  the  interaction  region  must  be 
studied  more  closely  since  a pressure  field  occurs  here  which  is 
different  from  the  pressure  field  of  the  inviscid  theory  and  this  differ- 
ence represents  the  required  correction  for  the  pressure  distribution 
for  the  airfoil.  The  basis  for  the  calculation  of  the  flow  in  this 
region  is  to  use  the  time- i ndependent  Navier-Stokes  equation: 
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where  is  the  Laplace  operator  and  the  stress  tensor  due  to  the 
turbulent  fluctuation  velocity  components  is  given  by 


Outside  the  region  near  the  wall,  the  viscous  shear  stresses  can  be 
neglected  with  regard  to  the  turbulent  shear  stresses. 
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(5) 


Wo  consider  new  coordinates  for  the  region  of  interest  in  Figure  2: 


1 x ~ L 

c ' L 


= I L 


which  are  of  order  1 in  the  interaction  region.  If  we  introduce  these 
coordinates  into  liquations  (3a)-(3c),  neglect  laminar  friction  terms, 
and  recall  that  the  order  of  magnitude  of  the  turbulent  stresses  are 
0(e2),  one  obtains  for  the  limit  c ■*  0: 

9u  9v 

Tx  f W = 0 (6a 


du 

u 3x  + 


9u  1 9p 

V W = - p 31 


9v 

+ v w 


L dp 

p 3Y 


The  flow  is,  therefore,  described  by  the  equations  for  inviscid  flow 
but  it  is  not  i rrotational . Furthermore , the  vorticity  of  the  oncoming 
turbulent  boundary  layer  must  be  considered  in  this  region. 

It  is  well  known  that  one  can  define  a stream  function 


Elimination  of  the  pressure  terms  in  Equation  (6a) -(6c)  leads  to  the 
so-called  vorticity  transport  equation: 


9iJ; 

9Y  9X 


dip  dAlp 

3X  9Y 


The  vorticity  u)  as  defined  by  Equation  (9)  is  related  to  the  stream 
function  as  follows: 


1 ( — 9u  \ 

2 \9X  9Y  / 


so  that  Equation  (8)  can  also  be  written  as 

9co  9u)  _ 

u 9X  + v 5y  = 0 

This  shows  that  the  vorticity  is  constant  along  a stream-line. 
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An  asymptotic  expansion  will  now  be  postulated  for  the  stream  function 
in  which  the  perturbation  parameter  is  given  by  Equation  (1).  The 
stream  function  in  the  potential  flow  in  the  neighborhood  of  the  trailing 
edge  can  be  given  by  the  following  expression: 


i|j(x,y)  = 


ill  + U y 
vo  o 


U LA 
o 


[M  ■ (*}] 


3/ 1< 


sin  j 0 


wi  th 


0 = tan 


(12) 


(13) 


Here  \|>o  is  the  value  of  the  stream  function  at  the  trailing  edge  (x  = 


L,  y = 0)  and  Uq  is  the  velocity  at  the  same  point 


A is  a dimensionless 
factor  which  depends  only  on  the  geometry  of  the  airfoil.  It  is  assumed 
that  the  contour  of  the  airfoil  in  the  region  of  the  trailing  edge  con- 
tains a cusp  and  this  contour  can  be  expressed  in  the  following  way: 

a/ 2 


f = A 


M 


(14) 


For  Joukowsky's  airfoil,  A is  a function  only  of  the  relative  thickness 
of  the  profile.  The  coordinate  y is  the  distance  from  the  chord  not  from 
the  surface.  For  x < L,  therefore,  a new  coordinate 


y = y - yc 

will  be  introduced.  Then  Equation  (12)  yields: 

3/2 


(15) 


d/(x,y)  = ip  ♦ U y + U LA 
v ’’  ro  o o 


0) 


(H-*)  * °ow  [(^) 


0 = tan 


•1 
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AL 
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(17) 


x - L 

For  fixed  x L,  the  stream  function  for  small  y can  then  be  expanded  to 
yield  the  following: 


0 = TT 


L - x 


= IT 


x - L 


sin  j 0 = 


- cos 


(l  .y..  \ , .1  + £ / l 

I 2 L - x J 8 lL  - xJ 


(18) 


(19) 
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U>1  x ,y ) 


f 20) 


ij/(x,yj  = i p 


II  y 
o' 


I v* 


For  y = 0,  the  stream  function  takes  on  the  constant  value  1^=^  which 
is  to  be  expected.  If  one  introduces  the  coordinates  from  Equation  (5), 
then  the  following  equations  result: 

rrr  * - ''o  * v I A rf*  for  x ' 0 

o 

.1  I / 2 -z  j/1*  Y 

= Y = Y + v + e 7 A [x2  + Y2]  7 

e l)  L o 2 L J X 

o 

for  X > 0 

For  a general  solution,  iJ;(X,Y)  of  Equation  (8),  the  following  asymptotic 
expansion  can  be  used: 

-A-  = Y = Y + e'  7 Yinv  (X>Y)  + e bl CY)  + e3 / 2 4,1  (X,Y)  + ■ • • (23) 

o 

For  simplification,  Y = 0.  The  first  2 terms  of  the  expansion  represent 
the  inviscid  solution  represented  by  Equations  (21)  and  (22).  In  this 
case,  the  expressions  for  Y are  given  by: 

Y = — A JLh  X < ° (24a) 

inv  8 IxT17^2 


(21) 

(22) 


Y = 2 A [X2  ♦ Y2]3/-  l « i AX1/2  Y X > 0 (24b) 

inv  2 L J X 2 

The  inviscid  flow  is  only  slightly  perturbed  by  the  small  shear  flow  in 
the  region  of  the  wall.  The  term  proportional  to  c results  from  the 
entering  turbulent  boundary  layer  and  will  be  determined  through  the 
defect  of  the  velocity  profile  of  that  turbulent  boundary  layer. 

The  turbulent  boundary  layer  will  be  characterized  by  the  following 
velocity  profile: 


u(y)  = uro 

[f  lnY*  + B0  + l ( 

1 ■ cos  * £0)] 

where  y*  = 

YUro 

V 

(25) 
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and 
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1 , o TO 
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7i  is  Cole's  wake  parameter  for  the  velocity  profile.  For  zero  pressure 
gradient,  the  value  is  given  by  7?"  = 0.5.  Von  Karman  gave  the  constant 
as  k = 0.4. 


The  defect  part  of  the  velocity  profile  is  given  by: 

u(y)  - U 


1 y tt  j 

f , y \ 

u 

— 1 n r - - 

1 + COS  TT  f 1 

TO 

K 6 K I 

6 

0 

\ 0/J 

(26) 

and  is,  according  to  F.quation  (1),  also  proportional  to  e.  The  corres- 
ponding stream  function  Yg|  that  is  obtained  in  Equation  (23)  has  the 
same  order  of  magnitude.  The  correction  for  the  stream  function  which 
is  effectively  that  for  the  pressure  distribution  is  proportional  to  z . 

Analogous  to  Equation  (23),  it  is  possible  to  obtain  asymptotic  expansions 
for  both  velocity  components  u and  v: 


= U = 1 + e1^2  IT 


inv 


(X.Y)  ♦ eU  (Y)  ♦ e 3/2 


= V 


V.  (X,Y)  + cs/2 
inv 


BL‘ 

V' 
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(X,Y) 


(X.Y)  ♦ ... 


According  to  Equation  (26),  UB)  (Y)  may  be  written: 


1 Y tt  /,  Y \ 

- in  7 - — II  + COS  IT  T 

< oT  < l o.r 

UB(  (Y)  T \ TJ 


Y < 6 


Y > 6 


(27) 

(28) 


(29) 


whe  re 


6t  = -f 

T eL 


(30) 


Since  the  boundary  layer  profile  11^^  (Y)  is  taken  to  be  independent  of  X, 
the  v components  in  the  boundary  layer  disappear  as  a result  of  the  con- 
tinuity equation  and,  therefore,  the  term  of  the  v expansion  proportional 
to  c vanishes.  If  the  expansions  in  Equations  (23),  (27),  and  (28),  are 
substituted  into  Equation  (11),  then  using 


a = 


and  AY 


AY 


= z 


U Uo 
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0,  AY.  = 0 
xnv 


3x  (AyBL^  = 0 


(31) 
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one  obtains 
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+ ...]=  0 

From  this,  we  obtain: 


3/2 


d2T 


ax  Ar  + Vinv  3Y  -lY7 


BL 


= 0 


Equations  (21)  and  (27),  together  with  Equation  (7)  yield: 

U = 31  V = - ^ 

3Y  ’ ax 

It  can  be  shown  that  integrating  Equation  (33)  with  X yields: 

d2Un 


AY'  = + T. 

inv 


BL 
“dY7- 


(33) 


(34) 


(35) 


This  is  a Poisson  equation.  The  right  side  is  a known  function  which 
is  given  by  Equations  (24)  or  (29).  It  can  be  considered  to  be  the 
vorticity  ft'  of  the  modified  flow.  Analogous  to  Equation  (11),  one  then 
obtai . 


with 


Ar  = -2  12' 
o'  = - — t 

2 inv 


(X,  Y) 
d2U 


dY 


BL 

T 


(36) 

(37) 


Equation  (36)  is  to  be  solved  with  the  following  boundary  conditions: 

X2  + Y2  h.  oo  ; 4"  ( X ,Y)  = 0 (38) 

(39) 


Y = 0 V'  (X.O)  = 


ar 

ax 


= 0 


The  solution  of  Equation  (26)  is  composed  of  a particular  solution  and 
a solution  of  the  homogeneous  (Laplace  equation)  equation: 

r (X.Y)  = r (X,Y)  + T{  (X,Y) 
o 

A particular  solution  can  be  obtained  as  follows: 

v,  ( x , Y)  = - i-  //  n'  (£,n)  in  r d^dn 

The  solution  for  the  V'  component  along  the  line  y = 0 is  given  by: 


(40) 


(41) 


V'  (X.O)  = - //  (In  R)  O'  d£dn 

IT  dl 


— //  |—  (In  R)  12'  d£dn  (42) 

TI  dp 
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where  R = x -K)2  + (Y  - n)2  (43) 

The  function  p (X,Y)  has  to  satisfy  the  Laplace  equation 

Ar  = 0 (44) 

and  along  Y = 0,  the  induced  V'  velocity  component  given  by  Equation  (42) 
has  to  be  compensated. 


One  may  consider  the  V'  velocity  to  be  represented  by  a series  of  sources 
or  sinks  along  the  X-axis  having  an  intensity  equal  to  . The  solution 
of  Equation  (44)  can  then  be  carried  out  by  the  determination  of  the 
induced  velocity  field  resulting  from  these  source  or  sink  distributions. 
When  the  function  4"  (X,Y)  is  determined,  one  can  obtained  directly  the 
U'  component  of  the  perturbation  velocity: 

U'  = (45) 

For  the  inviscid  velocity  distribution,  one  can  then  obtain: 

u(x,y)  = upot  ♦ e 3/2  U0U'  (X, Y)  (46) 

Index  pot  refers  to  the  potential  flow. 


The  pressure  can  then  be  determined  from  the  Bernoulli  equation  and  this 
yields  the  expression: 

‘ '-(¥)" 
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. u ( x,0)  U 

or  C (x)  = Cp  -2 e 3 2 -^^Tj rp 
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(»  00 


U'  (X,0) 
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[Tie  pressure  coefficient,  Cp(x)  yields  the  pressure  drag  coefficient 
through  integration: 

Cr 


DP 


% U21- 

2 00 


■*/' 
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(49) 


where  y (x)  is  the  contour  of  the  body.  According  to  d'Alembert's 
c 

Paradox,  the  integration  over  c Qt  yields  no  contribution.  Therefore, 


'DP 


= -4  1 
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OO  J OO 


(50) 
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U'  (X,0) 


dyc 

dx 


Since  Dy  /dx  < 0 in  the  region  of  the  trailing  edge,  the  pressure  drag 
is  positive  for  positive  values  of  U'(X,o).  If  the  coordinate  X is 
introduced  into  Equation  (5),  then  one  obtains  the  following  expression 
from  Equation  (501 : 

u„  r° 

dX  (51) 


C’ 


. U r o u rx.0)  dy 

4-5/2  _o  / Pot  c 

L U J 
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■'DP  ""  U J U “ v“’”'  dx 

QO  OO  OO 

If  we  assume  that  the  integral  for  a given  airfoil  is  a constant,  then 
we  obtain 


C 


nn 


= C e 


5/ 2 


or  corresponding  to  Equation  (1): 

r - r r 5 / , 

LDP  1 fo 


(52) 


(S3) 


If  we  assume  that  the  friction  coefficient  C^.  at  the  trailing  edge 
remains  proportional  to  the  value  at  the  trailing  edge  of  a flat  plate, 
then  one  obtains  with  the  help  of  an  interpolation  formula  from  Schlichting 

= C2  [2  log  Re  - 0 .65  ] 2 ‘ 875 
U L 

OO 

V 

Using  an  interpolation  formula  from  Schul tz-Grunow , the  result  is 

(log  Re)  3-23  (56) 


where 


DP 

Re 


(54) 

(55) 


CDP  = C3 

The  coefficient  for  the  friction  drag  is  given  by 
D„  A 
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DP 


?U2L 


= 2 


J Cf(x) 


d^ 


(57) 


If  we  assume  that  C^.(x)  is  proportional  to  C ^ , then  the  ratio  of  the 
pressure  drag  and  friction  drag  is  given  by 
C._ 

e 1/2  = C5Cr„l/‘‘  = C6  [2  log  Re  - 0 ,65  ] ~°  ’ 5 75 

0-6,6  (58) 
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DP 

DF 


= C. 


fo 

= C7  [2  log  Rej' 


With  increasing  Reynolds  number,  the  ratio  of  pressure  coefficient  to 
friction  coefficient  will  decrease.  »The  pressure  drag  will  then  continue 
to  decrease  faster  than  the  frict^yi  drag. 

For  the  symmetric  .Joukowsky  airfoil  with  lST  thickness  ratio  and  with 
transition  at  15%  chc rd  length,  the  following  values  can  be  determined: 


. [13] 
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Cl  = 5,5 

C2  = 

1,9  C3 

= 0,58 

C4  = 1,3 

Cs  = 1,1 

C6  = 

0,86  C7 

= 0,69 

c 

DP 

Re 

1 

O 

<4- 

u 

e 

s 

CDF 

r 

DP 

n | 
c 

“n  1 

10fc 

1,6. 10'3 

0,028 

0,0100 

0,0082 

0,0018 

0,22 

107 

1, 1 . 10'3 

0,023 

0,0068 

0,0057 

0,0011 

0,19 

The  value  of  the  total  drag  (Re  = 10 7 ) is  in  good  agreement  with 
results  in  Reference  14. 
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FIGURE  I.  VELOCITY  DISTRIBUTION  ON  THE  CONTOUR  OF  A SYMMETRIC 
JOUKOWSKY  AIRFOIL  AT  ZERO  ANGLE  OF  ATTACK 

INVISCID  FLOW 

INCLUDING  OUTER  FLOW  TURBULENT  BOUNDARY 

LAYER  INTERACTION  NEAR  TRAILING  EDGE 
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DETERMINATION  OF  TURBULENCE  TRANSPORT  PROPERTIES 
IN  A MACH  4.9  TURBULENT  SEPARATED  FLOW  USING 
THE  LASER  DOPPLER  VELOCIMETER 


by 


Robert  L.  P.  Voisinet  and  William  J.  Yanta 
Naval  Surface  Weapons  Center 
White  Oak  Laboratory 
Silver  Spring,  Maryland 


INTRODUCTION 

This  paper  describes  a continuation  of  the  separated  flow  field 
measurements  which  have  been  presented  in  Reference  1.  The  turbulent 
transport  properties  in  the  separated  flow  were  evaluated  to  comple- 
ment the  mean  flow  measurements  obtained  previously.  The  technique 
of  using  the  laser  doppler  velocimeter  (LDV)  to  obtain  turbulent 
transport  properties  is  described  in  Reference  2.  Comparisons  of 
the  data  are  made  with  the  transport  terms  calculated  from  the  time- 
averaged  conservation  equations  using  measured  mean  flow  inputs  as 
described  in  Reference  3. 

EXPERIMENTAL  SETUP 

LDV  measurements  were  made  in  the  NSWC  Boundary  Layer  Channel  at  five 
locations  along  the  test  plate  corresponding  to  61,  70,  74,  80,  and 
86  inches  downstream  of  the  nozzle  throat.  The  first  two  measuring 
stations  are  located  ahead  of  the  interaction,  the  next  two  are 
within  the  interaction  region,  and  the  last  is  downstream  of  reattach- 
ment (see  Fig.  1).  The  supply  temperature  was  600°R,  the  wall 
temperature  near  adiabatic,  and  the  supply  pressure  was  5 atmospheres 
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except  for  two  profiles  which  were  obtained  for  1 and  10  atmospheres 
at  X=61  inches. 

The  LDV  system  used  in  the  tests  is  commonly  referred  to  as  the  dual 
scatter  or  differential  Doppler  system  and  is  described  in  some  detail 
in  Reference  2. 

RESULTS 

The  turbulent  shear  stress  distributions  ahead  of  the  interaction  are 
shown  in  Figure  2 and  compared  with  the  zero-pressure-gradient  data  of 
Reference  3.  The  effect  of  Reynolds  number  on  the  distributions  is 
minimal.  The  measured  distributions  are  lower  than  the  data  of 
Reference  3 which  may  be  due  to  the  strong  favorable  pressure  gradient 
history  in  the  flow. 

The  longitudinal  turbulence  intensity  distributions  are  presented  in 
Figure  3.  A sharp  increase  in  the  turbulence  intensity  is  seen  at 
Y/6=0.3  for  the  profiles  downstream  of  separation.  This  peak  remains 
high  even  for  the  profile  downstream  of  reattachment.  The  question 
might  arise  as  to  whether  the  measured  fluctuations  are  due  to 
turbulence  or  flow  unsteadiness.  It  is  interesting  to  note  how  the 
freestream  turbulence  level  remains  low.  One  might  expect  the  free- 
stream  turbulence  to  increase  accordingly  if  the  flow  was  unsteady. 

The  turbulent  shear  stress  distributions  are  shown  in  Figure  4.  Again 
a peaking  of  the  distribution  occurs  for  those  profiles  downstream  of 
separation  and  is  evident  for  the  profile  downstream  of  reattachment. 
The  shear  stress  distributions  for  those  locations  inside  the  separa- 
tion bubble  are  negative.  For  the  profile  downstream  of  reattachment 
the  shear  stress  near  the  wall  projects  to  a positive  value  again.  The 
mixing  length  distributions  are  shown  in  Figure  5. 

CONCLUSIONS 

The  Laser  Doppler  Velocimeter  has  been  shown  to  be  a viable  tool  for 
the  measurement  of  a complex  separated  flow  field.  The  LDV  velocity 
measurements  show  good  agreement  with  mean  flow  measurements  obtained 
using  conventional  probes  and  the  turbulence  properties  show  good 
correlation  with  other  data. 
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STEP  TEMPERATURE  EFFECTS  ON  DIRECT  MEASUREMENT 
OF  SKIN-FRICTION  DRAG 

by 

Robert  L.P.  Voisinet 
Naval  Surface  Weapons  Center 
White  Oak  Laboratory 
Silver  Spring,  Maryland 


INTRODUCTION 

It  is  well  known  that  a local  discontinuity  in  the  surface  tempera- 
ture of  a body  will  markedly  influence  the  heat  transfer  from  the  fluid 
to  the  body  region  over  which  the  discontinuity  exists.  This  effect 
is  especially  evident  in  the  measurement  of  heat  transfer  using  plug- 
type  calorimeters  in  high-speed  wind-tunnel  testing.  A similar  local 
"hot  spot"  condition  can  occur  in  skin-friction  balance  testing  when 
small  surface  elements  are  thermally  insulated  from  the  surrounding 
main  surface. 

A literature  survey  revealed  only  one  reference  (Ref.  1)  to  this 
temperature  step  effect  on  drag.  Its  results  showed  a negligible  effect 
(less  than  2 percent).  However,  recent  tests  at  NSWC  indicated  errors 
in  the  measured  wall  shear  as  high  as  30  percent  for  a 100°R  temperature 
step. 

FACILITY  AND  TEST  CONDITIONS 

Tests  were  conducted  in  the  NSWC  Boundary  Layer  Channel  (Ref.  2) 
at  Mach  numbers  of  2.9  and  1.9.  Skin-friction  measurements  were  made 
on  the  flat  nozzle  wall  test  plate  of  the  facility.  The  supply  tem- 
perature was  760°R  and  the  test  plate  was  cryogenically  cooled  with 
liquid  nitrogen  to  a temperature  of  160°R  thus  simulating  a "cold  wall" 
condition  where  the  wal 1 -to-adiabatic-wal 1 temperature  ratio  was  of  the 
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order  of  0.25.  The  test  setup  for  the  Mach  4.9  case  is  essentially 
the  same  as  was  reported  in  Reference  3 and  the  test  procedure  and 
techniques  for  the  Mach  3 case  were  similar,  except  for  a change  in 
nozzle  contour.  The  Reynolds  number  was  varied  by  changing  the  supply 
pressure  from  1 to  10  atmospheres  at  M = 4.9  and  1 to  2 atmospheres  at 
M = 2.9. 

INSTRUMENTATION 

The  skin-friction  balance  used  in  these  tests  was  one  developed 
at  NSWC  for  use  in  a cryogenically  cooled  environment.  The  balance, 
pictured  in  Figure  1,  is  of  the  self-nulling  type  whereby  a 0.781 -inch 
diameter  circular  floating  element  is  continually  recentered  by  a 
servo- feedback  system.  The  basic  design  of  the  NSWC  balance  is  described 
in  Reference  4;  however,  significant  modifications  have  been  made  to 
the  basic  design  to  increase  sensitivity  and  decrease  the  pressure  and 
temperature  drift  which  existed  in  the  early  design.  The  unique  feature 
of  the  balance  design  is  the  "clam  shell"  mechanism  which  is  used  to 
cool  the  floating  element  of  the  balance  to  the  temperature  of  the 
surrounding  test  plate  prior  to  taking  a shear  measurement  (see  Figure 
2) . This  "clam  shell"  device  was  used  to  regulate  the  floating  element 
temperature  in  the  present  tests. 

If  the  floating  element  of  the  balance  is  not  cooled  during  a test 
run,  the  equilibrium  temperature  which  the  balance  element  attains  is 
several  hundred  degrees  above  the  surrounding  wall  temperature.  By 
obtaining  a wall  shear  stress  measurements  at  this  condition  and  for 
successively  cooler  element  temperatures  using  the  "clam  shell"  cooling 
mechanism,  a plot  similar  to  Figure  3 can  be  generated  which  shows  the 
effect  of  the  element-to-wall  temperature  difference  on  the  wall  shear 
stress.  From  plots  ike  Figure  3,  the  ideal  wall  shear  can  be  obtained 
from  an  extrapolation  of  the  data  to  where  Twan  = Teiement.  The  slope 
of  this  extrapolation  line  gives  the  error  per  degree  temperature 
difference. 
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RESULTS 


The  effect  of  a locally  "hot"  balance  element  with  respect  to  the 
surrounding  wall  is  to  increase  the  local  wall  shear  stress  in  propor- 
tion to  the  magnitude  of  temperature  difference  between  the  element  and 
surrounding  wall. 

Figure  4 shows  the  Mach  4.9  and  2.9  results  plotted  in  terms  of 
absolute  error  versus  Reynolds  number  per  foot.  The  magnitude  of  the 
error  does  not  appear  to  be  dependent  on  Mach  number  nor  magnitude  of 
the  shear.  The  magnitude  of  the  error  decreases  slightly  with  decreasing 
Reynolds  number  per  foot. 

Figure  5 shows  the  same  data  in  terms  of  the  percent  error.  Since 
the  absolute  magnitude  of  the  error  changes  only  slightly  with  Reynolds 
number,  the  figure  merely  depicts  the  magnitude  of  the  local  shear  varia- 
tion. Shown  for  comparison  is  the  data  of  Westkaemper  (Ref.  1)  for  a 
Mach  5 condition.  The  magnitude  of  that  data  is  somewhat  lower  than 
the  present  data  but  well  within  the  experimental  accuracy  of  skin- 
friction  balance  measurements.  In  particular,  it  should  be  noted  that 
the  percentage  error  can  become  very  large  as  the  magnitude  of  the  wall 
shear  stress  becomes  small,  i.e.,  for  high  Mach  numbers  or  low  Reynolds 
numbers . 

CONCLUSIONS 

An  experimental  program  was  conducted  at  Mach  numbers  of  4.9  and 
2.9  to  evaluate  the  effects  of  a locally  "hot"  shear-balance  element 
on  the  magnitude  of  the  wall  shear  stress  measurement.  Results  showed 
the  effect  of  an  increase  in  the  local  wall  shear  stress  with  increasing 
temperature  difference  between  the  element  and  surrounding  wall.  The 
absolute  magnitude  of  this  error  is  only  slightly  a function  of  Reynolds 
number  and  independent  of  Mach  number.  As  such  the  percentage  error  is 
a function  of  absolute  shear  stress  and  can  reach  high  values  at  low 
Reynolds  numbers  or  high  Mach  numbers. 
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1 . INTRODUCTION 

Prediction  methods  for  the  turbulent  boundary  layer  hitherto  proposed 

and  developed,  have  met  with  limited  success  when  the  boundary  layer 

in  question  has  been  subject  to  disturbances  like  separation  and 

reattachment.  Such  disturbances  are  however  not  uncommon  in  engineering 

applications.  The  root  cause  for  the  unsatisfactory  performance  of  the 

methods  can  be  traced  to  the  experimentally  supported  fact  that  the 

separation  bubble  disturbs  the  turbulence  structure  of  the  boundary 

layer.  Prediction  methods  on  the  other  hand  invariably  contain,  for 

closure  reasons,  hypotheses  which  imply  that  the  turbulence  structure 

is  in  a state  of  local  equilibrium  that  is  suitably  defined.  An 

example  of  such  an  equilibrium  hypothesis  is  the  wall  similarity  implied 

the  logarithmic  law  of  the  wall.  Prediction  methods  based  on  such 

hypotheses  may  be  expected  to  yield  satisfactory  results  as  long  as 

the  effect  of  the  disturbances  on  the  quantities  of  interest  is  negligibl 

There  is  enough  experimental  evidence  to  point  out  that  these  "local 

equilibrium"  laws  are  not  an  adequate  representation  for  the  boundary 

layer  for  a considerable  distance  downstream  of  reattachment,  see  for 
r i 21 

Equation1  ' J.  In  this  region  it  becomes  necessary  to  incorporate  into 
the  methods  the  "relaxation  process  of  the  turbulence  structure,"  without 
which  satisfactory  description  of  the  turbulent  boundary  layer  does  not 
seem  to  be  possible.  In  the  light  of  this  experience  there  is  need 
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to  study  closely  the  development  of  the  boundary  layer  subject  to  a 
disturbance  with  particular  attention  to  its  turbulence  structure.  The 
object  of  this  short  paper  is  to  report  on  the  present  status  of  work 
done  in  this  area  by  the  group  of  authors  at  the  Ruhr-Uni versity  Bochum. 

2.  FRAMEWORK  FOR  STUDY 

First,  it  is  useful  to  recall  some  essential  features  of  the  turbulent 
boundary  layer  that  has  not  undergone  any  significant  disturbances  (or 
where  disturbances  have  died  down).  The  characteristics  of  such  a 
boundary  layer,  broadly  termed  "boundary  layers  close  to  equilibrium" 
may  be  summarized  as  follows  . The  turbulent  boundary  layer  can  be 
thought  of  as  comprising  of  two  distenct  regions,  viz.  the  outer  wake- 
like region  and  the  inner  wall  region.  The  turbulence  structure  of  the 
boundary  layer  as  a whole  reveals  characteristics  observed  in  free- 
shear  flows  as  well  as  in  wall -bounded  turbulent  flows,  the  former  being 
dominant  in  the  outer  region  and  the  latter  in  regions  closer  to  the 

wall.  The  outer  region  has  a long  memory  meaning  thereby  that  distur- 
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bances  in  this  region  die  down  more  slowly  than  in  the  inner  region1  1 . 

Our  framework  for  study  of  the  turbulent  boundary  layer  subject  to 
disturbances  is  based  on  the  conjecture  that  in  spite  of  disturbances 
to  the  turbulence  structure  the  two-layer  concept  might  still  hold,  with 
different  relaxation  mechanisms  for  the  outer  and  inner  layer,  see  also 
Reference  3.  More  precisely  we  thought  it  worthwhile  to  adopt  an  approach 
through  the  following  steps. 

a.  The  relaxation  behaviour  of  the  outer  and  inner  region  is  studied 
separately. 

b.  Attempt  to  relate  the  relaxation  behaviour  of  the  outer  region 
to  that  in  a wake,  and  the  relaxation  behaviour  in  the  inner 
region  to  that  in  channel  flow. 

c.  Piece  the  two  together. 

There  is  a distinct  possibility  that  the  two-layer  concept  may  be 
inadequate.  Additional  layers  will  have  to  be  added  if  found  so  from 
further  studies. 
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According  to  the  spirit  of  this  scheme  this  paper  contains  results 
under  two  heads  as  follows. 

A.  Computational  attempts  for  the  outer  part  of  the  boundary  layer 
with  a "relaxation  model"  that  has  been  developed  for  wakes. 

B.  Experiments  in  "relaxing"  channel  flow  with  a step  change  in 
surface  roughness. 

A.  RELAXATION  IN  OUTER  REGION 


3.  THE  OUTER  REGION  OF  THE  TURBULENT  BOUNDARY  LAYER  DOWNSTREAM  OF 
REATTACHMENT 

The  test  case  choosen  for  the  outer  region  of  the  t rbulent  boundary 
layer  subject  to  disturbances  was  the  flow  downstream  o^  reattachment 
on  a backward- facing  step,  Figure  1.  Detailed  experimental  results  on 
this  geometrical  configuration  were  available  to  the  authors,  see  Ref- 
erence 1 . 

Findings  presented  in  this  section  are  the  outcome  of  our  attempts  to 
trace  the  development  of  the  profiles  of  the  mean  velocity  u and  the 
turbulent  shear  stress  through  the  following  set  of  equations: 


3u  t 3v 
3x  + 3y 


0 


u 


3u 

3x 


U 


o dx 


i 

p 3y 


Ua) 


(lb) 


dT  3t  > 3 , 3t. 

U j — + V t? — = A(t-t  ) + ^ — (v  ~— ) 
dx  3y  eq  3y  x3y 


(lc) 


Equations  (la,b)  are  the  boundary  layer  equations  (in  the  usual 
notation)  with  the  viscous  terms  dropped.  Equation  (lc)  is  a shear 
stress  equation.  A few  comments  regarding  the  terms  in  the  shear  stress 
equation  as  well  as  our  motivation  for  using  this  form  are  in  order 
here. 

The  model  stress  Equation  (lc)  was  proposed  by  R.  Narasimha  et  al.,^ 
while  studying  the  relaxation  of  turbulence  structure  in  wakes.  It 
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was  found  satisfactory  when  describing  both  the  mean  velocity  and 
shear-stress  profiles  in  wakes.  In  Equation  (lcjt^  represents  the 
shear-stress  distribution  when  the  turbulence  structure  is  in 
equilibrium,  A[— ] is  related  to  a relaxation  time  for  turbulence 
structure  and  v a "stress  diffusion"  term.  The  system  of  equations 
is  closed  if  the  quantities  A,  t , and  u ate  defined.  Points  that 

eq  t 

are  important  in  the  definition  of  these  quantities  have  been  discussed 
by  R.  Narasimha  and  A.  Prabhu^  . 

Our  motivation  for  using  this  shear-stress  equation  was,  besides  its 
simplicity,  the  following  physically  plausible  reason.  Since  it  is 
more  or  less  established  and  generally  agreed  that  the  turbulence 
structure  in  the  outer  part  of  the  boundary  layer  is  not  significantly 
different  from  that  in  a wake  we  may  expect  that  their  relaxation 
behaviour,  when  subject  to  disturbances,  would  also  be  similar  to  each 
other.  Translation  of  this  physical  concept  into  mathematical  terms 
would  mean  that  the  quantities  A,  te^,  and  vt  when  suitably  scaled 
should  be  the  same  for  wakes  and  for  the  flow  in  the  outer  region  of 
the  boundary  layer.  In  this  approach  the  question  of  scaling  is 
perhaps  the  most  crucial  one.  A detailed  discussion  of  this  point  is 
beyond  the  scope  of  this  short  resume,  but  we  shall  return  to  it  briefly 
later,  after  presenting  some  results  of  our  "computational  experiments" 
with  this  model  equation.  ( 

Computations 

In  Figures  2 and  3 typical  mean  velocity  and  shear-stress  profiles 
obtained  by  solving  the  set  of  Equations  (la-c)  have  been  plotted.  The 
circles  indicate  our  measurements  (cf.  Reference  1,  DEA-proceedings 
1975)  on  a 10  mm  step.  The  starting  station  x = x is  at  x /H  = l1 
(H  denotes  the  step  height,  x = 0 is  at  the  step),  starting  profiles 
for  u and  are  from  experiments.  Further,  the  solution  of  Equation 
(la-c)  is  sought  in  a region  y > yQ,  with  y^  the  wall  distance  where 
the  Reynolds  shear-stress  profile  at  the  starting  station  t(xq,  y)  goes 
through  a maximum.  The  x-wise  distribution  of  u and  t at  the  inner 
boundary  y = yQ  required  as  a boundary  condition  was  also  taken  from 
measurements.  Furthermore,  since  the  equations  are  not  valid  up  to 


404 


, 


the  wall  the  distribution  of  v at  y = yQ  needs  to  be  prescribed. 
We  thought  that  the  v-component  at  y = y^  would  not  be  grossly  in 
error  if  the  departure  from  equilibrium  of  the  inner  layer  is 
neglected  (the  inner  layer  approaches  equilibrium  faster!),  so  we 
obtained  v at  y = yQ  by  using  the  law  of  the  wall  with  the  mea- 
sured wall-shear  stress,  v at  y = yQ  is  then  given  by 


v(x,yQ)  = 


du 

T ,1  , 

- -j — y (—  In 
dx 


u y 
t7  o 


o < 


C) 


(2) 


The  numerical  scheme  employed  was  the  Crank-Nicholson  method. 

Figure  3 shows  the  distribution  of  the  shear  stress  t and  of  the 

velocity  defect  w = U - u at  a station  rr  = 42  obtained  through 

o n 

computation  using  the  following  values  for  A and  v^: 


A = 0.00082  Uq/0  (3a) 

v = 0.552  w 6 (3L, 

TOW 

where  0 is  the  momentum  thickness,  6 w is  the  "thi 'kness"  of  the 
outer  layer  (from  y = yQ  to  a wall  distance  where  u - 0.98  Uq)  r.nd 
wq  the  characteristic  shear  velocity  for  the  defect  profile.  We 
have  obtained  wq  by  fitting  Coles’  wake  function  to  the  computed 
defect  profile. 

The  functional  forms  of  A and  v in  Equation  (3a, b)  (i.e.,  the 
scaling  laws  for  A and  ) have  been  taken  over  from  those  for 
wakes  (cf.  R.  Narasimha) . They  will  be  briefly  discussed  under  the 
section  "scaling  laws".  However,  prior  to  a discussion  of  this 
point  it  is  instructive  to  gather  a picture  of  the  qualitative 
pattern  of  the  dependance  of  the  result  on  the  magnitude  of  the 
constants  in  Equation  (3a, b).  This  is  illustrated  in  Figure  4 
which  shows  plots  of  w and  T at  a station  ^ = 30  for  the  values  of 
the  constants  as  indicated. 


40S 


Scaling  Laws 

It  is  appropriate  at  this  stage  to  enter  into  a brief  discussion  of  the 

scaling  laws  for  A and  , given  by  Equation  (3a, b).  The  product  w^ 

6^  in  Equation  (3b)  conveys  that  the  "stress  diffusion  coefficient  v^" 

scales  in  the  same  manner  as  the  conventional  kinematic  eddy  viscosity. 

It  must  be  emphasized  that  the  conventional  kinematic  eddy  viscosity 

(T  = v p — ) and  the  stress  diffusion  coefficient  v are  not  by  this 

definition  said  to  be  identical.  Instead  of  the  constant  multiplying 

factor  one  could  envisage  a function  of  the  dimensionless  wall  distance 

(y  y°) . However,  this  complication  seemed  to  us  to  be  unnecessary  at 
6w 

this  stage  of  investigation  since  it  has  been  established  that  wakes 
as  well  as  the  outer  region  of  boundary  layers  (both  close  to  equilibrium) 
are  satisfactorily  described  by  a "constant"  eddy-viscosity  concept, 
i.e.,  independant  of  the  normal  coordinate. 

The  quantities  to  be  used  in  the  scaling  law  for  the  relaxation  time  in 
Equation  (3a)  deserve  deeper  investigation,  which  would  go  beyond  the 
scope  of  this  paper.  It  would  suffice  here  to  say  that  whereas  for  wakes 
this  choice  of  Uq  and  0 seems  to  be  intuitively  obvious  (both  are  con- 
stants for  a wake  at  constant  pressure) , for  the  boundary  layer  the 
choice  of  the  momentum  thickness  0,  which  is  subject  to  a steady  change 
even  at  constant  pressure,  involves  ambiguity  and  hence  is  questionable. 
Provisionally  we  have  used  the  local  momentum  thickness  in  Equation  (3a) 
which  changes  only  slowly. 

We  may  temporarily  summarize  the  results  of  our  computational  experiments 
as  follows: 

The  simple  model  equation  for  shear  stress.  Equation  (3c)  might  suffice 
to  handle  turbulent  boundary  layers  with  a disturbed  turbulence  structure 
if 

a.  a proper  choice  of  the  scaling  quantities  for  A and  is  made;  and 

b.  if  the  relaxation  behaviour  of  the  inner  region,  which  enters  the 
boundary  conditions  for  the  outer  region  is  taken  into  account. 
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B.  RELAXATION  IN  THE  INNER  REGION 


4.  RELAXATION  IN  WALL-BOUNDED  FLOWS 

Due  to  the  fundamental  importance  of  relaxation  in  the  wall  region  for 
the  development  of  the  turbulent  boundary  layer  disturbed  by  separation 
and  subsequent  reattachment,  we  naturally  wanted  to  study  this  phenomenon 
and  thought  it  is  best  done  in  a simple  case  of  wall-bounded  turbulent 
flow,  viz.  the  flow  in  a two-dimensional  channel. 

A long  channel  of  large  aspect  ratio  (1:25)  was  built  for  this  purpose. 

Its  dimensions  are  indicated  in  Figure  4.  The  walls  were  covered  with 
sand  paper  up  to  a certain  section;  downstream  of  this  section  the  walls 
were  left  smooth.  We  desired  to  study  the  mean  flow  and  turbulence 
quantities  in  the  transition  region  where  the  turbulence  structure  under- 
goes a change,  relaxing  from  the  rough  wall  turbulence  structure  to  the 
smooth  wall  structure. 

The  flow  in  a channel  with  a step  change  in  roughness  has  been  studied 
prior  to  uS  - to  our  knowledge  - by  Jacobs  ^ and  by  Tani  and  Makita^. 

In  Jacob's  experiments  only  one  wall  of  the  channel  of  aspect  ratio 
1:3  was  roughened  and  his  measurements  are  of  mean  velocity  profiles 
alone  . Tani  and  Makita  have  studied  the  mean  flow  as  well  as  the 
turbulence  quantities  u' 2 , v ' z , and  u'v'  with  both  the  mutually  facing 
walls  of  the  channel  (aspect  ratio  1:10)  roughened  ^ . 

Experiments  of  Tani  and  Makita  as  well  as  our  present  the  following 
physical  picture  of  the  relaxation  phenomenon  (Figure  5) . The  pressure 
gradient  at  the  wall  adjusts  itself  most  rapidly  to  the  new  state,  the 
mean-velocity  profile  following  next  and  the  turbulence  quantitites 
adjusting  themselves  still  slower.  One  mav  define  relaxation  lengths 
in  respect  of  each  of  these  quantities,  denoted  L^,  L-,  and  L^  , respectively. 

Present  Status  of  our  Work 

The  streamwise  pressure  gradient  at  the  wall  and  profiles  of  the  mean 
velocity  have  been  measured,  profiles  of  Reynolds  shear  stress  are 
currently  under  investigation. 
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Plotted  in  Figure  6 are  the  measured  pressure  distribution  at  the  wall 
and  the  development  of  the  mean-velocity  profile  from  the  rough  to  the 
smooth  state.  Our  measurements  are  in  substantial  qualitative  agreement 
with  those  of  Tani  and  Makita,  one  noteworthy  qualitative  feature  being 
the  local  rise  in  pressure  immediately  following  the  step  change  from 
rough  to  smooth. 

Of  primary  interest  in  the  study  of  a relaxation  process  is  the  law  of 
decay  and  the  relaxation  length  contained  in  the  law.  Our  preliminary 
theoretical  investigations  suggested  that  in  the  middle  region  of  the 
channel,  away  from  the  walls,  the  departure  from  the  asymptotic  (fully 
developed  smooth)  state  might  follow  simply  an  exponential  law: 

u(x,y)  - u (y)  = f(y)  exp  (-  ) 

8 u 

t (x ,y)  - t (y)  = g(y)  exp  (-  £-) 

K T 

u^(y)  and  t^(y)  are  wean-velocity  and  shear-stress  profiles 
corresponding  to  the  fully  developed  smooth  walled  channel  flow,  f(y) 
and  g(y)  are  functions  with  the  dimensions  of  velocity  and  stress 
respectively.  The  form  of  Equations  (4a, b)  further  provides  a procedure 
to  determine  from  experiments  - that  is,  if  the  measured  quantities 
obey  this  law  - the  relaxation  lengths  for  mean  velocity  and  shear 
stress,  L-  and  L^.  It  may  be  noted  in  passing  that  in  the  absence  of 
a framework  such  as  Equations  (4a, b)  the  determination  of  relaxation 
length  from  measurements  is  rather  uncertain  and  ambiguous  and  hence 
unsatisfactory. 

We  have  analyzed  our  measurements  hitherto  conducted  as  well  as  those  of 
Tani  and  Makita  within  this  framework  and  the  results  are  in  Figure  7. 
(Measurements  of  Tani  and  Makita  were  available  to  us  only  on  a small- 
sized graph  in  their  publication,  so  there  is  some  uncertainty  in  the 
numerical  values.)  Figure  7 shows  the  departure  for  velocity  u(x,y)  - 
u^(y)  on  a seir.i  logari thmi c plot.  Keeping  in  mind  the  preliminary  nature 
of  our  data  reduction  at  present,  the  form  of  the  equation  is  encouraging. 
The  relaxation  length  L-  in  the  two  sets  of  experiments  are  in  the  table 
in  the  same  figure. 


(4a) 

(4b) 


Figure  8 shows  on  a semi  logarithmic  plot  the  shear-stress  departure 
t(x,y)  - t (y)  from  experiments  of  Tani  and  Makita,  taken  again  from 
their  publication.  (Our  measurements  of  shear-stress  profiles  are  not 
yet  complete!)  Even  here  the  prospect  for  Equation  (4b)  does  not  seem 
to  be  bad.  The  relaxation  length  for  shear  stress  obtained  after 
data  reduction  has  been  entered  in  the  figure. 

It  is  of  interest  to  note  that  the  relaxation  length  for  mean  velocity 
L-  is  roughly  two-thirds  of  that  for  shear  stress  L L-  L 

U T CfT  =6*  H~  =9)- 

5.  OUTLINE  OF  FUTURE  WORK 

It  has  already  been  established  by  experiments  by  us  and  by  others  that 
the  saiient  feature  of  the  turbulent  boundary  layer  downstream  of 
reattachment  is  that  its  turbulence  structure  is  not  close  to  equilibrium. 
The  obvious  conclusion  herefrom  is  that  a prediction  procedure  that  is 
capable  of  handling  such  a boundary  layer  should  necessarily  incorporate 
the  relaxation  process  of  the  turbulence  structure.  We  would  like  our 
experiments  and  analysis  to  be  viewed  only  as  intermediate  steps  on  the 
road  to  this  objective.  However,  from  an  analysis  of  our  work  up  to 
the  present,  both  theoretical  and  experimental,  we  feel  encouraged  to  go 
further  along  the  path  hitherto  persued.  The  following  is  only  meant 
to  focus  attention  on  what  we  believe  are  the  main  steps  involved. 

a.  When  dealing  with  any  relaxation  process,  a basic  question  is 
about  the  relation  between  the  various  relaxation  lengths  and 
the  flow  parameters  of  the  problem  like  Reynolds  number.  We 
wish  to  term  these  relations  broadly  as  "scaling  laws".  We 
propose  (and  hope!)  to  obtain  these  scaling  laws  by  careful 
theoretical  analysis  supported  by  experiments  on  simple  con- 
figurations like  flow  in  a channel  and  wake. 

b.  Develop  a theoretical  framework  for  the  turbulent  boundary  layer 
with  a disturbed  turbulence  structure  that  explicitly  incorporates 
the  distinct  relaxation  behavior  of  the  inner  and  outer  regions. 
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Figure  1.  Region  of  computation  for  boundary  layer  after 
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Figure  2.  Computed  w-  and  x-profiles  with  a = 0.00082  Uq/0 
VT  = 0,552  wQ  6w 

(o  indicates  measurements) 


411 


Figure  4.  Channel  flow  rig 

(Drawing  not  to  scale,  dimensions  in  mm) 
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Figure  5.  Scheme  of  relaxation  process  in  turbulent  channel  flow. 


Figure  6.  Measured  wall  pressure  and  mean  velocity  in  rough  to  smooth 

channel  flow  at  U = 39  m/s. 

o 
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8.  Relaxation  lengths  for  mean  velocity  and  shear  stress, 
u , T - asymptotic  (fully  developed)  profiles  in  smooth 
K ^ walled  channel. 

Measurements  by  Tani  and  Makita  (1971). 
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EXPERIMENTS  PLANNED  SPECIFICALLY  FOR  DEVELOPING  TURBULENCE 
MODELS  IN  COMPUTATIONS  OF  FLOW  FIELDS  AROUND 
AERODYNAMIC  SHAPES 


by 

Joseph  G.  Marvin* 

Ames  Research  Center,  NASA,  Moffett  Field,  California  94035,  USA 
SUMMARY 

Building-block  experiments  and  companion  numerical  simulations 
intended  to  verify  and  guide  turbulence  modeling  are  described. 

Emphasis  is  given  to  a series  of  experiments  and  computations  being 
used  to  enhance  modeling  development  for  the  shock-wave  turbulent- 
boundary-layer interaction  problem.  Experiments  and  computations  for 
the  exact  experimental  geometry  are  presented  for  Mach  and  Reynolds 
number  ranges  encompassing  those  associated  with  full-scale  vehicles 
in  transonic,  supersonic,  and  hypersonic  flight.  Results  are  given 
for  transonic  flow  over  a circular-arc  airfoil  undergoing  shock-wave- 
induced,  boundary-layer  separation,  for  supersonic  flow  along  a tube 
wall  undergoing  a normal-shock-wave-induced,  boundary-layer  separation, 
and  for  supersonic  and  hypersonic  flows  undergoing  oblique-shock-wave- 
induced,  boundary- layer  separation.  The  detailed  experimental  data  and 
computations,  which  use  the  complete  Navier-Stokes  equations,  are  dis- 
cussed with  emphasis  on  their  role  in  establishing  the  concept  of  tur- 
bulence modeling.  The  main  conclusion  established  is  that  turbulence 
modeling  progress  can  be  achieved  by  combining  numerical  simulations 
with  carefully  controlled  building-block  experiments.  Extending  this 
concept  to  complete  aircraft  is  the  step  to  be  achieved  in  the  next 
decade . 


•Chief,  Experimental  Fluid  Dynamics  Branch 


NOTATIONS 


A Van  Driest  damping  parameter,  liquation  (5) 

Cp  skin-friction  coefficient 
Cp|  Stanton  Number 

Cp  pressure  coefficient 

c chord  length 

dp  distance  from  location  of  initial  pressure  rise  to 

location  of  the  knee  in  the  pressure  distribution  curve 

ds  distance  from  location  of  initial  pressure  rise  to 
location  of  separation  point 

e internal  energy 

h distance  from  wing  centerline  to  upper  or  lower  tunnel  wall 
L relaxation  length 

Hs  distance  from  initial  pressure  rise  to  location  of  reattachment 
point 

M Mach  number 

p pressure 

q kinetic  energy  of  turbulence 

R reattachment  location 

R radius  of  test  section 

Re  Reynolds  number 

5 separation  location 

T temperature 

t wing  maximum  thickness 

u mass-averaged  velocity  parallel  to  wall  in  axial  direction 
v mass-averaged  velocity  normal  to  wall 

w mass-averaged  velocity  parallel  to  wall  normal  to  axial 
direction 

x axial  distance 

Ax  distance  between  mesh  points 

y distance  normal  to  surface 

Zs  distance  of  shock  extent  relative  to  wing  centerline 
y Klebenoff  intermittency  factor 

6 boundary- layer  thickness 

60  boundary- layer  thickness  at  first  measuring  station  ahead 
of  interaction 
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6y  boundary- layer  thickness  upstream  of  interaction  (x  = 0) 

6?  kinematic  displacement  thickness 
e eddy  viscosity 

eu  eddy  viscosity  immediately  upstream  of  interaction 
U molecular  viscosity 

p density 

pv'u'  turbulent  shear  stress 
r,Txr  total  shear  stress 
<(  )>  root  mean  square 

Subscripts 

c based  on  chord  length 

i,j  indices  in  tensor  notation 

k value  at  the  knee  in  the  pressure  curve 

o location  of  incident  shock  impingement  on  surface  in  absence 

of  a boundary  layer 

s value  at  shock  wave;  also  value  of  separation  point 

t total 

u value  upstream  of  interaction 

w wall  value 

00  free-stream  value 

Superscripts 

( ) time  averaged 

( ) ' fluctuating  value 

1 . INTRODUCTION 

The  rapid  development  of  faster,  larger  computers  has  been  parali  led 
by  an  equally  rapid  development  of  computational  aerodynamics.  Table  1 
is  a simplified  summary  of  the  status  of  computational  aerodynamics 
that  illustrates  its  rapid  development,  particularly  since  the  start 
of  this  decade.  The  stage  of  approximation  of  the  governing  equations 
has  been  divided  into  four  progressively  more  complex  categories,  cul- 
minating with  the  viscous  time-dependent  Navier-Stokes  equations. 

Beginning  in  the  1930's  and  progressing  through  the  1960's,  inviscid 
linearized  theory  in  various  refined  stages  has  been  used  to  design 
many  of  the  current  aircraft.  Many  limitations  in  this  theory  required 
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that  much  of  the  configuration  design  be  accomplished  experimentally, 
however.  In  the  1970's,  development  of  inviscid  nonlinear  theory 
advanced  more  rapidly  and  is  nearing  completion.  Computations  for 
transonic  and  hypersonic  flight  have  been  made  for  realistic  aerospace 
vehicle  geometries  (notable  examples  are  References  1-3).  The  major 
limitation  of  these  computations  is  that  they  cannot  handle  separated 
flows.  To  provide  that  capability,  the  next  stage  of  equation  approxi- 
mation requires  utilization  of  the  time-averaged  Navier-Stokes  equations 
or  their  approximation.  Such  computations  for  turbulent  flows,  which 
are  ubiquitous  and  very  important  in  most  aerospace  vehicle  applications, 
are  in  the  early  stages  of  development.  The  limitation  of  these  compu- 
tations is  the  accuracy  of  the  turbulence  model  used  to  complete  the 
system  of  governing  equations;  that  item  now  paces  the  development. 

Once  this  stage  of  approximation  reaches  the  point  of  practical  utility, 
it  is  expected  that  computations  using  the  complete  Navier-Stokes 
equations  in  time-dependent  form  will  begin  their  development,  but  an 
advanced  computer  is  essential  before  practical  computations  become 
available  because  the  resolution  scale  for  the  smaller  turbulent  eddies 
precludes  the  use  of  any  current  computers.  Thus,  within  the  next 
decade,  it  could  be  possible  to  numerically  simulate  the  flow  about 
complete  aircraft  shapes  including  important  viscous  effects.  Then, 
performing  complimentary  roles,  the  computer  and  the  large  wind  tunnel 
can  significantly  reduce  the  time  and  cost  required  to  develop  new 
aerospace  vehicles . 

I 

The  Navier-Stokes  equations  are  the  ba~ic  governing  equations 

. 

used  to  describe  most  fluid  mechanics  phenomena.  They  apply  to  prob- 
lems involving  turbulent  flow,  but  to  avoid  the  difficulty  of  describing 
every  discrete  turbulent  motion  possible,  they  are  usually  time  averaged. 
Time  averaging  eliminates  some  of  the  information  -ontained  in  the 
equations  and,  moreover,  results  in  more  unknowns  than  governing 
equations  through  the  introduction  of  apparent  Reynolds  stresses  for 
the  actual  transfer  of  momentum  by  velocity  fluctuations.  Therefore, 
the  extra  unknowns  must  be  represented  by  physically  plausible  combina- 
tions of  quantities  for  which  transport  equations  are  expressed  in 
terms  of  constants  or  empirical  functions  considered  as  known  or 
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6U  boundary-layer  thickness  upstream  of  interaction  (x  = 0) 
kinematic  displacement  thickness 
e eddy  viscosity 

eu  eddy  viscosity  immediately  upstream  of  interaction 
p molecular  viscosity 

p density 

pv'u'  turbulent  shear  stress 
T,Txr  total  shear  stress 
<(  )>  root  mean  square 

Subscri  Ell 

c based  on  chord  length 

i,j  indices  in  tensor  notation 

k value  at  the  knee  in  the  pressure  curve 

o location  of  incident  shock  impingement  on  surface  in  absence 

of  a boundary  layer 

s value  at  shock  wave;  also  value  of  separation  point 

t total 

u value  upstream  of  interaction 

w wall  value 

00  free-stream  value 

Superscripts 

( ) time  averaged 
( )'  fluctuating  value 

1.  INTRODUCTION 

The  rapid  development  of  faster,  larger  computers  has  been  paralleled 
by  an  equally  rapid  development  of  computational  aerodynamics.  Table  1 
is  a simplified  summary  of  the  status  of  computational  aerodynamics 
that  illustrates  its  rapid  development,  particularly  since  the  start 
of  this  decade.  The  stage  of  approximation  of  the  governing  equations 
has  been  divided  into  four  progressively  more  complex  categories,  cul- 
minating with  the  viscous  time-dependent  Navier-Stokes  equations. 

Beginning  in  the  1930 's  and  progressing  through  the  1960's,  inviscid 
linearized  theory  in  various  refined  stages  has  been  used  to  design 
many  of  the  current  aircraft.  Many  limitations  in  this  theory  required 
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expressible  in  terms  of  the  mean  variables.  The  problem  of  reducing  the 
unknowns  to  equal  the  number  of  equations  is  referred  to  as  the  "closure 
problem";  the  process  of  expressing  the  unknowns  as  transport  equations 
in  terms  of  empirical  functions  or  constants  is  referred  to  as  "turbulence 
modeling.” 

Historically,  progress  in  turbulence  modeling  has  been  slow  and 
deliberate,  and  has  relied  substantially  on  a few  carefully  controlled 
experiments  performed  over  a range  of  test  conditions.  Such  experiments 
could  be  called  "building-block  experiments"  because  they  provided  the 
gage  for  establishing  the  credibility  of  computational  techniques,  but, 
more  importantly,  because  they  provided  physically  meaningful  concepts 
that  were  used  to  enhance  heuristic  modeling  ideas.  The  conference  on 
the  computation  of  turbulent  flows  held  at  Stanford  University  in  1968^1 
used  many  of  the  classic  experiments  to  assess  progress  in  predicting 
incompressible,  attached,  turbulent  flows.  Later  that  same  year,  the 
conference  on  compressible  turbulent  flows  held  at  Langley  Research 
Center^)  concluded  that  very  few,  if  any,  compressible  flow  experi- 
ments in  the  building-block  category  were  being  performed. 

Relying  on  historical  perspective,  if  progress  in  modeling  is  to  be 
made,  it  will  come  through  combining  a broad  experimental  effort  with 
computational  techniques  and  modeling  ideas^J.  However,  for  compressi- 
ble flow,  the  problems  are  more  complex  because  Mach  number  must  be 
included  in  the  list  of  variables.  Figure  1 shows  the  Mach-Reynolds 
number  domain  for  aerospace  vehicles  and  it  gives  an  indication  of  the 
range  of  conditions  over  which  adequate  turbulence  modeling  must  be  pro- 
vided. The  upper  limit  on  Reynolds  number  based  on  vehicle  length^ 
is  shown  as  well  as  the  upper  limit  based  on  wing  chord.  Mach  number 
varies  between  subsonic  and  hypersonic,  encompassing  the  range  encountered 
by  commercial  passenger  vehicles  and  NASA's  Space  Shuttle  Vehicle. 

Figure  2 compares  the  domain  of  available  experiments  that  can  be  used 
to  test  turbulence  modeling  concepts  with  that  for  the  vehicles.  The 
shaded  area  represents  partially  documented  experiments  where  zero-  or 
mild-pressure  gradients  were  impressed  on  the  flow.  Reference  8 summari- 
zes available  experiments  and  their  measurements.  Most  of  these  earlier 
experiments  were  performed  at  lower  Reynolds  numbers,  which  made  it 
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difficult  for  the  analysts  to  confidently  predict  Reynolds  number 
trends  for  actual  flight  conditions  and,  in  most  cases,  not  enough 
meaningful  data  were  available  in  any  single  experiment  to  assess 
modeling  concepts  confidently.  Thus,  the  situation  remains  somewhat 
the  same  as  for  the  development  of  linearized  theory,  where  designers 
rely  mainly  on  experiment  for  their  vehicle  development.  The  unshaded 
area  in  Figure  2 represents  the  domain  of  more  recent  experiments  where 
shock-induced  separation  was  studied  and  where  specific  attempts  to 
document  the  complete  flow-field  features  have  been  made  or  are  under 
way.  These  latter  experiments  and  companion  computations,  which  to- 
gether are  being  used  to  establish  adequate  turbulence  models  for 
designers,  are  discussed  subsequently.  Another  disturbing  consideration 
is  the  lack  of  large-scale  facilities  that  can  operate  at  Reynolds  num- 
bers high  enough  to  verify  complete  vehicle  designs  at  the  proper  Reynolds 
number  . 

If  the  concept  of  numerical  simulation  of  flow  fields  over  complete 
aircraft  is  to  become  a reality,  the  ability  to  predict  flow-field  be- 
haviors at  flight  Reynolds  numbers  and  Mach  numbers  must  be  developed. 

This  paper  illustrates  how  the  computer  and  the  wind  tunnel  are  being 
used  to  develop  turbulence  models  for  a complex  class  of  fluid-dynamics 
problems,  i.e.,  turbulent  boundary- layer  separation  caused  by  the  inter- 
action of  a shock  wave  with  a boundary  layer.  Such  a study  can  be  viewed 
as  an  early  predecessor  of  the  larger  problem  of  using  the  computer  and 
the  wind  tunnel  to  develop  real  aircraft  shapes  at  reduced  cost  and 
time.  The  first  portion  of  this  paper  reviews  the  essential  elements 
of  turbulence  modeling.  Since  experiments  are  an  essential  part  of  the 
concepts  established,  some  recent  developments  in  instrumentation  are 
reviewed  to  establish  confidence  in  our  ability  to  measure  quantities 
that  can  guide  the  modeling  processes.  Thereafter,  the  modeling  con- 
cepts and  experimental  results  are  compared  and  conclusions  drawn. 

2.  ELEMENTS  OF  TURBULENCE  MODELING 

Turbulence  is  a random,  dissipative,  three-dimensional  phenomenon 
that  involves  many  characteristic  scales.  While  the  Navier-Stokes 
equations  contain  all  the  necessary  elements  of  the  physics  involved 
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in  the  processes,  practical  solutions  are  possible  only  if  approximate 
forms  of  the  equations  are  used.  Of  the  myriad  of  possible  approxima- 
tions, the  Reynolds-averaged  formal  0f  these  equations  has  proven  the 
most  fruitful  and  probably  will  continue  to  be  so  for  some  time.  How- 
ever, averaging  introduces  unknowns  and,  in  order  to  close  the  equations, 
it  is  essential  that  certain  terms  be  modeled. 

The  objective  of  turbulence  modeling  is  to  provide  the  designer  with 
useful  tools  for  confidently  predicting  the  behavior  of  turbulent  flows. 

The  basic  three  elements  leading  to  this  objective  - are  experiments, 
intuitive  modeling  concepts,  and  the  computer  code  - shown  in  Figure  3. 

Each  element  is  essential,  and  they  are  not  easily  separated.  The  process 
could  start  with  the  modeling  concept  or  with  the  experiments.  Histori- 
cally, the  process  began  with  experimental  observations  that  later  led 
to  modeling  concepts.  This  trend  is  beginning  to  change  in  that  model 
development  and  experiment  are  being  performed  in  parallel  and  coordi- 
nated efforts.  Once  the  modeling  concepts  are  established,  the  computer 
code  can  be  assembled.  This  particular  sequence  is  essential  for  compli- 
cated equation  systems  because  the  modeling  concepts  can  often  alter  the 
order  of  the  equation  system  or  method  of  solution.  Once  the  code  has 
been  established,  it  can  be  compared  with  and  verified  by  the  experiments. 
If  the  experiments  provide  enough  detail,  they  can  guide  changes  in  the 
modeling  concepts  and  the  process  is  continued  until  the  predictive 
capability  of  the  code  can  be  established  and  provided  to  the  designer. 

An  important  aspect  of  the  computation  code  development  is  that  it  be 
directed  specifically  to  the  geometry  of  the  experiment  and  that  it  use 
exact  experimental  initial  conditions  so  that  no  doubt  can  be  cast  on 
the  comparative  results. 

Experiments  that  support  the  modeling  process  can  be  classified 
according  to  the  type  of  closure  proposed.  Bradshaw^11!  broadly  classi- 
fied these  closures  as  first  and  higher  order,  corresponding,  respectively, 
to  closures  either  where  second-order  correlations  like  the  Reynolds 
stresses  are  expressed  in  terms  of  first-order  correlations  like  the 
mean  velocity,  viz.,  algebraic  mixing  length  or  eddy  viscosity  formula- 
tions, or  where  third-  and  higher-order  correlations  ' ~e  expressed  in 
terms  of  second-  and  higher-order  correlations  by  in<.  oducing  additional 
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appropriate  transport  equations.  Table  2 gives  the  elements  of  the 
experiments  required,  depending  on  the  type  of  equation  closure.  Veri- 
fication experiments  by  their  nature  require  documentation  of  mean  and 
surface  quantities  over  the  practical  ranges  of  flight  Mach  and  Reynolds 
numbers.  These  experiments  are  useful  for  any  closure  technique  used. 
First-order  modeling  experiments  are  those  that  require  measurements  of 
the  shear  stress  and  heat  fluxes  across  the  flow  field  because  these 
quantities  provide  insight  into  concepts  used  to  model  these  terms  and 
provide  closure.  Such  experiments  can,  but  need  not  be,  attempted  over 
the  complete  Mach  and  Reynolds  number  ranges  because  the  verification 
experiments  can  test  the  ability  of  the  model  to  perform  outside  the 
domain  where,  e.g.,  the  shear  stresses  have  been  measured.  They  must 
be  performed  at  Reynolds  numbers  sufficiently  high  to  establish  fully 
developed  turbulence.  Higher-order  modeling  experiments  require  that 
fluctuating  measurements  be  made  across  the  flow  field.  Depending  on 
the  order  of  the  closure,  more  and  more  information  on  the  fluctuating 
field  must  be  ascertained.  As  for  any  modeling  experiment,  data  need 
not  be  acquired  over  the  complete  Mach  and  Reynolds  number  domain  pro- 
vided verification  experiments  are  available.  Ideally,  one  well-conceived 
experiment  could  suffice  for  all  three  types  listed  in  Table  1.  More- 
over, the  same  experimental  apparatus  and  instrumentation  can  be  used 
to  eliminate  experimental  uncertainties.  Coles^U  emphasized  this 
latter  aspect  when  commenting  on  the  flows  used  as  the  basis  for  the 
Stanford  Conference.  He  also  emphasized  the  need  for  redundancy  of 
measurement,  complete  documentation  for  future  reference,  and  the  eli- 
mination of  three-dimensional  uncertainties  by,  for  example,  testing 
axisymmetric  configurations. 

3.  INSTRUMENTATION  DEVELOPMENTS 

Verification  and  modeling  experiments  for  incompressible  flows 
have  been  available  for  some  time.  Compressibility  introduces  com- 
plexities into  the  modeling  concepts  as  well  as  the  experiments.  The 
complexity  in  the  experiments  results  from  the  hostile  test  environment 
of  high  Reynolds  numbers  and  high  Mach  numbers  as  well  as  in  the  use 
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and  interpretation  of  fluctuating  measurement  devices.  Recent  instru- 
mentation developments  and  techniques  have  made  it  possible  to  perform 
modeling  experiments  at  high  Reynolds  numbers  and  Mach  numbers.  Results 
from  two  such  experiments  are  given  in  Figures  4 and  5. 

Figure  4 shows  the  results  from  several  experiments  where  shear 
stress  measurements  were  made  across  turbulent  boundary  layers  without 
pressure  gradients.  The  boundary-layer-edge  Mach  number  in  these  ex- 
periments ranged  from  subsonic  through  hypersonic.  The  solid  line  in- 
dicates the  expected  variation  of  the  normalized  total  shear  stress 
shown  in  Reference  12  to  be  independent  of  edge  Mach  number.  The  mea- 
surements, obtained  with  hot-wire  and  hot-film  anemometers  and  a laser 
velocimeter,  show  the  variation  of  the  turbulent  component  of  shear 
stress.  Except  for  the  decreases  near  the  wall  (y/6  < 0.3)  due  mainly 
to  the  relatively  large  probe  size  and  not  the  difference  between  the 
total  and  turbulent  magnitudes  of  shear,  the  data  agree  reasonably  well 
with  the  expected  trends  in  shear  distribution.  Work  is  in  progress 
to  resolve  the  differences  near  the  wall  and  some  success  has  been 
achieved  (Reference  13,  e.g.,  use  of  a split-film  anemometer  minimizes 
the  probe  scale  effects  and  suppresses  the  decrease  to  a location  much 
nearer  the  wall).  From  such  data,  mixing  lengths  or  eddy  viscosities 
in  the  outer  regions  of  a turbulent  boundary  layer  can  be  determined 
for  use  in  first-order  modeling  concepts. 

Figure  5 shows  the  results  of  measurements  of  the  fluctuating 

velocities  and  densities  across  a high-speed  subsonic  turbulent 

boundary  layer^14^.  These  data  were  obtained  with  hot-wire  and  hot- 

film  anemometers  operating  at  high  overheats  so  that  the  sensitivities 

to  various  fluctuations  can  be  separated  . The  solid  lines  are  the 

2 2 2 

usual  ratios  4:3:2  for  (<p'>)  :(<w'>)  :(<v'>)  in  incompressible  flows. 
The  compressible  measurements  agree  reasonably  well  with  the  ratios 
obtained  for  incompressible  flow.  Reasonably  accurate  measurements 
for  the  fluctuating  components  of  the  velocity  field  in  compressible 
flows  can  be  expected.  Also,  for  modeling  purposes,  it  might  only  be 
necessary  to  obtain  trends  in  these  quantities  with  parameter  changes 
such  as  pressure  gradient,  Reynolds  number,  and  Mach  number  rather 
than  absolute  magnitudes. 
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Recent  advances  in  wall  skin-friction  measurements  techniques 
have  also  been  reported  ^ . Results  obtained  using  these  surface- 

mounted  hot-wire  gages  of  the  Ludwig  type  are  presented  later.  The 
advantage  of  these  gages  is  that  they  can  be  used  in  either  laminar 
or  turbulent  flows  and  they  are  insensitive  to  pressure-gradient 
effects. 

4.  EXPERIMENTS 

Some  of  the  building-block  experiments  now  being  used  to  pre- 
dict the  behavior  of  turbulent  boundary  layers  undergoing  separation 
after  their  interaction  with  an  incident  shock  wave  are  described. 

Each  experiment,  in  which  there  is  a significant  coupling  of  the  viscous 
and  inviscid  flow  fields,  has  a companion  computer  simulation  that 
uses  the  complete  time-average,  Navier-Stokes  equations  and  requires 
a large  fast  computer  for  their  solution.  The  experiments,  in  various 
degrees  of  completeness  at  this  time,  cover  a wide  range  of  Mach 
number  and  Reynolds  number. 

4 . 1 Transonic  Regime 

The  first  two  experiments  involve  transonic  flows  with  particular 
interest  directed  toward  shock-boundary- layer  interactions  on  wings. 
Figure  6(a)  shows  the  experimental  arrangement  for  a verification 
experiment  being  performed  on  a wing  that  spans  the  test  section 

of  a high  Reynolds  number  channel  recently  built  at  Ames  Research  Center. 
The  facility  operates  in  a blow-down  mode,  and  the  freestream  Mach 
number  can  be  adjusted  before  or  during  tests  by  a translating  wedge 
that  acts  as  a downstream  choke.  The  upper  and  lower  walls  are  con- 
toured so  that  strong  shocks  would  not  extend  to  the  walls  and  choke 
the  flow.  A thick  circular-arc  wing  (Figure  6(b))  was  chosen  to  allow 
local  airfoil  Mach  numbers  to  achieve  values  where  shock-induced  separa- 
tion would  occur,  but  without  having  the  shock  extend  more  than  about 
2/3  of  the  distance  between  the  wing  and  the  outer  wall.  Surface 
pressures  for  various  Mach  numbers  and  Reynolds  numbers  have  been 
obtained  as  well  as  surface  skin  friction  at  specific  Reynolds 

numbers.  Still  to  be  obtained  are  mean  velocity  data  and  more  skin- 
friction  data. 
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The  wing  experiment  resulted  in  both  shock-induced  and  trailing- 
edge-induced  separation,  depending  on  the  free-stream  Mach  number.  Data 
were  obtained  to  Reynolds  numbers,  based  on  chord  length,  of  17xlOf>. 

At  intermediate  Mach  numbers,  some  unsteadiness  in  the  flow  field 
occurred.  The  results  are  discussed  in  detail  in  Reference  16.  Reynolds- 
number  effects  for  both  the  trailing  edge  and  shock-induced  separation 
were  not  significant  beyond  Reynolds  numbers  of  10x1 0fe  based  on  wing 
chord.  Some  results  obtained  when  shock-induced  separation  occurred 
are  given  in  Figure  7.  Oil-flow  patterns  (lower  portion  of  the  figure) 
illustrate  the  two-dimensionality  of  the  flow  and  the  detail  in  the 
region  downstream  of  separation.  The  shadowgraph  view  near  the  inter- 
action clearly  illustrates  shock-induced  separation.  The  pressure 

★ 

ratios  downstream  of  the  shock  are  below  Cp  , indicating  that  the  flow 
is  slightly  supersonic  and  suggesting  the  presence  of  an  oblique 
shock  (also  apparent  in  the  shadowgraph) . Figure  8 presents  the  air- 
foil pressures  at  several  Reynolds  numbers  and  the  skin-friction 
measurements  at  a single  Reynolds  number.  The  skin-friction  measure- 
ments were  obtainedrecently  by  Rubesin  and  Okuno  using  surface-mounted 
wire  gages  specifically  developed  for  this  experiment  ^ . The 

location  of  separation,  determined  from  the  oil-flow  photograph,  is 
shown  on  the  abscissa  of  the  skin-friction  plot.  This  location  also 
corresponds  to  the  location  of  the  knee  in  the  pressure  curve  down- 
stream of  the  shock.  The  comparison  with  the  computation  is  discussed 
subsequently. 

Figure  9 shows  the  physical  arrangement  of  another  transonic 
flow  experiment  being  used  for  code  verification  and  model  concept 

development.  These  tests  are  also  being  conducted  in  the  Ames  high 
Reynolds  number  channel.  Supersonic  flow  was  developed  at  the  entrance 
of  an  axisymmetric  test  section  and  a normal  shock  wave  was  positioned 
at  a fixed  location  by  adjusting  the  location  of  a downstream  shock 
generator.  The  relative  distance  between  the  shock  wave  and  the  down- 
stream shock  generator  was  always  about  1 m.  Experimental  verification 
data  were  obtained  for  Reynolds  numbers,  based  on  distance  along  a wall 
to  the  location  of  the  shock  wave,  between  9x10^  and  290xl0b.  Over 
this  range  of  Reynolds  number,  Mach  number  varied  between  1.35  and  1.45 
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because  of  the  differences  in  wall  boundary-layer  growth.  With  this 
arrangement,  data  are  also  being  obtained  at  constant  shock  Mach 
number  by  allowing  the  shock  position  to  vary  along  the  tube  surface 
when  the  Reynolds  number  is  varied.  A complete  flow  documentation, 
including  turbulence  measurements,  has  been  performed  at  a Reynolds 
number  of  37x10^  where  the  corresponding  Mach  number  ahead  of  the  shock 
wave  was  1.44. 

Examples  of  the  data  are  presented  in  Figures  10  and  11.  Additional 
results,  including  velocity  profiles  and  velocity  fluctuation  data, 
are  given  in  Reference  17.  The  shock  position  is  located  at  x/^u  = 0. 

The  pressure  rises  rapidly  downstream  of  the  shock  wave  and  causes 
separation,  after  which  it  increases  gradually.  The  corresponding 
skin  friction  is  reduced  ahead,  reverses  sign  in  the  separated  region, 
and  then  increases  thereafter.  The  shear  stress  data  (Figure  11)  were 
obtained  with  a supported  cross-wire  anemometer  specially  designed  to 
withstand  the  high  dynamic  pressures  encountered  in  this  experiment  ^17] . 
The  maximum  shear  stress  in  the  boundary  layer  shows  a significant 
increase  after  the  shock  wave  and  then  decreases  downstream  toward  the 
value  expected  for  a mild  adverse  pressure  gradient.  Downstream 
of  the  shock  wave  beyond  the  effective  boundary  layer,  some  measurable 
shear  was  evident.  It  reverses  sign  because  the  mean  velocity 
profiles  are  retarded,  probably  resulting  from  a coalescence  of  com- 
pression waves  ahead  of  the  shock  wave  . In  this  flow,  the 

height  of  the  separated  zone  was  very  small  and  no  details  were 
measured  in  the  reversed-flow  region. 

Documentation  of  the  mean  flow  over  a wide  range  of  Reynolds 

numbers  is  now  under  way.  These  data  will  be  used  to  assess  the 

ability  of  the  turbulence  model  to  predict  Reynolds -number  effects  on 

quantities  such  as  interaction  lengths,  pressure  rise  to  separation, 

and  the  effects  of  Mach  number  on  incipient  separation.  An  example 

of  this  is  shown  in  Figure  12  wherein  the  pressure  rise  in  separation, 

[18] 

as  determined  from  the  location  of  the  knee  in  the  pressure  curve  , 
and  the  normalized  interaction  lengths,  as  determined  by  measuring 
the  distances  from  the  beginning  of  the  pressure  rise  to  the  location 
of  the  knee  in  the  pressure  curve  and  to  the  point  of  reattachment, 
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are  plotted  as  a function  of  Reynolds  number.  For  these  data,  the 
test  Mach  number  varied  somewhat  because  the  shock  was  always  at  the 
same  axial  location  in  the  test  section.  The  normalized  data  indicate 
that  the  pressure  rise  to  separation  is  unaffected  by  Reynolds  number 
and  that  the  length  of  the  interaction  scales  with  the  initial  boundary- 
layer  thickness.  Additional  data  of  this  type  are  being  obtained  for 
a constant  shock  Mach  number  by  allowing  the  shock  position  to  change 
along  the  tube  surface  when  the  Reynolds  number  is  changed. 

4 . 2 Supersonic  Regime 

One  experiment  being  used  to  verify  the  computations  in  the 

supersonic  regime  is  the  adiabatic  shock-impinging  flow  originally 

f 19] 

reported  by  Reda  and  Murphy  1 . Figure  13  is  a schematic  of  the  test 

arrangement . Shock  waves  of  varying  strength  were  impinged  on  a M = 3 

boundary  layer  developed  along  a tunnel  wall.  For  some  tests,  the 

shocks  were  strong  enough  to  separate  the  flow  on  the  tunnel  wall. 

Mean-flow  profiles  and  surface-pressure  data  were  reported  originally. 

Since  the  original  work  was  completed,  skin-friction  data  have  been 

inferred  from  the  profile  data  and  shear  distribution  upstream 

r 2 1 ] 

and  downstream  of  an  interaction  without  separation  were  measured  1 
Currently,  measurements  throughout  a separated  region,  such  as  velocity 
fluctuations,  shear  distributions,  and  surface  skin  friction,  are 
being  documented. 

The  surface  pressure,  normalized  by  the  upstream  total  pressure, 
and  indirectly  inferred  wall  shear  stress  for  a separated  flow  case  are 
shown  in  Figure  14.  Separation  and  reattachment  points  from  oil -flow 
photographs  are  indicated.  The  pressure  data  have  a plateau  near  the 

[19] 

separation.  Data  for  various  shock  strength  will  be  used  to  assess 

the  ability  of  the  Navier-Stokes  codes  to  predict  the  onset  of 
separation. 

4 . 3 Hypersonic  Regime 

At  the  hypersonic  speeds,  the  axisymmetric  shock  expansion 
boundary- layer  interaction  flow  described  in  Reference  22  is  being 
used  to  guide  turbulence  modeling  concepts.  The  experiment  is  sketched 
in  Figure  15.  The  leading  edge  of  the  shock  generator  was  varied 
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between  5°  and  20°.  Measurements  in  the  axial  direction  were  made 
in  finely  spaced  steps  by  traversing  the  shock  generator  in  the  axial 
direction  during  the  tests.  Complete  flow  documentation,  including 
turbulence  measurements  across  the  flow  field,  is  available  for 
shock  generator  angles  of  7°  and  15°  where  unseparated  and  fully 
separated  interactions  occurred,  respectively.  Surface  pressure,  skin 
friction,  and  heat  transfer  are  available  for  other  generator  angles 
and  will  be  used  to  verify  the  ability  of  the  turbulence  model  to 
predict  the  effects  of  shock  strength  on  separation  at  hypersonic  speeds. 


The  surface  pressure,  skin  friction,  and  heat  transfer  for 

separated  flow  are  shown  in  Figure  16.  Separation  and  reattachment 

points  obtained  from  pitot-pressure  measurements  on  probes  near  the 

[22] 

surface  facing  both  upstream  and  downstream  are  shown.  The 

pressure  increases  through  the  interaction  region  to  a plateau  near 
separation  and  then  rises  farther  after  reattachment.  The  skin  friction 
decreases,  then  rises  downstream  of  reattachment.  The  heat  transfer 
rises  continually.  The  decay  in  pressure  skin  friction,  and  heat 
transfer  downstream  of  the  interaction  results  from  the  expansion  fan 
emanating  from  the  corner  of  the  generator. 

Fluctuating  turbulence  properties  to  be  used  to  guide  modeling 

changes  were  measured  across  the  boundary  layer  at  four  locations 

[23] 

through  the  interaction  . An  example  of  the  measurements  is 
shown  in  Figure  17,  where  the  shear  stresses  at  the  four  measurement 
locations  are  plotted.  It  was  not  possible  to  obtain  shear  measure- 
ments in  the  reversed-flow  region  of  the  separation  bubble  at  the 
second  measurement  station  so  the  expected  trend  has  been  sketched. 

The  measurements  show  many  of  the  same  features  as  for  the  transonic 
test  shown  previously  in  Figure  11.  Through  the  interaction,  the 
maximum  level  of  shear  stress  near  the  separated  region  increases 
significantly.  Downstream  of  reattachment,  (x  - xQ  ) / 6q  > - 1,  the 
shear  profiles  do  not  differ  in  shape  from  those  usually  found  in  zero 
or  slightly  favorable  pressure  gradients.  Turbulence  memory  apparently 

persists  only  for  about  five  boundary- layer  thicknesses  beyond  the 

. [23] 

initial  rise  in  pressure 
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5. 


FLOW-FIELD  SIMULATIONS 


The  flow  fields  experimentally  investigated  have  each  been 

programmed  for  numerical  simulation  on  a CDC-7600  computer.  Each 

program  uses  the  mass-averaged  form  of  the  time -dependent  Navier- 
[24] 

Stokes  equations  and  solves  them  with  the  MacCormack  time-marching 

[25] 

explicit  scheme  with  splitting  . The  complete  Navier-Stokes 
equations  were  used  because  the  viscous  and  inviscid  flows  interact 
significantly;  use  of  approximate  solution  techniques  would  only 
introduce  uncertainty  when  evaluating  the  ability  of  the  turbulence 
models  to  predict  measured  trends  with  Mach  number  and  Reynolds- 
number  variations. 


Each  of  the  programs  and  solution  techniques  have  been  reported 
on  separately  and  their  details  are  not  addressed  here.  Only  the 
general  form  of  the  equations  is  presented  and  some  of  the  terms  in 
the  equations  affected  by  the  turbulence  assumptions  are  discussed 
briefly.  Then  the  results  are  compared  with  experimental  data. 


in 
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Solutions  to  the  above  equations  are  advanced  in  time  until  steady- 

state  solutions  are  achieved.  The  turbulence  terms  to  be  modeled 

appear  in  the  axial,  radial,  and  azimuthal  stress  terms,  a , a , and 

xx  rr 

a„fl,  respectively,  and  in  the  heat-flux  and  shear-stress  terms,  q , 

[17]  x 

qy  and  Txr,  respectively  , e.g., 
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/3u 

\ By 


•f 


(3) 


Turbulence  effects  are  then  introduced  by  using  a scalar  eddy  viscosity 
coefficient. 


UT  = V * e (4) 

The  turbulent  thermal  conductivity  is  related  to  the  eddy  viscosity  by 
introducing  a turbulent  Prandtl  number  that  is  held  constant  for  each 
computation.  The  choice  of  introducing  an  eddy  viscosity  description 
was  dictated  by  two  considerations.  First,  the  initial  objective  of 
the  computations  was  to  simply  asses  the  ability  of  the  codes  to  compute 
a strong  viscid-inviscid  interaction  such  as  that  imposed  when  a shock 
wave  separates  a turbulent  boundary  layer  and,  to  accomplish  this 

f 26 

within  the  numberical  framework  already  established  for  laminar  flows1 

[27] 

the  implementation  of  a Boussinesq  effective  viscosity  formulation 
was  straightforward.  Second,  the  economies  df  computation  using  a 
Navier-Stokes  code  required  that  the  simplest  turbulence  model  available 
be  used,  otherwise  excessive  computation  times  would  make  the  assess- 
ment of  even  the  first  objective  difficult.  While  the  purpose  of  this 
paper  is  not  to  discuss  recent  advances  in  computation  techniques,  it 
can  be  reported  that  the  basic  MacCormack  code  has  been  speeded  up  by 
one  order  of  magnitude1  or  more,  depending  on  the  problem  under 
consideration.  This  was  made  possible  by  rearranging  equation  terms 
into  inviscid  and  viscid  combinations  that  allow  further  splitting 
into  inviscid  and  viscid  operators.  The  inviscid  operators  can  be 
advanced  in  time  steps  larger  than  those  dictated  by  CFL  stability 
condition  by  introducing  certain  characteristics  terms;  the  viscous 
terms  are  advanced  implicitly.  While  the  solutions  may  not  be 
rigorously  accurate  in  time,  their  steady-state  solutions  are.  This 
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major  computational  advance  now  makes  it  economically  feasible  to 
include  higher-order  modeling  concepts  into  the  codes  for  testing 
against  the  experimental  data  and  this  is  now  under  way. 

A baseline  turbulence  model  has  been  used  to  determine  whether 

the  codes  can  predict  the  qualitative  features  of  the  flow  fields. 

Essentially,  the  baseline  model  is  a two-layer,  eddy  viscosity  model 

that  uses  mixing  length  with  Van  Driest  damping  in  the  inner  region 

and  an  eddy  viscosity  that  scales  on  the  incompressible  displacement 

[221 

thickness  in  the  outer  region  . In  equation  form,  in  the  inner 
region : 


where 


e. 

1 


i . ltvJ  p^)j)1/2 

A 26u 

w 


and,  in  the  outer  region. 


e = 0.0168  pu  6?/y 
o e l 


(5) 


(6) 


In  Equation  (6),  6.*  and  y are  the  kinematic  displacement  thickness  and 

1 [22] 

the  Klebenoff  intermittency , respectively  . As  will  be  shown,  solu- 
tions using  the  baseline  model  indicate  that  the  computations  can 
indeed  predict  all  the  qualitative  features  of  the  flow  field,  but 
improvements  in  the  baseline  model  are  required  before  quantitative 
features  can  be  predicted. 

Modifications  to  improve  the  predictions  using  the  Boussinesq 

formulation  have  been  guided  by  experiments  in  two  separate  approaches, 

both  resulting  in  essentially  the  same  findings.  The  first  used 

experimental  data  to  introduce  an  axial  dependence  on  the  baseline 

[22] 

model  constants  throughout  the  interaction  zone  . Results  with 
this  technique  showed  improvement  but  the  generalization  to  other 
flows  was  limited.  Essentially,  the  experimental  results  of  Reference 
22  showed  that,  in  the  separation  zone,  the  effective  mixing  lengths 
in  the  wall  region  were  smaller  than  those  predicted  by  the  baseline 
model  and  downstream  they  were  higher.  Both  results  seem  to  indicate 
that  the  corresponding  effective  eddy  viscosities  were  lower  and  higher 
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than  the  baseline  values  within  and  downstream  of  the  interaction, 

respectively.  The  second  approach  introduced  the  concept  of  relaxa- 
[21,291 

tion  into  the  model  \ . This  relaxation  concept  was  postulated  on 

the  basis  of  comparisons  with  experimental  pressure  data  (as  in 
Reference  29)  or  on  the  basis  of  interpretation  of  turbulence  measure- 
ments (as  in  References  21  and  23).  The  latter  measurements  showed 
that  the  turbulence  took  a finite  distance  to  equilibrate  with  the 
changes  in  mean  flow  through  the  interaction.  This  finite  distance  is 
somewhat  different  for  each  flow,  and  apparently  depends  on  Mach  and 
Reynolds  numbers.  In  equation  form,  relaxation  can  be  described 
either  on  a global  or  a point-by-point  departure  from  the  baseline 
model  as  follows: 


e = e + (e 

u eq 


eu)[1  - exp  ^ ] 


(7) 


or 


e(x)  = e(x  - Vx)  + 


A x 

[ce  (x)  - e(x  - Ax)  []  1 - exp(-  j-A)  1 (8) 


where  e is  evaluated  using  the  baseline 
eq  & 

determined  mean  flow  properties  and  L is 
length. 


formulation  with  locally 
an  arbitrary  relaxation 


Each  of  the  experimentally  determined  flow  fields  has  been  computed 
using  the  baseline  and  relaxation  models,  then  they  are  compared  with 
the  data  in  each  of  the  figures  introduced  previously.  In  each  appli- 
cation, the  investigator  introduced  some  differences  in  the  details 
of  applying  the  baseline  and  relaxation  models  described  above.  These 
details  are  discussed  in  the  references  cited.  The  observed  trends 
of  interest  here  are  not  thought  to  be  affected  by  these  differences, 
however. 


5 . 1 Transonic  Regime 

The  data  from  the  transonic-wing  experiment  are  compared  with 
the  computations  in  Figure  8.  With  the  baseline  model,  the  overall 
features  of  the  flow  field  are  predicted  reasonably  well.  For 
example,  the  trend  of  increasing  airfoil  peak  Mach  number  with 
Reynolds  number  is  predicted,  as  is  separation  due  to  shock  inter- 
action. Downstream  of  the  shock,  where  the  flow  separates,  the 
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pressure  recovery  is  overpredicted  because  the  predicted  shock  wave  is 
normal,  whereas  the  experimental  shock  wave  is  oblique.  A comparison 
of  the  predicted  and  measured  skin  friction  at  Re  = 10^  further 
illustrates  the  differences  in  that  region  as  the  location  of  pre- 
dicted separation  is  downstream  of  that  location  determined  from  the 
oil-flow  photographs.  Use  of  the  relaxation  concept  with  one 
boundary- layer  thickness  for  L (relaxation  length)  tends  to  shift 
the  location  of  the  shock  wave  closer  to  the  leading  edge,  reduces 
the  peak  Mach  number  and  resulting  shock  strength,  but  the  pressure 
recovery  is  still  overpredicted.  (Solutions  using  other  choices  for 
L did  not  improve  the  results Relaxation  model  solutions  were 
:iot  computed  at  the  higher  Reynolds  number,  but  closer  agreement  with 
the  separation  location  would  be  expected.  For  lower  Mach  numbers, 
where  the  flow  is  not  separated  but  where  viscous  effects  are  still 
important,  the  computations  using  the  baseline  model  compare  very 

favorably  with  the  data,  except  at  the  trailing  edge  where  extensive 
, [30] 

separation  occurred 

Comparisons  of  the  computations  with  the  data  from  the  normal 
shock-wave  experiment  are  presented  in  Figures  10  to  12.  As  mentioned 
in  Reference  17,  the  height  of  the  separation  zone  uas  fairly  small, 
but  the  length  of  separation  was  large,  perhaps  6-12  boundary- layer 
thicknesses,  depending  on  the  techniques  of  measurement.  The 
pressure  prediction  agrees  well  with  the  data.  The  skin  friction  is 
underestimated  downstream.  Including  local  relaxation  with  a 
relaxation  length,  1.,  of  10  boundary- layer  thicknesses  in  the  turbu- 
lence model  (i.e. , Equation  (8)]  resulted  in  poorer  agreement  in  the 
skin  friction  downstream  and  no  significant  changes  in  the  pressure 
rise.  The  shear  distributions  obtained  using  the  global  relaxation 
model  are  compared  with  the  data  in  Figure  11  at  three  locations 
downstream  of  the  wave.  Similar  results  were  obtained  with  the 
baseline  and  local  relaxation  models.  The  computations  fail  to 
predict  the  significant  increase  in  shear  at  the  first  station  and, 
evidently,  this  continues  to  affect  the  prediction  downstream.  The 
effects  of  Reynolds  number  on  the  interaction  are  compared  in 
Figure  12.  The  predicted  separation  pressures  and  length  of  inter- 
action to  the  separation  point  are  compared  with  the  experimental 
pressure  and  length  evaluated  at  the  knee  in  the  pressure  curve. 
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The  trends  with  Reynolds  number  are  predicted  reasonably  well.  The 
separation  point  from  the  computations  occurs  upstream  of  the  knee 
in  the  pressure  curve.  The  overall  length  of  the  interaction  is 
underpredicted.  All  calculations  shown  in  this  figure  were  made 
recently  by  J.  R.  Viegas  using  the  new  faster  version  of  the 
MacCormack  code1  . These  new  calculations  took  less  than  10 
minutes  on  a CDC-7600,  whereas  the  first  computations  took 
about  5 hours  on  the  same  computer. 

5.2  Supersonic  Regime 

Comparisons  for  the  oblique-shock  interaction  using  the  base- 
line and  relaxation  turbulence  models  are  shown  in  Figure  14.  For 
the  oblique-shock  interaction,  the  baseline  model  predicts  the  overall 
pressure  rise  reasonably  well  and  also  predicts  separation.  However, 
no  appreciable  upstream  influence  in  the  pressure  and  no  plateau  are 
indicated  in  the  calculations  because  the  size  of  the  separation 
bubble  is  underpredicted.  Introducing  the  relaxation  concept  with 
L = 5 boundary- layer  thicknesses  corrects  this  deficiency  because 
it  lowers  the  effective  eddy  viscosity  near  the  separation,  thus 
increasing  the  size  of  the  separated  zone,  which  in  turn  introduces  a 
plateau  in  the  pressure  rise  curve.  The  location  of  separation  is 
predicted  with  the  relaxation  model,  but  the  reattachment  location 
is  too  far  downstream.  The  comparison  with  the  wall  shear  downstream 
of  reattachment  where  the  boundary  layer  thins  may  appear  better 
than  is  the  actual  case  because  these  computations  were  made  with 
a relatively  coarse  grid,  and  in  the  downstream  locations  the  first 
computation  point  away  from  the  wall  was  in  the  logarithmic  region 
of  the  turbulent  boundary  layer.  Since  the  method  used  to  obtain 
derivatives  at  the  wall  requires  calculated  points  within  the  sub 
layer  recion,  the  predicted  shear  is  expected  to  be  lower  than  the 
measurements,  and  the  results  would  be  similar  to  those  for  the 
transonic  normal -shock  comparisons . 

5 . 3 Hypersonic  Regime 

In  Figure  16,  the  predicted  results  and  experimental  data  are 

compared.  As  with  the  supersonic  oblique-shock  interaction,  the 

baseline  model  prediction  reproduces  the  overall  trends  in  the  data 

but  is  deficient  in  the  separated  region.  Recent  calculations  by 
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T.  J.  Coakley  using  a relaxation  model  with  L = 5 boundary- layer 
thicknesses  (as  indicated  by  the  turbulence  measurements  from 
Reference  23)  improve  the  situation  somewhat.  (See,  e.g..  Figure  17 
and  the  previous  discussion  of  Figure  17.)  The  height  of  the 
separation  is  greater  and  the  resulting  upstream  influence  leads  to 
a plateau  in  the  pressure.  The  location  where  skin  friction  begins  to 
decrease  is  predicted,  but  the  extent  of  the  separation  in  the  axial 
direction  is  overpredicted  significantly,  much  as  for  the  supersonic 
example.  The  heat  t-ansfer  is  underpredicted  throughout  the  inter- 
action region  with  either  model. 

From  an  examination  of  all  the  comparisons,  general  observations 
about  the  computations  can  be  made.  In  most  cases,  the  pressure  rise 
can  be  predicted  reasonably  well  with  a simple  eddy  viscosity 
description  for  the  turbulence.  The  exception  is  for  the  transonic 
wing  where  the  shock-induced  separation  was  very  large  and  extended 
from  the  foot  of  the  shock  beyond  the  trailing  edge.  The  eddy 
viscosity  concept  is  deficient  in  providing  the  proper  details  within 
the  separated  zone  and  this,  in  turn,  apparently  affects  the  entire 
flow  field  when  the  separation  zones  are  large,  viz.,  the  oblique- 
shock  cases.  Introducing  relaxation  tends  to  improve  the  situation 
somewhat  because  it  decreases  the  eddy  viscosity  in  the  region  of 
separation,  resulting  in  an  increase  in  the  height  of  the  separation. 
However,  the  net  decrease  in  eddy  viscosity  persists  beyond  the 
separated  zone  even  for  short  relaxation  lengths,  and  the  codes 
underpredict  the  skin  friction  downstream.  Interpretation  of  the 
modeling  experiments  indicates  the  need  for  an  increase  in  effective 
eddy  vi  cosity  downstream  of  reattachment.  Therefore,  improved 
turbulence  models  that  more  closely  reflect  the  experimental  findings 
must  be  introduced  before  realistic  simulations  can  be  made. 

6.  CONCLUDING  REMARKS 

Experiments  of  two  types  needed  to  achieve  the  objectives  of 
numerically  simulating,  highly  interacting  turbulent  flows  were 
described.  These  experiments  were  classified  as  verification  and 
modeling  experiments:  verification  experiments  that  measure  mean 

flow  and  surface  quantities  could  suffice  for  checking  the  code's 
ability  to  predict  correctly  over  a range  of  Mach  and  Reynolds 
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numbers,  whereas  turbulence  modeling  experiments  require,  in  addi- 
tion to  mean-flow  measurements,  that  fluctuating  measurements  be 
made  to  the  degree  of  complexity  called  for  in  the  order  of  the 
modeling  closure  technique.  From  the  numerical  simulation  viewpoint, 
the  lowest-order  closure  technique  is  more  desirable  because  the 
complexity  of  the  numerical  procedures  and  the  computation  times 
can  be  reduced. 

Progress  in  modeling  turbulence  for  the  computer  codes  using 
the  Navier-Stokes  equations  has  been  limited  so  far  to  modifications 
of  the  simple  eddy  viscosity  descriptions  because  the  computation 
times  have  been  excessive.  Recent  developments  in  the  method  for 
solving  the  Navier-Stokes  equations  have  altered  that  situation 
because  the  computations  have  been  speeded  up  by  several  orders  of 
magnitude.  Computer  simulations  that  use  higher-order  modeling 
concepts  are  forthcoming,  and  it  is  expected  that  these  will  more 
closely  resemble  the  experimentally  observed  results. 


I 

I 
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Figure  1.  Mach  and  Reynolds  number  domain  for 
aerospace  vehicles. 


Figure  2.  Mach  and  Reynolds  number  domain  for 
experiments  compared  with  that  for 
aerospace  vehicles. 
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Figure  3.  Process  of  physical  modeling  for 
computer  code  development. 
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Figure  4. 


Figure  5 


Shear-stress  measurements  in  compressible  flows. 
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(b)  Wing  design 

F.xperimental  arrangement  for  a transonic  wing 
undergoing  shock- induced  separation. 
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Figure  fa. 


Figure  7. 


Figure  8 


Figure  9 


Shock- induced  boundary- layer  separation  experiment 
on  a bioconvex  circular-arc  airfoil; 

Re  = 10.3x10s,  = 0.786. 
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Results  from  the  shock- induced  separation 
experiment  on  a bioconvex  circular-arc  airfoil. 
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Figure  10.  Results  from  the  normal-shock -wave  experiment, 
M = 1.44  and  Re  = 37*106. 
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Figure  11.  Shear-stress  profiles  from  the  normal--shock-wave 
experiment,  = 1.44  and  Re  = 37*10r’ . 
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Figure  12.  F.ffect  of  Reynolds  number  on  pressure  rise  to 
separation  and  on  various  interaction  lengths. 
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figure  13.  Experiment a 1 arrangement  for  a supersonic  oblique- 
shock-wave,  boundary- layer  interaction  experiment, 
M =3.0  and  Re.  = 9.73*10'. 
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gure  14.  Results  from  the  supersonic  oblique-shock-wave 
boundary- layer  interaction  experiment,  Mro  = 3. 
and  Re,  = 9.73*105. 
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figure  15.  Experimental  arrangement  for  an  axially  symmetric 
hypersonic  oblique  shock-expansion,  boundary- layer 
interaction  experiment,  = b.9  and  Rex  = 13*10  . 
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Figure  16.  Results  from  the  hypersonic  oblique-shock-expansion, 

boundary- layer  interaction  experiment,  M = 6.9  and 

Re  = 13*106. 
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Figure  17.  Shear-stress  distributions  for  the  hypersonic 

oblique-shock-expansion,  boundary- layer  interaction 
experiment,  = 6.9  and  Re^  = 13*106. 
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TURBULENT  FLOW  NEAR  A WALL  BASED  ON  A 
TURBULENT  KINETIC  ENERGY  EQUATION* 
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OBJECTIVE 


AN  ANALYTICAL  INVESTIGATION  OF  TURBULENT  FLOW 
NEAR  A SMOOTH  IMPERMEABLE  WALL 


A P P ROACH 

1.  RELATE  THE  REYNOLDS  STRESS  TO  THE  TURBULENT 
KINETIC  ENERGY 

2.  ASSUME  THE  TOTAL  SHEAR  STRESS  IS  CONSTANT 
NEAR  THE  WALL 

3.  SOLVE  THE  MOMENTUM  AND  TURBULENT  KINETIC 
ENERGY  EQUATIONS  ANALYTICALLY 
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Dinensionless  Tencerature, 


CONCLUSIONS 

ASSUMPTIONS: 

1)  Turbulent  Kinetic  Energy  Is  Proportional  to  the  Reynolds  Stress 

2)  Shear  Stress  Is  Constant  Near  the  Wall 

RESULTS: 

Simple  Analytical  Expressions  for  Various  Mean  Flow  Turbulent 
Quantities  Near  the  Wall 
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S0M1  EFFECTS  OF  SCALF  AND  REYNOLDS  NUMBF.R 
ON  Till  TRANSONIC  SHOCK  - BOUNDARY  UYF.R  INTERACTION* 

by 

John  D.  Lee 

The  Ohio  State  University 

The  Aeronautical  and  Astronautical  Research  Laboratory 

Columbus,  Ohio 


The  reaction  of  the  boundary  layer  to  compression  in  the 
transonic  range  often  produces  an  extensive  effect  upon  the  flow 
field  near  a vehicle  and  hence  upon  the  aerodynamic  forces.  The 
phenomenon  will  remain  poorly  understood  and  unpredictable  until 
there  is  available  a body  of  reliable  experimental  evidence  from 
which  accurate  conclusions  may  be  drawn,  and  against  which  theore- 
tical predictions  may  be  compared.  The  influences  of  Reynolds 
number  and  of  scale  are  particularly  important  at  the  conditions 
under  which  most  simulation  is  conducted.  Usually  these  conditions 
are  such  that  the  boundary  layer  is  relatively  thicker  than  in 
flight,  even  at  the  same  Reynolds  number.  Thus  it  is  necessary  to 
know  if  the  differences  are  important,  i.e.,  whether  the  simulation 
is  adequate. 

Various  experiments  have  been  performed  in  the  transonic  wind 
tunnels  of  the  OSU-AARL  to  acquire  data  on  the  influence  of  Reynolds 
number  and  scale  using  bodies  and  airfoils.  The  results  from  a 
number  of  these  are  used  here  to  illustrate  the  variety  of  effects 
even  in  relatively  simple  flows.  Data  presented  are  from  airfoil 
models  in  two  tunnels:  the  6 in.  by  22  in.  airfoil  tunnel  which  is 

essentially  interference-free  and  the  4 in.  by  10  in.  airfoil  tunnel 
which  is  used  for  wide  variations  in  Reynolds  number.  Boattail -body 
data  are  also  shown  from  tests  conducted  in  the  9 in.  by  12  in. 
tunnel,  which  is  also  operated  over  a 15:1  range  in  Reynolds  number. 
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Pressure  distributions  on  a section  of  the  C-141  wing  in 
flight  tests  (as  reported  in  AFFDL-TR-68-84)  were  simulated  on  an 
airfoil  model,  a typical  comparison  being  that  shown  in  Figure  1. 
The  results  of  varying  the  Reynolds  number  for  the  flow  over  this 
model  are  seen  in  Figure  2 to  be  quite  small;  other  conditions 
showed  larger  variations  in  the  location  of  the  shock,  that  in 
Figure  3 being  the  greatest.  Data  from  a section  of  a different 
shape  shown  in  Figure  4 show  even  less  sensitivity  to  Reynolds 
number  variations  in  the  range  tested  (6  to  60  x 10^) . 

Boattail  pressure  distributions  showed  an  insensitivity  to 
variations  in  Reynolds  number  (Figure  5)  until  a dummy  sting  was 
added  for  partial  simulation  of  an  engine  exhaust  (Figure  6). 

The  resultant  trend  with  Reynolds  number  can  aen  be  identified 
with  the  local  interaction  with  the  sting,  whereas  the  shock- 
boundary layer  interaction  remained  almost  unaffected  as  with  no 
sting.  In  the  case  of  a boattail  of  larger  angle  (Figure  7)  where 
the  boundary  layer  was  completely  separated  at  the  site  of  the 
shock,  no  dependence  on  Reynolds  number  was  noticed. 

A test  program  using  models  of  the  NACA  0012  profile  produced 
information  on  the  behavior  of  the  flow  field  for  this  type  of 
airfoil  in  supercritical  flow,  into  a lower  range  of  Reynolds 
numbers  than  reported  for  the  other  models.  Since  flow  in  this 
channel  (the  6 in.  by  22  in.  airfoil  tunnel)  is  almost  entirely 
free  of  interference  for  models  with  chords  less  than  8 inches,  it 
provides  a means  of  data  comparison  for  scale  as  well  as  Reynolds 
number  effects.  Figures  8 and  9 show  the  lack  of  interference 
present  in  both  subcritical  and  supercritical  flow. 

In  the  example  cases  where  Cp-distributions  are  compared 
(Figures  10  through  13)  in  the  Reynolds  number  range  from  2 to  8 
million  and  for  models  having  chords  of  3 inches  and  6 inches, 
the  details  can  be  discerened  by  careful  examination.  Several 
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possibilities  are  illustrated  for  this  range  of  Reynolds  number: 

(a)  Little  or  no  variation  with  Re  or  scale. 

(b)  A smooth  variation  with  Re. 

(c)  Variations  related  to  both  scale  and  Reynolds  number. 

(d)  Shock-interactions  on  both  upper  and  lower  surfaces, 
interfering  with  each  other. 

By  comparing  the  data  from  the  two  models,  a small  scale  effect 
appeared  in  some  cases  in  that  the  effective  Reynolds  number  for 
the  smaller  model  was  apparently  higher  than  the  calculated  value. 

Over  the  range  of  such  interactions,  realistic  comparisons 
and  analysis  can  be  obtained  only  if  a very  tight  control  is  main- 
tained over  Mach  number  (to  ♦ 0.002)  and  attack  angle  (to  * 0.05°) 
since,  under  some  conditions,  the  flow  field  is  extremely  sensitive 
to  both  of  these  parameters.  The  variation  of  integrated  lift  and 
pitching  moment  over  the  Mach  number  range,  as  given  in  Figure  14, 
reflects  the  sensitivity  to  Mach  number  in  the  case  of  the  NACA 
0012  profile.  Such  information  is  a necessary  prerequisite  to  a 
detailed  study  of  the  local  interactions. 
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Flight  Test  Data  From  Suction  Surface  of  C-141  (eta  = 0.389)  Wing 
(Ref.  AFFDL-TR-68-84)  in  Comparison  With  Wind  Tunnel  Data  (M  = 0.8 
Tunnel  a = 5°) 
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Figure  3,  Pressure  Distribution  on  C-141  Section. 
M = 0,893. 


Figure  4.  Pressure  Distributions  on  Supercritical  Section. 
M = 0.800. 
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Figure  6.  Pressure  Distributions  On  Boattail  No.  2 (Nom.  15  ) With 
Dummy  Sting.  Variation  With  Reynolds  Number  at  Mach 


Pressure  Distributions  on  Boattail  No.  3 
(Nom.  25°  ) With  Dummy  Sting.  Variation 
with  Reynolds  Number  at  Mach  Number  0.81 
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Figure  13.  Pressure  Distributions  on  Both  Surfaces  of  the 
NACA  0012  Profile,  M = 0.891,  a = 2.0°,  Showing 
Scale  and  Reynolds  Number  Effects. 
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Figure  14.  Lift  and  Pitching  Moment  (quarter-chord)  on  the 
NACA  0012  Section  in  the  Supercritical  Range, 
c = 6 in.,  Re  = 6 x 106,  a = 4°. 
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TURBULENT  BOUNDARY  LAYER  MEASUREMENTS  ON  A 
SPINNING  TANGENT-OGIVE-CYLINDER  AT  ANGLE  OF 
ATTACK 


by 

J.  E.  Danberg 
University  of  Delaware 
Newark,  DE 

and 

W.  B.  Sturek 

U.  S.  Army  Ballistic  Research  Laboratories 
Aberdeen  Proving  Ground,  MD 

ABSTRACT 

Experimental  measurements  of  the  tripped  turbulent  boundary 
layer  profile  characteristics  on  a yawed,  spinning  tangent-ogive- 
cylinder  model  are  described.  The  profile  measurements  were  made 
using  a flattened  total  head  probe  at  30°  increments  completely 
about  the  azimuthal  plane  for  three  longitudinal  stations  at  M=3, 
a=4°,  u)=0,  and  10,000  RPM.  Wall  static  pressure  measurements  were 
obtained  in  order  to  compute  velocity  profiles  from  the  measured 
total  head  pressure.  The  data  have  been  analyzed  according  to  "law 
of  the  wall-law  of  the  wake"  concepts  using  a least  squares  fitting 
technique.  The  effect  of  azimuthal  position  is  revealed  in  the 
growth  of  the  wake  parameter  by  a factor  of  two  from  the  wind  to  the 
lee-side.  A small  but  consistent  effect  of  spin  is  also  apparent. 
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LIST  OF  SYMBOLS 
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y 

3 

6 
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s 

V 

TT 
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Law  of  the  wall  profile  parameter 
Prandtl  mixing  length  constant  0.4 
Temperature 

Longitudinal  velocity  component 


A velocity  seale  parameter 

1/2 

Wall  shear  velocity  = (x  /p  ) 

1 or  or 

Transformed  velocity  (see  eqn.  (2)) 
Coordinate  normal  to  surface 


(T  -T  ) / (T  -T 
aw  w te  w 


) 


Boundary  layer  thickness 


A boundary  layer  thickness  parameter 

Kinematic  viscosity 

Law  of  the  wake  profile  parameter 

Density 


Subscripts 
aw  Adiabatic  wall 

e Edge  of  the  boundary  layer 

t Total  temperature 

w Wal  1 


1. 


INTRODUCTION 


The  U.S.  Army  Ballistic  Research  Laboratories  is  interested 
in  the  boundary  layer  development  on  yawed,  spinning  slender  bodies 
of  revolution  for  application  to  the  design  of  artillery  projectiles 
in  general  and  for  gaining  further  knowledge  of  the  Magnus  effect  in 
particular.  Reference  1 presents  some  experimental  evidence  showing 
the  significant  effect  that  the  boundary  layer  configuration  has  on 
the  Magnus  force  experienced  by  a yawed,  spinning  body  of  revolution 
as  well  as  a discussion  of  the  influence  of  Magnus  on  the  aero- 
dynamic stability  of  a spin  stabilized  projectile.  Turbulent  boundary 
layer  development  over  non-spinning  bodies  of  revolution  is  also  of 
interest  to  the  Army  in  the  aerodynamics  of  missiles. 

Recent  advances  in  computational  fluid  dynamics  have  resulted 
in  increased  effort  toward  computation  of  three  dimensional  boundary 
layer  development.  References  2-5  report  three  dimensional,  laminar, 
and  turbulent  compressible  boundary  layer  computations  for  bodies 
of  revolution.  Comparisons  of  the  computations  to  experimental 
boundary  layer  profile  data  have  indicated  encouraging  agreement  with 
the  experimental  data.  This  indicates  that  the  numerical  techniques 
are  working  well;  however,  comparisons  to  detailed  profile  data  have 
only  been  made  for  cone  models.  Comparisons  to  cone  data  do  not 
test  the  computation  technique's  ability  to  cope  with  effects  such 
as  longitudinal  pressure  gradient  or  changes  in  wall  curvature. 
Experimental  data  for  comparison  to  theoretical  computations  of  three 
dimensional  compressible  turbulent  boundary  layer  development  avail- 
able in  the  literature  are  extremely  scarce.  References  6 and  7 
report  experimental  measurements  of  the  compressible  turbulent 
boundary  layer  on  yawed  cones.  Similar  experimental  measurements 
for  a more  general  body  configuration  such  as  an  ogive-cylinder  are 
not  available  in  the  open  literature. 

The  objective  of  this  experimental  effort  is  to  obtain  detailed 
turbulent  boundary  layer  profile  data  that  will  be  useful  for  com- 
parisons with  theoretical  computations.  This  paper  describes 
measurements  of  the  tripped  turbulent  boundary  layer  on  a yawed, 
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spinning  tangent-ogi ve-cyl inder  model.  Measurements  were  made  for 
the  model  spinning  at  a rate  of  10,000  RPM  and  also  while  the  model 
was  not  spinning.  These  measurements  were  made  at  three  longitudinal 
stations  on  the  cylinder  portion  of  the  model  for  azimuthal  stations 
completely  about  the  circumference  of  the  model  in  thirty  degree 
increments . 

2.  THE  EXPERIMENT 

2 . 1 Test  Facility 

[8] 

The  tests  were  run  in  the  BRL  Supersonic  Wind  Tunnel  No.  1 
This  is  a symmetric,  continuous  flow,  closed  circuit  facility  with  a 
flexible  plate  nozzel.  The  test  section  has  a height  of  38  cm  and 
a width  of  33  cm.  The  nominal  tunnel  operating  conditions  were 
M = 3.0,  p = 0.299  X 10^  Pa,  and  T = 308°K.  The  total  pressure 
was  maintained  within  +_  1°K  during  each  individual  test  run.  The 
Reynolds  number  based  on  model  length  was  7.4  X 10^. 

2. 2 Mode  I 

The  model  used  was  a seven  caliber  long  tangent-ogive-cylinder 
with  a one-caliber  ogive  section.  The  diameter  of  the  model  was 
5.08  cm.  A schematic  drawing  showing  the  model  geometry  is  given  in 
Figure  1.  The  model  was  suspended  on  ball  bearings  and  an  internal 
air  driven  turbine  was  used  to  drive  the  model  in  spin.  The  model 
was  made  of  high  strength  aluminum  alloy  and  was  highly  polished. 

The  model  was  dynamically  balanced  to  a tolerance  of  2.1  gram-cm. 

A boundary  layer  trip  consisting  of  a 0.64  cm  wide  band  of  #80  sand 
grit  was  placed  2.5  cm  from  the  tip  of  the  model. 

2 . 3 Survey  Mechanism 

The  survey  mechanism  was  designed  to  drive  the  probe  perpendicul ar 
to  the  axis  of  the  model.  The  probe  is  positioned  by  a cam  that  is 
rotated  using  an  electric  motor  mounted  within  the  angle-of-attack 
crescent.  Since  the  survey  mechanism  is  attached  to  the  angle  of 
attack  crescent,  the  probe  is  driven  perpendicular  to  the  axis  of 
the  model  for  any  angle  g>f  attack  setting.  The  azimuthal  position 
is  determined  by  selecting  predrilled  mounting  holes  placed  at  30° 
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increments.  The  number  of  azimuthal  position  changes  was  kept  to 
a minimum  by  obtaining  data  at  positive  and  negative  angles  of 
attack . 

The  survey  mechanism  was  calibrated  by  using  a dial  indicator 
to  indicate  the  displacement  of  the  probe  support  in  thousandths  of 
an  inch  to  establish  a table  of  displacement  versus  electrical  output 
signal  from  the  probe  drive  mechanism.  In  the  data  reduction  procedure 
divided  difference  interpolation  was  used  to  determine  the  y position 
for  a given  electrical  signal . The  coordinate  system  is  indicated  in 
Figure  2. 

2 . 4 Test  Procedure 

Total  head  surveys  were  made  of  the  boundary  layer  at  three 
longitudinal  positions  along  the  cylinder  portion  of  the  model  for 
an  angle  of  attack  of  4°,  M = 3,  and  for  spin  rates  of  zero  and 
10,000  RPM.  The  total  head  probe  used  had  a flattened  tip.  The 
probe  tip  has  an  opening  of  0.076  mm  with  a lip  thickness  of  0.025  mm 
and  was  2.5  mm  in  width.  The  probe  was  positioned  to  measure  the 
pressure  along  lines  parallel  to  the  model  axis. 

1'he  survevs  were  made  by  starting  the  measurements  well  beyond 
the  edge  of  the  boundary  layer--at  y ~ 1.25  cm  whereas  the  largest 
6 was  about  0.65  cm.  The  pressure  signal  from  the  total  head  probe 
was  measured  using  a strain  gage  transducer  that  was  calibrated  within 
+ 0.025  percent  of  its  full  scale  range--0-25  psi  (0-0.172  X 10*1  Pa). 
Measurements  were  made  while  holding  the  probe  in  a fixed  position 
after  allowing  approximately  thirty  seconds  for  the  pressure  signal 
to  stabilize.  The  position  of  the  model  surface  was  detected  by 
electrical  signal  when  the  probe  contacted  the  surface  of  the  non- 
spinning model.  Immediately  following  the  survey  for  the  model  not 
spinning,  the  model  was  spun  to  10,000  RPM  and  another  survey  made 
again  starting  from  well  beyond  the  outer  edge  of  the  viscous  region. 
The  model  spin  rate  was  held  constant  within  +_  50  RPM  during  the 
survey  using  an  automatic  control  on  the  air  supply  to  the  driving 
turbine.  These  surveys  were  stopped  close  to,  but  not  touching,  the 
model  surface  in  order  to  preclude  damage  to  the  model  surface  or  the 
total  head  probe.  F.ach  survey  consisted  of  35-40  data  points. 
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2.5  Wall  Static  Pressure  Measurements 


Measurements  of  wall  static  pressure  have  been  made  in  order  to 
compute  velocity  profiles  from  the  measurements  of  total  pressure 
distribution  through  the  boundary  layer.  The  model  used  for  the  wall 
pressure  measurements  was  a non-spinning  model  identical  in  outside 
dimensions  to  that  used  for  the  boundary  layer  surveys.  Wall  pressure 
taps  were  located  at  nine  (9)  positions  on  the  cylinder  portion  of  the 
model.  The  inside  diameter  of  the  wall  pressure  taps  was  0.0599  cm. 
The  model  and  strut  support  were  mounted  in  the  roll  head  mechanism 
which  allows  the  model  to  be  rotated  in  azimuth  from  <j>  = -90°  to 
<J>  = 180°.  Measurements  were  obtained  for  angles  of  attack  from 
0°  to  10°  for  10°  increments  in  azimuthal  position.  The  pressure 
leads  from  the  model  were  approximately  3 meters  in  length  and  were 
connected  to  a pressure  scanner  unit.  Each  pressure  transducers  are 
calibrated  within  + 0.25  percent  of  their  full  scale  range  of  0-5 
psia  (0-.0344  X 106  Pa) . 

2 . 6 Data  Reduction 

The  Mach  number  distribution  within  the  boundary  layer  has 

been  calculated  from  measured  values  of  total  pressure  and  wall 

static  pressure  using  the  Rayleigh  pitot  formula.  Velocity  and 

density  profiles  have  been  calculated  from  the  Mach  number  profiles 

assuming  a linear  variation  of  0’  - T ) / (T  - T ) vs  u/u 

6 t aw7  v te  aw'  e 

where  the  adiabatic  wall  temperature  was  calculated  assuming  a 
recovery  factor  of  0.88.  Integral  properties  of  the  boundary  layer 
were  calculated  by  integrating  the  profile  data  using  a Fortran 
subroutine  which  fits  a curve  to  the  tabulated  data. 

3.  DISCUSSION  OF  THE  RESULTS 

Examples  of  the  velocity  profile  data  for  zero  spin  are  shown 
in  Figures  3,  4,  and  5.  These  profiles  clearly  show  the  growth  of 
the  boundary  layer  in  the  azimuthal  and  longitudinal  directions. 
Unusual  inflection  points  are  noticeable  in  several  of  the  profiles, 
particularly  in  Figure  4 for  4>  = 0°  and  $ = 180°.  This  behavior 
suggests  the  presence  of  vortices  submerged  within  the  boundary  layer 


I 

or  a tendency  to  approach  separation.  This  behavior,  however,  is 
not  strongly  evident  at  the  next  downstream  station  shown  in  Figure  5. 
Laser  light  water  vapor  flow  visualization  studies  revealed  a vortical 
structure  submerged  within  the  boundary  layer  on  the  lee  side  of  the 
model  near  the  base.  Boundary  layer  separation  was  not  indicated  until 
the  angle  of  attack  reached  6°. 

Wall  static  pressure  measurements  for  four  azimuthal  stations  at 
a = 4°  are  shown  in  Figure  6.  These  data  indicate  that  the  azimuthal 
pressure  gradient  changes  from  always  favorable  near  the  nose  of  the 
model  to  favorable  and  adverse  as  the  base  of  the  model  is  approached. 
The  longitudinal  pressure  gradient  changes  from  mildly  favorable  on 
the  windside  of  the  model  to  strongly  adverse  as  the  lee-side  of  the 
model  is  approached.  The  influence  of  the  longitudinal  and  circum- 
ferential adverse  pressure  gradients  is  seen  in  the  rapid  growth 
of  the  lee-side  boundary  layer  profiles  shown  in  Figures  4 and  5. 

The  integral  properties  of  the  boundary  layer  are  shown  in 
Figures  7,  8,  and  9.  These  data  indicate  that  little  effect  of  spin 
is  evident  except  at  the  last  station.  Figure  9 shows  that  the 
effect  of  spin  is  to  decrease  the  boundary  layer  thickness  on  the 
side  where  surface  spin  and  the  inviscid  cross  flow  are  in  the  same 
direction;  whereas  the  boundary  layer  is  more  thick  on  the  side  where 
the  surface  spin  and  inviscid  cross  flow  are  in  opposite  directions. 

The  growth  of  the  boundary  layer  in  the  circumferential  and  longi- 
tudinal directions  is  shown  in  the  plots  of  6*  and  0.  The  plots  of 
the  form  factor,  H,  indicate  little  effect  of  longitudinal  or  cir- 
cumferential station.  The  form  factor  is,  however,  consistently 
greater  for  the  spinning  model. 

i 

4.  PROFILE  CHARACTERIZATION 

An  attempt  has  been  made  to  gain  additional  information  about 
the  characteristics  of  the  measured  velocity  profiles  using  "law  of 
the  wall"  and  "law  of  the  wake"  turbulent  boundary  layer  concepts. 

The  procedure  used  is  based  on  the  method  proposed  in  Reference  9 
where  a least  square  fitting  technique  is  employed  to  determine 
certain  profile  parameters.  The  form  of  the  assumed  profile  is  based 
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on  the  work  of  Cole's^^  in  incompressible  flow  in  which  the  boundary 
layer  is  found  to  have  a wall  region  in  which  the  velocity  is  depen- 
dent on  a velocity  scale,  us>  and  a length  scale  Vw/u_.  and  a wake 
region  which  is  also  dependent  on  u^  but  the  length  scale  is  a 
boundary  layer  thickness,  6 . The  following  functional  relationship 
was  used  in  the  data  reduction: 

~ 2 

u/ug  = ln(usy/vw)  + cg  + 27^  sin  (ny/26,.)  (1) 

law  of  the  wall  law  of  the  wake 

I 

Compressibility  effects  are  accounted  for,  at  least  approximately, 
using  the  results  of  the  Prandtl-Van  Driest  mixing  length  analysis 
in  which  the  compressible  flow  velocity,  u,  is  transformed  into  an 
equivalent  incompressible  form  through 


which  is  evaluated  numerically  from  the  measured  Mach  number  profiles 
and  assuming:  (a)  constant  pressure  across  the  boundary  layer,  (b) 

perfect  gas  equation  of  state,  (c)  adiabatic  relationship  between 
Mach  number,  total  and  static  temperature  and  (d)  the  Crocco  tempera- 
ture-velocity equation: 

CW  / (Tte-Tw>  = Bfu/uJ  + (1-3)  (u/uJ2  (3) 


6 = (T  -T  ) / (T  -T  ) 
aw  w v te  w 


In  liquation  (1)  there  are  four  parameters;  u^ , Cg , tt  and  6^ 

which  are  determined  so  as  to  minimize  the  rms  deviation  between  the 
profile  measurements  and  the  analytical  curve.  It  should  be  noted 
that  the  form  of  the  "law  of  the  wall"  used  here  is  not  valid  in  the 
laminar  sublayer  region  near  the  wall.  Data  close  to  the  wall  which 
systematically  deviate  from  the  semi logrithmic  relation  are  omitted 
from  the  fitting  procedure.  The  equation  is  also  not  valid  when  the 
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velocity  becomes  uniform  at  the  edge  of  the  boundary  layer.  Only 
data  corresponding  to  y values  less  than  <$  are  used  in  the  curve 
fitting,  where  6 is  defined  as  the  value  of  y at  which  the  derivative 
of  equation  (1)  (du/dy)  is  zero.  The  boundary  layer  thickness  <$ 
is  typically  ten  percent  larger  than  6 . 

The  more  conventional  form  of  Equation  (1),  for  example  as 
used  by  Coles  , is  related  to  Equation  (1)  when 

us  = ut/k  (4) 

where  k = Prandtl's  mixing  length  constant 

u = wall  shear  velocity  = /r  /p 

T W W 

As  a consequence  the  usual  constant  in  the  logrithmic  wall  law  is 
related  to  Cg  by 

Cs  = Ck  + In  k (5) 

The  change  in  definition  of  these  two  parameters  is  desirable  for 
the  present  purposes  because  k can  not  be  determined  solely  from 
velocity  profile  data  unless  accurate  data  in  the  laminar  sublayer 
is  obtained.  However,  if  k is  assumed  known  (k~.4  approximately) 
then  Equation  (4)  may  be  used  to  determine  the  wall  shear  stress. 

Equation  (1)  is  found  to  adequately  describe  a wide  range  of 
two-dimensional  turbulent  boundary  layer  measurements  except,  of 
course,  in  the  laminar  sublayer.  Most  two-dimensional  profiles  can 
be  represented  in  this  way  with  a root-mean-square  deviation  of  less 
than  +.03  in  u/u  . This  corresponds  to  about  +_.  3 percent  of  the 
maximum  flow  velocity  at  the  edge  of  the  boundary  layer  which  is 
approximately  the  error  expected  in  the  transducers  used  for  the 
pressure  measurements.  The  fit  of  the  three-dimensional  boundary 
layers  considered  here  was  typically  the  same  with  the  maximum  rms 
deviation  of  .09.  figure  10  illustrates  the  quality  of  the  fit 
obtained  with  the  present  data.  The  figure  shows  the  variation  of 
the  velocity  profiles  with  azimuthal  position  for  the  most  rearward 
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station  (6  calibers  from  the  nose)  on  the  non-spinning  model.  The 
thickening  of  the  boundary  layer  on  the  leeward  side  (180°)  is  evident 
as  well  as  a significant  increase  in  the  size  of  the  wake  region  of 
the  profile.  The  profiles  obtained  on  the  spinning  model  at  10,000  RPM 
are  essentially  the  same  as  for  the  non-spinning  case. 

5.  AZIMUTHAL  DISTRIBUTION  OF  PROFILE  PARAMETERS 

In  Figure  11  the  wake  region  profile  parameter,  tt  , is  shown 

plotted  against  azimuthal  position  for  the  most  rearward  station 

(X/D=6) . The  maximum  velocity  increase  relative  to  the  logrithmic 

law  is  proportional  to  tt^  and  the  leeward  side  (180°)  is  more  than 

twice  that  on  the  windward  side  (0°).  The  level  on  the  windward  side 

[ 12  ] 

is  comparable  with  the  accepted  incompressible  value  of  tt^  = .55 

for  zero  pressure  gradient  flow.  A survey  of  compressible  flow, 

[91 

zero  pressure  gradient  data  indicated  a value  of  tt^  = .81  but  the 
data  base  included  a number  of  surveys  taken  on  wind  tunnel  nozzle 
walls  and  these  contain  significant  history  effects  which  cause  the 
value  of  tt^  to  vary  with  facility  Mach  number^1'^.  Thus  the  value  of 
tt  on  the  windward  side  of  the  model  is  essentially  that  of  a zero 
pressure  gradient,  two  dimensional  boundary  layer.  On  the  leeward 
side  tts  is  more  characteristic  of  an  adverse  pressure  gradient 
situation.  In  addition  to  the  variation  of  TTg  with  azimuthal  angle, 
there  is  also  a small  but  consistent  effect  of  spin.  At  10,000  RPM 
the  curves  are  slightly  displaced  in  the  direction  of  rotation. 

Figure  12  shows  the  strong  variation  of  the  wall  region 

parameter,  Cs , with  azimuthal  position.  The  general  level  of  Cs 

on  the  leeward  side  is  approximately  1.0  which  is  quite  close  to  the 

incompressible  zero  pressure  gradient  value  of  1.16  (C  = 5.5, 

k = 0.4).  On  the  windward  side  C is  over  three  times  larger.  Zero 

S (9) 

pressure  gradient  data  from  a number  of  sources  indicate  a 
mean  value  of  1.8  from  both  flat  plate  and  nozzle  wall  results  but 
with  a large  degree  of  scatter  which  may  indicate  that  history 
effects  are  important.  These  results  as  well  as  those  for  tts  show 
that  the  character  of  the  turbulent  boundary  layer  on  the  leeward 
side  between  120°  to  240°  is  quite  different  from  that  on  the  windward 
side  of  the  model. 
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SUMMARY 


5 . 

An  experimental  effort  has  been  described  in  which  measurements 
of  the  three-dimensional  turbulent  boundary  layer  and  wall  static 
pressure  distribution  have  been  obtained  for  a yawed,  spinning  slender 
body  of  revolution  in  supersonic  flow.  The  measurements  provide  a 
unique  set  of  flow  field  data  for  comparison  with  theoretical  computa- 
tions of  boundary  layer  development  and  inviscid  flow  fields. 

Several  observations  made  upon  examination  of  these  data  are  listed 
below. 

(a)  A spin  rate  of  10,000  RPM  has  only  a slight  effect  on 
the  measured  boundary  layer  profile  characteristics  for  the  tripped 
turbulent  boundary  layer. 

(b)  The  circumferential  velocity  component  experiences  a 
favorable  pressure  gradient  from  the  wind  to  the  lee-side  at  forward 
positions  on  the  model;  but  the  pressure  gradient  changes  from 

, favorable  to  adverse  at  rearward  stations  as  the  lee-side  is 

I 

approached. 

(c)  A least  square  curve  fitting  technique  has  been  used  to 
characterize  the  measured  velocity  profiles  in  terms  of  four  parameters 
which  are  related  to  the  "law  of  the  wall"  and  "law  of  the  wake" 
regions  of  a turbulent  boundary  layer.  The  wake  parameter,  n^,  and 
the  wall  parameter,  f , show  strong  variation  around  the  model 
associated  with  the  effects  of  angle  of  attack.  One  effect  of  spin 
rate  is  found  to  be  a shift  in  the  wake  profile  parameter  distribution 

< 

in  the  direction  of  spin. 

! 

| 
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NOTE:  ALL  DIMENSIONS  IN  CALIBERS 
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Figure  3.  Velocity  Profiles  versus  Azimuthal  Position. 


1 Position.  (Z/D  = 4.5) 


Figure  5.  Velocity  Profiles  versus  Azimuthal  Position  (Z/D  = 6.0) 
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Figure  6.  Surface  Static  Pressure  Distribution 
(Non-spinning  Model) 
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Figure  7.  Integral  Boundary  Layer  Parameters 
(Z/D  = 3). 
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Figure  8.  Integral  Boundary  Layer  Parameters 
(Z/D  = 4.5). 


493 


CONFIG  3 

6 f-  M = 3,  a = 4° 
Z/D  s 6 


H 5 


O 0 RPM 
10,000  RPM 


5" <5^  cf ~°““0~~cr'cr 


4 

.08  i- 

.06  U 


0,cm 


.04 

.02, 

0 


P' 


o-'°' d- 
✓ \ 

✓ \ 


ox 


r_-o 


—O' 


jo' 


to. 


0~'0--0 


AZIMUTHAL  POSITION,  <f> 

► INVISCID  CROSSFLOW 

SURFACE  SPIN 


Figure  9.  Integral  Boundary  Layer  Parameters 
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Figure  10.  Velocity  Profiles  in  Law-of-the  Wall 
Coordinates  (Z/D  = 6.0,  w = 0.0). 
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Figure  11.  Wake  Region  Parameter,  tts>  versus 
Azimuthal  Position. 
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Figure  12.  Wall  Region  Parameter,  C , versus 
Azimuthal  Position. 
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ABSTRACT 

Highlights  are  presented  of  some  of  the  work  in  numerical  fluid 
dynamics  which  has  recently  been  completed  at  the  David  W.  Taylor  Naval 
Ship  Research  and  Development  Center  (DTNSRDC) . This  work  involves  the 
development  of  new  numerical  and  computer  techniques  for  solving  both 
viscous  and  inviscid  fluid  flow  problems  which  are  pertinent  to  the  research 
goals  of  this  Data  Exchange  Agreement.  References  are  also  made  to  some 
of  the  related  work  being  done  under  contract  for  the  Center.  The  topics 
discussed  include  free  surface  potential  tlow,  viscous  and  interacting 
flows,  and  fluid-structure  interactions.  Combinations  of  spectral,  finite- 
difference,  and  finite-element  methods  are  employed  in  the  numerical 
approaches.  Applications  of  these  methods  to  the  performance  analysis  of 
air-cushion  vehicles,  conventional  ships,  rotating  plates,  and  circulation- 
controlled  airfoils  are  briefly  discussed. 

1.  Introduction 

This  paper  highlights  some  of  the  work  in  numerical  fluid  dynamics 
which  has  recently  been  completed  and  is  being  further  developed  at  the 
DTNSRDC.  As  the  name  of  the  Center  indicates,  our  research  is  directed 
toward  the  analysis  and  solution  of  ship  performance  problems  and  the 
design  of  improved  naval  ships.  The  word  "ship"  is  used  in  the  broadest 
sense  to  encompass  not  only  conventional  designs  but  also  advanced -concept 
vehicles  such  as  hydrofoil  craft,  twin-hull  configurations,  and  surface- 
effect  ships.  Thus,  ship  hydrodynamics  problems  form  a large  part  of  our 
numerical  work  in  fluid  dynamics.  However,  many  important  problems 
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involving  the  aerodynamic  properties  of  higher-speed  surface  ships,  air- 
cushion  vehicles,  and  carrier-based  aircraft  must  also  be  solved. 
Fortunately,  from  the  numerical  point  of  view,  techniques  developed  to 
solve  aerodynamic  problems  can  often  be  applied  to  hydrodynamics  problems, 
and  conversely.  It  is  the  aim  of  this  paper  to  call  attention  to  recently 
developed  numerical  methods  and  computer  techniques  which  can  be  further 
exploited  to  solve  diverse  problems  pertinent  to  the  research  goals  of  this 
Data  Exchange  Agreement. 

The  areas  of  research  to  be  discussed  in  the  following  sections  are 
potential  flow  with  free  surface  conditions,  viscous -inviscid  interacting 
flows,  viscous  flows  based  on  the  full  Navier-Stokes  equations,  and  fluid- 
structure  interactions. 

2.  Free  Surface  Potential  Flow 

The  problem  of  computing  the  non-lifting  potential  flow  past  an 
arbitrary  three-dimensional  body  has  been  solved  by  the  source-sink  method 
of  Hess  and  Smith  [1],  developed  under  contract  for  DTNSRDC.  This  method 
is  regularly  used  in  the  process  of  solving  aerodynamic  and  hydrodynamic 
problems  at  the  Center,  especially  the  improved  programs  developed  by 
Dawson  [2]  and  Dawson  and  Dean  [3]  known  as  the  XYZ  Potential  Flow  Program 
with  various  options.  These  improved  programs  compute  on-body  streamlines 
for  input  to  boundary  layer  programs,  use  a more  accurate  source  calcula- 
tion which  reduces  leakage  for  internal  flows,  and  provide  special  input - 
checking  for  accurate  definition  and  paneling  of  the  body  surface.  However, 
these  popular  methods  can  not  handle  potential  flow  problems  with  a free 
surface,  such  as  the  wave  motion  at  an  air-sea  interface.  Since  naval 
ships  operate  in,  slightly  above,  or  below  this  interface,  methods  for 
solving  potential  flow  problems  with  free  surface  conditions  are  important. 

In  the  past  few  years  various  methods,  both  analytical  and  numerical,  for 
solving  these  problems  in  two  and  three  spatial  dimensions  have  been  inves- 
tigated under  the  Center ' s<  Numerical  Ship  Hydrodynamics  Program.  The  forth- 
coming Proceedings  of  the  First  International  Conference  on  Numerical  Ship 
Hydrodynamics,  sponsored  by  DrNSRDC  in  October  1975,  will  contain  many 
papers  on  this  subject.  Two  of  these  investigations,  on  the  moving  surface 
pressure  distribution  problem  and  the  thin  ship  problem, are  sunmarized  below. 
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a)  Moving  Surface  Pressure  Distribution 

Haussling  and  Van  Eseltine  [4]  have  developed  a combination  of 
finite-difference  and  spectral  (Fourier  series)  methods  to  solve  transient 
potential  flow  problems  with  both  linear  and  nonlinear  free  surface 
conditions.  The  basic  problem  which’ they  solved  is  the  flow  generated  by 
a pressure  disturbance  p(x,z,t)  moving  across  a free  surface  denoted  by 
y = n(x,z,t),  where  t is  time  and  an  (x,y,z) -coordinate  system  is  used. 
Figure  1 illustrates  the  two-dimensional  version  of  the  computational 
region  and  the  boundary  conditions  employed.  The  coordinate  system  moves 
with  the  disturbance.  The  two-dimensional  initial/boundary  value  problem 
in  the  moving  reference  frame  with  nonlinear  free  surface  conditions  is 
written  in  the  form 
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where  <t>(x,y,t)  is  the  velocity  potential  and  subscripts  x,  y,  and  t 
denote  differentiation  with  respect  to  these  independent  variables.  The 
dimensionless  parameters  are  the  Froude  number  Fr  = U/ (g  L) , based  on  the 
length  of  the  pressure  disturbance  L,  and  6 = P/p  gL,  where  U is  the  speed 
of  the  disturbance,  g is  the  gravitational  acceleration,  p is  the  constant 
density  of  the  fluid,  and  P is  the  maximum  surface  pressure.  The 
pressure  disturbance  may  be  arbitrarily  specified.  Haussling  and 
Van  Eseltine  evaluated  both  a spectral  method  and  a finite-difference 
method  for  solving  the  Laplace  equation.  For  the  time -advancement  they 
used  an  over-all  marching  scheme  which  coupled  the  solution  of  the  Laplace 
equation  with  numerical  approximations  to  the  time -dependent  free-surface 
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Figure  1.  The  Two-dimensional  Computational  Region  for  the 
Moving  Surface  Pressure  Distribution  Problem. 
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boundary  conditions.  For  solving  three-dimensional  problems,  the  free 
surface  conditions  given  by  Equations  (2)  and  (3)  were  linearized  and 
replaced  by  the  following  expressions  which  are  valid  for  small  wave  slopes 
only 


r).  = -Uq  + ij> 
t x yy 

1 6 at  y = 0 

♦t = 'u*x ' rrn  * rrp 
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Based  on  the  favorable  results  obtained  and  the  experience  gained  with 
these  approaches,  a three-dimensional  computer  program  known  as  ACVWAVES 
has  been  developed  by  Haussling  and  Van  Eseltine  [5]  to  calculate  the 
unsteady  hydrodynamic  characteristics  of  an  air-cushion  vehicle  (ACV)  or 
surface-effect  ship  (SES) . This  program  uses  Fourier  series  expansions  to 
compute  the  wave  resistance,  side  force,  yawing  moment,  total  power,  and 
wave  elevations  associated  with  vehicles  moving  on  arbitrary  trajectories 
over  calm  or  disturbed  seas.  Computer -generated  pictures  of  the  waves 


502 


obtained  by  this  program  are  shown  in  Figure  2.  In  this  calculation  the 
ACV,  which  appears  as  the  small  square  in  each  frame  of  the  figure,  is 
represented  by  the  following  pressure  distribution 

!sin^(nx*)  sin^(irz*)  05x*^l  and  0*z*^l 

0 otherwise 

where  a right-handed  (x,y,z)  coordinate  system  is  used,  and  (x*,z*)  denotes 
the  coordinates  moving  with  the  ACV.  The  results,  as  stated  by  the 
authors  in  [5],  indicate  that  their  scheme  provides  an  efficient  means  for 
analyzing  ACV  hydrodynamics.  By  use  of  a theory  which  relates  an  arbi- 
trary pressure  distribution  to  the  surface  elevation  and  the  motions  of  the 
ACV,  the  pressure  distribution  could  be  adjusted  realistically  as  the  ship 
maneuvers . 

b)  Thin  Ship  Problems 

Another  approach  to  solving  transient  three-dimensional  potential 
free  surface  flow  problems  has  been  developed  by  Ohring  [6]  and  applied  to 
conventional  "thin"  ships.  This  work  makes  use  of  a very  fast  finite- 
difference  scheme  for  solving  the  Laplace  equation  which  is  an  outgrowth 
of  earlier  research  in  viscous  fluid  flow  by  Lugt  and  Ohring,  who  studied 
the  efficiency  of  various  methods  for  constructing  solutions  of  the 
Navier-Stokes  equations  [7],  Using  a fourth-order  difference  operator  and 
thin  ship  theory,  Ohring  computed  the  time -dependent  three-dimensional 
potential  flow  around  a thin  ship  with  linearized  free  surface  conditions. 
The  direct  method  for  solving  the  system  of  difference  equations  is  a 
modified  diagonal  decomposition  technique  which  makes  use  of  the  fast 
Fourier  transform.  Ohring' s paper  [6]  gives  details  of  this  scheme  and 
the  results  obtained.  Three-dimensional  wave  patterns  generated  in  a 
channel  by  Ohring 's  THINSHIP  computer  program  are  shown  from  an  aerial 
viewpoint  in  Figure  3.  The  time  T=3  indicates  that  the  ship  has  moved 
upstream  a distance  equal  to  three  times  the  length  of  the  ship.  The 
region  of  computation,  which  extends  farther  downstream  than  shown  in  the 
figure,  is  represented  by  129  grid  points  along  the  length  of  the  channel, 
17  points  across  half  the  channel  width,  and  64  points  from  the  water 
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Figure  2.  Wave  Elevations  at  Four  Successive  Times  Generated 
by  an  ACV  Moving  Over  a Disturbed  Area.  Negative  values 
(depressions)  are  represented  by  broken  lines. 
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surface  to  the  bottom  of  the  channel.  This  extensive  calculation  required 
less  than  five  minutes  of  computer  time  on  the  CDC  6600,  and  the  results 
compare  favorably  with  patterns  generated  by  ship  model  experiments. 
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Figure  3.  Aerial  View  of  3-D  Waves  Generated  by  a 
Thin  Ship  at  Time  T = 3.0. 
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3.  Viscous  and  Interacting  Flows 


In  addition  to  the  established  methods  of  applying  potential  flow  and 
boundary  layer  theory  to  compute  viscosity-dependent  aerodynamic  or  hydro- 
dynamic  characteristics  of  naval  vehicles,  more  accurate  methods  which 
provide  flow  details  are  needed  for  certain  types  of  new  design  problems. 
Drag  reduction  requirements  for  higher  speed  helicopters,  vertical  or 
short  takeoff  and  landing  (V/STOL)  aircraft,  as  well  as  for  faster  ships 
and  submarines  have  made  it  necessary  to  obtain  improved  computer  programs, 
including  programs  for  automatically  generating  detailed  geometric  models 
of  actual  hardware  configurations  and  the  associated  numerical  mesh  for 
the  flow  field. 

At  DTNSRDC  methods  and  programs  are  being  developed  or  obtained  under 
contract  for  calculating  viscous  flow  properties  about  arbitrary  three- 
dimensional  or  axisymmetric  bodies  based  on  improved  potential  flow  and 
boundary  layer  techniques,  and  for  two-dimensional  bodies  using  the  full 
Navier-Stokes  equations.  The  more  recent  work  done  at  the  Douglas  Aircraft 
Company  by  Hess  [8]  for  improving  potential  flow  calculations  and  by 
Cebeci  [9]  for  performing  three-dimensional  boundary  layer  analyses  are 
contributing  to  these  new  developments.  In  addition,  viscous -inviscid 
interacting  transonic  flows  over  airfoils  have  been  studied  theoretically 
at  DTNSRDC  by  Tai  [10],  [11]  and  numerically  under  contract  by  Dvorak  [12]. 
This  numerical  work  combines  potential  flow  and  boundary  layer  methods  in 
an  iterative  procedure  which  calculates  interactions  between  the  viscous 
and  inviscid  regions  and  results  in  the  prediction  of  viscosity  dependent 
aerodynamic  forces.  However,  even  these  improved  methods  based  on 
boundary  layer  theory  cannot  solve  classes  of  problems  involving  separated 
flow  regions. 

As  discussed  at  the  last  DEA  meeting  [13],  in  order  to  compute  the 
detailed  behavior  of  viscous  flow  development  and  vortex  shedding, 
including  the  variation  in  drag,  lift,  and  moment  coefficients  with  time, 
accurate  solutions  of  the  full  Navier-Stokes  equations  are  required.  For 
this  reason  fully  viscous  flows  past  two-dimensional  bodies  at  an  angle 
of  attack  have  been  studied  at  the  Center  by  Lugt  and  Haussling  [14]  who 
developed  techniques  for  obtaining  numerical  solutions  of  the  Navier- 
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Stokes  equations.  The  comparison  of  various  numerical  methods  for 
solving  these  equations  which  was  carried  out  by  Lugt  and  Ohring  [7]  led 
these  authors  to  solve  the  difficult  problem  of  flow  past  rotating 
plates  [15].  In  the  following  paragraphs,  recent  progress  in  two  of  these 
areas  of  research  will  be  described;  namely,  interacting  flows  over 
circulation-controlled  airfoils  and  viscous  flows  past  rotating  cylinders. 

a)  Viscous -Inviscid  Interacting  Flows  over  Circulation-Controlled 
Airfoils 

An  example  of  the  need  for  improved  numerical  methods  for 
solving  viscous- inviscid  interacting  flows  is  the  detailed  design  of  the 
V/STOL  X-wing  aircraft,  an  artists  conception  of  which  is  shown  in 
Figure  4.  As  described  by  one  of  its  designers,  Robert  M.  Williams  [16], 
this  new  aircraft  concept,  now  under  development  at  DTNSRDC  and  Lockheed 
Aircraft  Corporation,  will  operate  either  as  a rotary  wing  high-speed 
helicopter  or  as  a fixed-wing  aircraft.  The  boundary  layer  over  the  air- 
foils is  controlled  by  using  the  concept  known  as  reverse  velocity  blowing 
in  which  a thin  jet  of  air  is  ejected  tangentially  over  the  rounded 
trailing  edge  of  the  airfoil.  This  jet  suppresses  boundary  layer  separa- 
tion and  permits  the  positioning  of  the  rear  stagnation  point  to  optimize 
lift.  As  pointed  out  by  Williams  [16],  the  technology  base  for  the  X-wing 
concept  has  been  derived  from  about  six  years  of  related  circulation 
control  rotor  research  at  the  Center  and  earlier  studies  in  the  United 
Kingdom  and  the  United  States. 

In  order  to  perform  successful  circulation  control  analysis  for 
the  X-wing  aircraft,  accurate  numerical  methods  which  can  take  into 
account  the  effects  of  airfoil  curvature  and  separation  are  required  in 
addition  to  wind  tunnel  experiments.  The  work  of  Dvorak  [12]  and  his 
colleagues  has  led  to  a procedure  for  calculating  viscous/potential  flow 
interaction  analysis  which  is  a useful  numerical  tool.  Other  numerical 
approaches  are  under  development  at  the  Center  for  improving  the  aero- 
dynamic analysis  of  aircraft  equipped  with  circulation-controlled 
airfoils. 
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Figure  4.  The  Circulation  Control  X-wing  V/STOL  Aircraft  Concept 

b ) kotat  i ng  F.  1 1 iptic  (,'y  1 indcrs  in  a Viscous  Fluid 

Numerical  solutions  of  laminar  flow  fields  around  rotating 
elliptic  cylinders  in  a fluid  at  rest  or  in  a parallel  stream  have  been 
obtained  by  Lugt  and  Ohring  and  preliminary  results  have  been  published 
(15).  These  authors  constructed  solutions  of  the  stream  funct ion-vort icity 
formulation  of  the  Navier-Stokes  equations  using  the  DuFort -Frankel  scheme 
for  the  vorticity  equation  and  the  Hockney  direct  method  for  the  Poisson 
equation.  In  their  recently  completed  paper  [17]  the  transient  period 
from  the  abrupt  start  of  the  rotation  to  a later  time  is  investigated  by 
calculating  streamlines  and  equivorticity  lines  as  well  as  the  drag,  lift 
and  moment  coefficients.  For  purely  rotating  cylinders  oscillatory 
behavior  is  observed  and  explained  by  these  authors.  Bodies  rotating  in  a 
parallel  stream  arc  studied  for  two  cases:  (l)  when  the  vortex  developing 

at  tlie  retreating  edge  of  the  thin  ellipse  appears  on  the  upstream  side  of 
the  edge  and  (2)  when  it  appears  on  the  downstream  side  of  the  edge.  The 
cylinder  is  assumed  to  be  infinitely  long  so  that  a two-dimensional 
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formulation  in  elliptical  coordinates  (n,0)  may  be  used.  For  the  body 
rotating  in  a parallel  flow,  the  dimensionless  Navier-Stokes  equations  are 
written 
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V2*  = u,  (9) 

where  u>  is  the  vorticity,  v is  the  stream  function,  t is  the  time,  v2  is 
the  Laplacian  operator,  and  Re  = 2 a U/v  is  the  Reynolds  number  in  which  a 
is  the  focal  length  of  the  ellipse,  U is  the  free  stream  velocity,  and  v 
is  the  kinematical  viscosity.  The  boundary  conditions  are: 

On  the  surface  of  the  ellipse  n = i|*=0  and  3ij//3n  = 0 

In  the  outer  flow  field  n = n : c-  = cos(0-t/Ro) 

oo  n dt) 

K f?T  = sin(9't/Ro) 

+ j^-Ccosh  n sinh  n) 

where  a(t)  = t/Ro  is  the  angle  of  attack  and  Ro  = U/fla  is  the  Rossby 
number  with  n the  angular  velocity  of  the  tip  of  the  ellipse. 

The  above  problem  was  solved  numerically  on  a grid  of  97  x 96  points. 
The  choice  of  reference  frames  and  the  details  of  the  numerical  results 
are  presented  by  Lugt  and  Ohring  [17].  One  of  the  computer-plotted 
pictures  of  the  streamlines  and  vorticity  lines  included  in  this  reference, 
obtained  for  the  case  Re  = 200  and  Ro  = 0.5,  is  shown  in  Figure  5.  In 
this  figure  the  coordinate  reference  frame  is  fixed  to  the  body  with 
regard  to  translation,  but  the  body  rotates  relative  to  this  reference 
frame.  This  time  sequence  occurred  during  the  fourth  revolution  of  the 
body.  Such  pictures  are  useful  for  analyzing  the  complex  flow  fields 
generated  by  the  interference  of  the  plate  with  the  shed  vortices  as  the 
plate  continues  to  rotate.  The  computer  program,  ROTAPLATE,  developed  by 
Lugt  and  Ohring  to  perform  these  sophisticated  calculations  requires  less 
than  an  hour  of  computing  time  on  an  IBM  360-91  for  each  complete  revolu- 
tion. Such  speed  was  made  possible  only  by  the  use  of  the  fast  direct 
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Figure  5.  A Time-Sequence  of  Streamlines  and  I.ines  of  Constant  Vor- 
ticity  for  an  Elliptical  Cylinder  Rotating  in  a Parallel  Stream 
with  Re  - 200  and  Ro  - 0.5.  The  angle  of  attack  a is  indicated 
for  the  various  time  values. 
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Poisson  solver  based  on  Hockney's  method.  This  program  is  therefore  a 
powerful  computational  tool  for  investigating  the  phenomenon  of  autoro- 
tation and  for  calculating  aerodynamic  noise. 


4.  Fluid-Structure  Interactions 


The  flow  problems  discussed  in  the  foregoing  sections  were  formulated 
under  the  assumption  that  the  solid  bodies  remain  undeformed  by  the 
actions  of  the  surrounding  fluid.  There  are  many  types  of  problems  in 
which  interactions  between  the  fluid  and  the  solid  body  must  be  taken  into 
account.  Those  of  naval  importance  include,  for  example,  flow- induced 
vibrations,  ship  silencing,  and  shock  response  of  ships  and  other 
structures.  At  the  Center  efforts  are  underway  to  develop  improved  formu- 
lations and  solutions  of  fluid-structure  interaction  problems.  Progress 
can  already  be  cited  in  the  dynamic  analysis  of  submerged  structures. 

A method  which  uses  standard  versions  of  NASTRAN  [18],  [19],  [20]  for 
the  calculations  has  been  developed  by  Everstine  and  others  [21]  , [22]  for 
determining  the  transient  response  of  a ring -stiffened  cylinder  to  an 
underwater  nuclear  blast.  A finite-element  approach  is  used  to  model  the 
cylinder  in  an  acoustic  medium  which  is  assumed  to  be  initially  stationary. 
The  fluid  is  assumed  to  be  compressible  and  inviscid,  with  the  pressure  p 
satisfying  the  wave  equation 
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The  boundary  conditions  at  the  fluid-structure  interface  may  be  specified 
by 
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3n 
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where  n is  the  outward  normal  from  the  solid  at  the  fluid-solid  interface, 
p is  the  fluid  mass  density,  and  un  is  the  normal  component  of  the 
displacement.  At  rigid  walls,  equation  (11)  reduces  to  (3p/3n)  =0.  At  a 
free  surface,  in  the  absence  of  waves,  the  boundary  condition  is  given  by 
p = 0.  In  the  above  notation,  t is  the  time  and  V2  the  Laplace  operator. 

In  this  particular  formulation  the  fluid  effects  can  be  treated  using 
an  approximation  which  mathematically  uncouples  the  structural  response 
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from  the  fluid  in  the  sense  that  the  fluid  pressure  at  the  fluid-solid 
interface  is  determined  only  from  the  motion  of  the  solid  surface. 

References  [21]  and  [22]  provide  the  details  of  the  numerical  calculations. 
Figure  6 illustrates  a time-sequence  of  the  results  obtained  with  the 
decoupling  approximation.  In  this  figure  the  shock  wave  from  the  nuclear 
blast  is  moving  from  the  top  of  the  page  downward  past  the  circular 
cylinder.  Each  rectangle  after  time  t = 0.0  sec  shows  the  effect  of  the 
blast  on  the  rigid-body  displacement  and  the  elastic  deformation  of  the 
cylinder  at  an  instant  in  time.  The  displacements  are  scaled  by  a factor 
of  about  2500.  The  real  time  modeled  in  this  calculation  was  5 milli- 
seconds which  required  about  45  minutes  of  computer  time  on  the  CDC  6600. 

With  the  advancements  being  made  in  both  finite-element  and  finite- 
difference  techniques  for  solving  fluid  flow  and  structural  analysis 
problems,  improved  methods  for  the  study  of  fluid-solid  interactions  are 
being  investigated.  It  is  anticipated  that  this  rather  new  area  of 
research  may  have  some  impact  on  the  future  program  of  this  Data  Exchange 
Agreement . 
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CONCLUDING  REMARKS 


by 

All  rod  Walz 

University  of  Karlsruhe,  Karlsruhe  Germany 

These  two-days  of  very  concentrated  and  "compressed"  Data 
Exchange  Meetings  clearly  displayed  the  fact  that  the  past  year's 
work  was  indeed  a very  successful  one. 

The  tendency  to  support  the  understanding  of  the  complex 
inter-acting  pheonomena  by  numerical  solutions  of  the  3-dimensional 
Navier-btokes  equations  has  dominated  many  papers  presented  by  the 
participants  from  the  United  States  and  the  Federal  Republic  of 
Germany . 

In  addition,  very  successful  and  intense  efforts  have  been 
reported  such  as  exper imen t a 1 and  numerical  studies  with  reference 
to  turbulent  boundary  layers,  transitional  problems,  heat  trans- 
fer, etc. 

In  reflecting  on  the  results  of  this  meeting,  it  can  be 
safely  stated  that  the  efforts  of  all  the  participants  have  con- 
tributed greatly  to  this  data  exchange  program.  The  aim  of  this 
program  is  to  resolve  the  various  thermo -f lui dynamic  characteris- 
tics of  external  and  internal  flow  fields  encountered  at  high  Mach 
number  and  high  Reynolds  number  flight  conditions  of  the  not  too 
distant  future. 
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CONCLUDING  REMARKS 


by 


Anthony  W.  Fiore 

Air  Force  Flight  Dynamics  Laboratory 
Wright -Pat terson  Air  Force  Base,  Ohio 


On  behalf  of  the  United  States  Air  Force  and  the  Flight 
Dynamics  Laboratory,  I would  like  to  thank  everyone  for  contributing 
to  this  data  exchange  program.  The  papers  and  data  presented  by 
scientists  of  both  the  Federal  Republic  of  Germany  and  the  United 
States  will  contribute  greatly  to  the  advancement  of  the  know- 
ledge of  flight  at  high  Mach  numbers  and  Reynolds  numbers. 

Both  the  experimental  and  theoretical  efforts  have  produced 
favorable  results  in  helping  to  explain  some  problems  which  have 
been  technically  obscure  in  the  past.  Needless  to  say,  more  work 
is  required  but  in  a new  direction.  This  new  direction  has  been 
included  in  the  new  statement  of  work  which  I have  recently  sub- 
mitted for  purposes  of  extending  this  DEA  for  a period  of  approx- 
imately five  additional  years.  The  problems  of  interest  in  the 
United  States  reflect  requirements  for  various  new  weapon  systems. 
These  requirements  make  it  necessary  to  continue  the  studies  on 
laminar,  transitional,  and  turbulent  boundary  layers.  The  speed 
range  of  interest  extends  from  subsonic  to  hypersonic  Mach  numbers. 
The  investigations  should  include  both  experimental  and  theoreti- 
cal research;  however,  instead  of  looking  at  2-dimensional  flow 
fields  over  simple  configurations  such  as  a flat  plate,  we  are  now 
putting  the  emphasis  on  3-dimensional  flow  fields  common  to  more 
realistic  configurations.  These  configurations  should  be  wings 
and  wing-body  combinations  representative  of  real  flight  vehicles. 
Some  specific  problems  are  (1)  separated  flow  fields  over  wings 
at  very  high  lift  coefficients,  (2)  boundary  layer  problems  en- 
countered at  supersonic  and  hypersonic  speeds  and  very  high 
Reynolds  numbers  where  shock  wave  interaction  became  pronounced, 
and  (3)  various  methods  of  decreasing  the  surface  shear  stress 
and  total  drag  in  order  to  decrease  fuel  consumption.  1 am  sure 
that  you  can  think  of  other  problem  areas  as  well. 
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With  reference  to  our  next  D.E.A.  meeting,  it  has  been 
decided  that  it  should  be  held  on  28/29  April  1977  in  Gottingen, 
Germany.  In  closing,  I wish  to  thank  everyone  for  coming  to 
Dayton.  In  particular,  I wish  to  thank  our  Germany  colleagues 
for  coming  such  a long  distance  for  this  meeting. 
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